
F

ae

_e

zi_G.CUMENT NO. 63SD801

15 OCTOBER1963

I

_1

._ _3

• ,* i _q: ':

N66LI3407
(ACCESSION NUMBER) (THRU)

-J/d J /
(PAGBS) (CODE)

(NASA CR OR TMX OR AD NUMBER) (CATEG

VOYAGER DESIGN STUDY_?

. - _ _----_ ._ .-.- .

V"/.

_/<:VOLUME Iii,: '_

UBSYSTEM DESIGN, gh_,TlII----_,m°_:•..,_

Y .

0"--"--'* "--'-- NAS/W., -v-.,.- ,,,"_'" Contract

for

,:NAT_IONAtAERON_TICS AND SPACE ADMINISTRATION

..... .... :' ...... ...... N-C, , _,,. , _ :._.;._.... - • _.-: _ .... --_-:_ --,-._. ,,i:

-.:..-:-:;',_,__':,_'_,_:iCE'",OF:SPACE . ES- - .....

WASHINGTON, D.C.

•. _ _! ...... ..'- -X

:: __":':'"'_.......... " _ "l]k"? " .

_. i,)

I

GENERAL _ ELECTRIC,/.fJ__,_DA_4___..
MISSILI kNO SPAC| DIVISION

Valley Forge Space Technology Center

P.O. Box 8555 * Philadelphia 1, Penna.



Section

SECTION I.

• +" - +_#

TABLE OF CONTENTS

Page

1ol

COMMUNICATIONS SUBSYSTEM .......... I-I

Summary of Results .............. • 1-1

1.1.1 General °
1.1.2 + oiCommu iA   S. sy tJm; : : I I......... _ - " ,,}:- 1-20

1.1.3 + Graphical and Tabular Results . . .+ . , . . ::+_ + 1-361.1.4 Tables of Size; Weight, and Power Requirements, _ _++1-49
1.1o5 +':+ C riticai Pr0blemAreaS.... ...... + 1-49

Command and Computer Subsystem 1=55
• • • • • • • • i • • e • • e • • • • •

1.2.1
_1.2.:2

L2. S
1.2.4
1.2.5

Description.., .......................... 1-55

.Modes of Operation + . ...... I-58_
.SubsystemEtemeilts. :::•: ::...:::::. ::. :::. -1-60

Implementation .......................... 1-71
Re liability ............................. 1-73

1.3 Data Processing and Storage Subsystem ................ 1-75

1.3.1
1.3.2
1.3.3
1.3.4
1.3.5

Subsystem Requirements ................... 1-75
Subsystem Operation ...................... 1-75
Data Processing Unit ...................... 1-77
Data Storage Unit ........................ 1-97
Physical Characteristics .................... 1-103

1.4 Deep-Space Transmission Subsystem .................. 1-105

1.4.1
1.4.2

. tation Facility (DSIF) .......................
1.4.3 Subsystem Description ......................
1.4.4 Component Description ......................
1.4. 5 Performance Calculations ....................
1.4. 6 Results . . ...............................

1.5 Relay Transmission Subsystem ......................

151 Scope. . • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • a •

• The Relay ........... t:5.2 :== +'Need FotA Link.:, .++..... ....
, .....

1.5.3 SelectiOn of the Carrier Frequency ..............
1.5.4 Modulation/Detection Schemes ................
1.5.5 Ana!ysis.. : ..............................
1, 5.6 Subsystem Description ......................

1.5.7: Components .............................
1.5.8 : Results , ............. . .................

FunctionalRequirements ................... I-I05

Operational Considerations of the Deep-Space Instrumen-
1-105
1-i06

1-111

1-111

1-118

1-123

1-123
1'123 +
1-123

1-126

1-127
1-131

1-140
1-140

1.6 Communications Techniques ......................... 1-145

1. E. 1
1.6.2
1.6.3
1.6.4

1.6.5

Analog vs Digital Television ................... 1-145
Modulation and Detection ........... , ........ 1-148

Error Control Coding for Voyager Communications... 1-155
Precision Range Rate Measurement with Two-Way

Doppler Tracking ......................... 1-173
Signal Structure ................... 1-182

V



i. 7 Component Selection .............................. 1-185

I. 7. l S-Band Power Amplifier .................... 1-185
i. 7.2 Antennas ............................... 1-189
I. 7.3 Recorders .............................. 1-203
1.7.4 S-Band Transponders ....................... 1-214
I. 7.5 Diplexers and RF Switches ................... 1-217
1.7.6 High-Voltage Power Supply ................... 1-219
I. 7.7 VHF Transmitters for Relay Links .............. 1-220
I.7,_8-VHF_Receivers for RelayLinks ............ • •• 1-226
1.7.9 Command/Data Detectors ......... .......... 1-229

1.8- _ical Operating Sequences - Mars 1969 • . 1"235• • • • • • • • • . • .

I.8.I _.Orbiter TV Sequences ...................... 1-235

1, 8.2 _ Television Operation ....... .......... , ...... --. .... 1-256

1.8.3 Orbiter'Lander Relay LinkOperation - Mars 1969 .... 1-239
: ".,<

vi



TABLE OF CONTENTS

Section Page

2.0 TELEVISION SUBSYSTEM

2.1 Summary ..................................... 2-1

2.I.1 Orbiter Television ......................... 2-1
2.1.2 Lander Television ......................... 2-1

2.1.3 °:ResolutionParameters ..................... 2-1
2.1.4 "Cameras ................................ 2-4

2. 1.5.. ¢_Ucs_...... ,_.................... ., .... _,2-4
2.1.6 Stereo ................................. ,2-4
2.1.7 Artificial Illumination for Venus

2.2 Establishment of Subsystem Requirements .............. 2-4

2: 2.1_':, tnfo_rmation_C_nte_t .:, ........ • ........... • ......
2.2.2 Terrain Coverage ........................ 2-5
2.2.3 Data Reduction ............................ 2-6

2.3 Analysis ..................................... 2-7

2.3.1
2.3.2
2.3.3
2.3.4
2.3.5

Optics ................................ 2-7
Sensors ................................ 2-12
Camera Electronics ....................... 2-16
Stereo Calculations 2-16

• • • • • * • • • ° • • • • • • • • * ° • • •

Flash Illumination on Surface of Venus ........... 2-19

2.4 Results ....................................... 2-20

2.5 Critical Problem Areas ........................... 2-22

2.5.1
2.5.2
2.5.3

Vidicon Sterilization ........................ 2-25
Image Orthicon Tube Development ............. 2-25
Image Orthicon Camera Development ............ 2-25

2.6 References ........ .:.. .... ,. ..... ....... ,....... 2-25

2.7 Appendices .................................... 2-27

C
vii



TABLE OF CONTENTS
Page

3. RADAR ...................... 3-1

3. i Summary ................... 3-1

3. i. 1 Terrain Mapping ..............
3. i. 2 Radar Surface Sounder ............
3. i. 3 Radiometer ......... .......

3. I. 4 , Indspheric Sounding ............
3. I. 5 OrbRer Radar Altimeter ...........

.............. ......... _..... 3. I._ Lander Radars ......... . ......... .

3° 2

3.3
Introduction ..................

Analysis ....................

3-1
3-2
3-2
3-3
3-3
3-3

3-3
3-4

3.3.1 Terrain Mapping Radars ...... 3-4
3.3.2 Radar to Determine Surface Charac;eristics .• • • • • 3-43

3.3.3 Ionospheric Sounding ............. 3-49
3.3.4 Radiometer Measurements ........... 3-52
3.3.5 Radar Altimeters ............ 3-55

3.4 Results and Conclusions .............. 3-58

3.4. 1 Terrain Mapping ............. 3-58
3.4.2 Radar Surface Sounder ............ 3-59

3.4.3 Ionospheric Sounder ............. 3-60
3° 4.4 Radiometer ................ 3-60

3.4.5 Venus 1970 Orbiter Radar Altimeter _ ..... 3-60
3o4.6 Radar Equipment for Mars-Venus Entry Vehicles . . . 3-60

3.5 Critical Problem Areas ............... 3-61

viii



SECTION 4. GUIDANCE AND CONTROL 4-1

4.1 Introduction ....................................... 4- i

4.2 Summary ......................................... 4-3

4.3 Approach to the Study ................................. 4-6

Guidan ce .................................. 4 -6

Control ................................... 4-6

4.4 Guidance Analysis ................................... 4-8

4.4.1

4.4.2

4.4.3

4.4.4

4.4.5

Trajectory .................................. 4-9

Approach Guidance Error Analysis .................. 4-9
The Terminal Problem .......................... 4-16

Orbit Plane Precession ......................... 4-51

Approach Guidance Implementation .................. 4-51

4.5 Attitude Control ..................................... 4-65

4.5.1

4.5.2

4.5.3

4.5.4

4°5.5

Summary ................................... 4-65

Subsystem Requirements ........................ 4-65
Attitude Control Subsystem ...................... 4-66

Subsystem Design Rationale ...................... 4-77
Supporting Analyses ............................ 4-87

4.6 Voyager Lander High Gain Antenna Control Subsystem ........... 4-96

Introduction ................................. 4-96

Implementation ............................... 4-98

4.7 Alternatives ....................................... 4-99

4.7.1

4.7.2

4.7.3
4.7.4

4.7.5
3.7.6

General .................................... 4-99

Canopus Vs Earth Sensing for Cehicle Attitude Reference . . . 4-99

Vehicle Config_aration ........................... 4-99

On-Board Computation .......................... 4-105

Nonconventional Gyros ......................... 4-106

PHP Cable Unwinding ........................... 4-107

4.8 Bibliography ....................................... 4-108
4.9 Appendices ....................................... 4-109

ix



SECTION 5. PROPULSION

5.1 Introduction .....................................

5.2 Summary .......................................

5.2.1

5.2.2

5.2.3

Orbiter Propulsion Summary ....................

Lnnder Propulsion Summary ....................

Attitude Control Propulsion Summary ..............

5.3 Orbiter Propulsion .................................

5.3.1

5.3.2

5.3.3

5.3.4

5.3.5

Selected System Summary - Mars 1969 .............

System Type Selection .........................

Use of Dual-Purpose System ....................
Propellmlt Selection ..........................

System Design and Optimization ..................

5.4 Lander Propulsion .................................

5.5 Attitude Control Propulsion ...........................

5.5.1 Requirements ..............................
5.5.2 Cold Gas - Gaseous Stored .....................

5.5.3 Cold Gas - Liquid Stored .......................
5.5.4 Cold Gas - Solid Stored .......................

5.5.5 Hot Gas ..................................

5.5.6 Cap Pistol .................................
5.5.7 Electric Propulsion ..........................

5.5.8 Choice of System ............................

5.5.9 Components ...............................

5-1

5-1

5-1

5-3

5-4

5-4

5-7

5-8

5-8

5-8

5-8

5-58

5-58

5-58

5-61
5-68

5-71

5-74

5-74
5-75

5-75

5-77



SECTION 6.

6.1

6.2

6.3

6.4

6.5

6.6

6.7

6.8

TABLE OF CONTENTS

POWER SUPPLY .................................

Summary .......................................

6.1.1

6.1.2
6.1.3

6.1.4

6.1.5
6.1.6

Major Conclusions ...........................
Problem Areas .............................

Orbiter Power Supply .........................

Mars Lander Power Supply ......................

Isotope Availability ...........................

Isotope Thermionic Generator Design Studies .........

Scope of Study ....................................

Approach .......................................

6.3.1

6.3.2

6.3.3

Selection Criteria ...........................

Preliminary Selection .........................
Final Selection ..............................

Preliminary System Selection ..........................

6.4.1
6.4.2

6.4.3

Introduction ...............................

Tabulation of Performance Data ..................

System Trade Offs ...........................

Basic Studies .....................................

6.5.1

6.5.2

6.5.3

6.5.4

6°5.5

Purpose ..................................

Concentrated Photovoltaics ......................

Radioisotope Thermionics ......................

Isotope Thermoelectric ........................

Solar Thermionics ...........................

Final Selection - Recommended and Alternate Systems .........

6.6.1

6°6.2

6.6.3

6.6.4

Orbiters .................................

Mars Lander ...............................

Venus Lander ...............................

Rechargeable Batteries ........................

Performance of Recommended Power Supplies ..............

6.7.1

6.7.2
6.7°3

6°7.4

Introduction ................................

Solar Array Parameters .......................
Nickel Cadmium Batteries ......................

Silver Zinc Batteries .........................

Mission Analysis .................................

6.8.1

6.8.2
6.8.3

6.8.4
6.8.5

6.8.6
6°8.7

6.8.8

Introduction ...............................
Mars 1969 Orbiter ...........................
Mars 1971 Orbiter and 1973 Back-Up Orbiter .........

Mars 1973 Orbiter and 1975 Back-Up Orbiter .........
Mars 1975 Bus ..............................
Mars 1969 Lander ...........................

Mars I_anders after 1969 .......................

Venus Landers .............................

6-1

6-1

6-1

6-1
6-3

6-5

6-9
6-10

6-15

6-16

6-16

6-16
6-19

6-20

6-20

6-20

6-20

6-34

6-34

6-34

6-53
6-78

6-85

6-104

6-104
6-106

6-106

6-107

6-108

6-i08

6-i08

6-111

6-113

6-115

6-115

6-115

6-115

6-115

6-116

6-116

6-117
6-117

xi



6.9 Recommendations for Future Effort ..................... 6-117

6.10

6.9.1
6°9.2
6°9°3
6.9.4
6°9.5

Earth Safety and Planet Contamination Ground Rules .... 6-117
RTG Failure Mode Analysis - Mars Lander .......... 6-117
Alternative RTG Design Concepts for Mars Lander ..... 6-118
Isotope Thermionic and Thermoelectric Studies ....... 6o118
Isotope Availability .......................... 6 - 118

References ..................................... 6-118

xii



Figure

1oio1-1

1o1.1-2

1olol-3

1olol-4

1ol. 2-1

1.1.2-2

1olo2-3

1.1.2-4

1.1o2-5

1.1o2-6

1o1o2-7

1oi.2-8

1ol.3-1

1olo3-2

lolo3-3

1.1o3-4

1.1.3-5

1.1o3-6

1.1o3-7

1o2o1-1

1o2.3-1

lo2.3-2

1o3.2-1

1.3o2-2

1o3o3-1

1.3o3-2

1o3o3-3

1.3o3-4

io3_3-5

1o3o3-6

1o3o3-7

1.3o3-8

1o3o3-9

Io3o4-1

1.3.4-2

1.3o4-3

1o3o4-4

1.3o4-5

I_3.4-6

Io3.4-7

1o4.3-1

1o4o3-2

1.4°3-3

1o5o5-1

1o5o5-2

1o5o5-3

LIST OF ILLUSTRATIONS

Mars 1969 and 1971 Communication Links ........
Mars 1973 and 1975 Communication Links ........

Venus 1970 Communication Links ...........

Venus 1972 Communication Links ..........

Mars 1969 and 1971 Orbiter Communications Subsystem o o .
Mars 1969 and 1971 Lander Communications Subsystem o o

Mars 1973 and I975 Orbiter Commm_ications Subsystem o . °

Mars 1973 and 1975 Lander Communications Subsystem . o o

Venus 1970 Orbiter Communications Subsystem ......
Venus 1970 Lander Communications Subsystem .....

Venus 1972 Orbiter Communications Subsystem ......

Venus 1972 Lander Communications Subsystem ......
Data Transmission Rates (Mars 1969 and 1971) ......
Data Transmission Rates (Mars 1973 and 1975) ......

Data Transmission Rates (Venus 1970) .........

Data Transmission Rates (Venus 1972) .........
Data Rate in Orbit (Mars 1969 and 1971) .........

Data Rate vs t_ange (Venus 1970 and 1972) Missions .....

Lander-to-Orbiter Data Rate During Mars Lander Descent (AII
Mars Missions) ................

Block Diagram, Command and Computer System .....
Power Conversion and Control Unit ........

Sequence Timer Unit ..............
Data Processing and Storage Subsystem, Mars 1969 Orbiter o .

Data Processing and Storage Subsystem, Mars 1969 Lander .
Basic Frame Format ..............

Data Multiplexer, General Block Diagram ........
Pseudo Noise and Error Control Encoder, Orbiter and Lander
Data Processor Detailed Block Diagram Orbiter Unit ....

Mode Selector, Orbiter and Landers ..........
Pseudo Noise/Manchester Code Error Correction Group Gen-

eratoro ...................

Analog Gate Grouping Methods ............
Bit and Word Generator Self Healing Logic ........

Data Plots Assuming One Converter Failure and Majority

Logic Used ..................

Spacecraft Video Digital Memory System ........

Thermoplastic Plate Format ............
TPR Plate Transfer Device .............

Phase Modulated Lateral Recording .........

Data Recording Technique and Sweep Waveforms ......

Playback Spot Position vs Time ...........
Recording Turn-Around Detail ............

Orbiter Deep Space Transmission Subsystem .......
Mars 1969 and 1971 Lander Deep Space Transmission Sub-

system ...................
Mars 1973 and 1975 Lander Deep Space Transmission Sub-

systclii ...................

Free Slack AttemLation vs Orbiter Altitude ........

Variation in Antenna Gain With Angle From Centerline of Beam °
Transmitter Powel Required Per Kilobit Per Second of Data

During" 1Fars Lander Descent ............

Page

1-5

1-6
1-7

1-8

1-21
1-26

1-29

1-31

1-33
1-37

1-39

1-41
1-42

1-43

1-44

1-45
1-46

1-47

1-48

1-56

1-63
1-69

1-76

1-78

1-80
1-81

1-83
1-87

1-88

1-89

1-91
1-93

1-95

1-98

1-100

1-101
1-102

1-102
1 -104

1-104

1-107

1-109

I-ii0
1-130

1-132

1-133

xiii



Figure

1.5.5-4

1.5.5-5
1,5.6-1
1.5.6-2

1.5.6-3
1.5.6-4
1.5.6-5
1,5.6-6
1.5.6-7
1.5.8-1

1.5.8-2
1.5,8-3
1.6.2-1

1.6.2-4

1.6.2-5

1.6.2-6
1.6.3-i
1.6.3-2

1.6.3-3
1.6.3-4
1.6.3-5
1.6.3-6
1.6.3-7
1o6.3-8
1.6.4-1

1o6o5-1

1.7.2-1
1.7.2-2

1.7.2-3
1.7.2-4

1.7.2-5
1.7.2-6

1o7.2-7

1.7.2-8

LIST OF ILLUSTRATIONS (Cont'd)

Transmitter Power Required Per Kilobit Per Second of Data

During Mars Orbit .......
Transmitter Power Required Per Kilobit Per Second of Data..

Mars 1969 and 1971 Orbiter Relay Transmission Subsystem .
Mars 1969 and 1971 and Venus 1972 Lander Relay Trans-

mission Subsystem ..............
Mars 1973 and 1975 Orbiter Relay Transmission Subsystem . :

Mars 1973 and 1975 Lander Relay Transmission Subsystem . o

Venus 1970 Orbiter Relay Transmission Subsystem .....
Venus 1970 Lander Relay Transmission Subsystem .....

Venus 1972 Orbiter Relay Transmission Subsystem ....
Lander-to-Orbiter Data Rate During Mars Lander Descent -

All Mars Missions ...............
Data Rate in Orbit Mars 1969 and 1971 ........
Data Rate vs Range-Venus 1970 and 1977. Missions

o o • • •

Signal Power Received at DSIF Ground Station vs Spacecraft
Transmitter Power .........

Probability of Bit Error for Ideal PCM/PSI( (£ 90 °)

Signal Power Required at DSIF Ground Station vs Data Rate for

Digital Modulation Systems (Zero Margin) .......

Total R-F Received Power Requirements as Determined by

Data, Peak Phase Deviation, and Carrier (Zero Margin). .

Typical Graphs of Data Rate vs Transmitter Power for Digital
Modulation Systems ............

Performance at Low Data" Rates Through .toni Antenna o . .

Typical Data Link with Error Control Coding .......

Reduction of Power Requirements Through Error Control
Coding ...................

Encoding Subsystem ...............
(73, 45) Encoder ................
Encoder Timer .................

Timing ....................

Decoding Subsystem ...............

(73, 45) Decoder. ................

Two-Way Doppler Tracking System Simplified Functional
Block Diagram .................

Frequency Measuring Unit Simplified Block Diagram ....

RMS Range Rate Error (A 31 ) due to Coherent Oscillator In-
stability ...... -.............

RMS Range Rate Error (A _) due to Receiver Thermal Noise .

RMS Range Rate Error (a.:_B_ due to Quantization Interval in

Cycle Counting ................
Command Signal Structure .............

Alternative Design for High-Gain Antenna (Array of 49 Helices).

S-Band Orbiter Low Gain Antenna Array ........
Turnstile Antenna (S-Band Split Balun Feed) .......
Turnstile Antemla Over a Ground Plane (Two Different Turn-

stile Iteights) .................
Pattern of Antennas of Figure 1.7.2-2 .........

Orbiter VHF Crossed Yogi ...........
Arrangement of Helices in Array (Mars 1971, 1973, & 1975

Landers) ...................
Individual Helix Element ..............

Page

1-134

1-135

1-136

1-138

1-138
1-139

1-139
1-139

1-141

1-142

1-143

1-144

1-150

1-152

1-154

1-156

1-157

1-158
1-160

1-165
1-166

1-167
1-168

1-170

1-171
1-172

1-175

1-176

1-178

1-180

1-181
1-183

1-191

1-194

1-195

1-196

1-197
1-199

1-201

1-201

xiv



LIST OF ILLUSTRATIONS (Cont'd)

Figure

1.7.2-9 Microstrip Feed Network .............
1.7.2-10 Mars Lander Low-Gain S-Band Antenna. ........

1.7.2-11 S-Band Turnstile Pattern .............
1.7.2-12 Lander Turnstile Antenna ..........
1.7.2-13 Lander "Transmission Line" Antenna" .........

1°7.2-14 hmtallation on Lander ............ _ _ .
1.7.3-1 Cross Section of Thermoplastic Film. .........

1.7.3-2 Force on Surface Charger .............

1.7.3-3 Deformation After Developing ......

1.7.3-4 Principle of Electron Beam Readout . iE:l ct onB m . . .
1.7.3-5 Arrangement of Multiplier Collectors f, e r ea Read-

out. . • . ° • o • o • . o • o • • o o o .

i°7.4-1 Modified STL Receiver . . . ° ..........

i. 7• 4-2 Transponder-Transmitter Portion ...........

I. 7.5-1 S-Band Diplexer .................
1.7.6-1 Electrostatically Focused Klystron ..........

1• 7.6-2 Orbiter High Voltage Power Supply ..........

i. 7.6-3 Lander High Voltage Power Supply ..........
i• 7• 7-1 VHF Phase Modulated Transmitter ..........

i. 7.7-2 Oscillator Schematic ...............
I. 7.7-3 Phase Modulator • • _ • • a a o • o • . • a

1.7.8-I VHF Pre-Amplifier and Command/Telemetry Receiver . . .

i. 7.9-1 Construction of Modulating Waveform Utilizing 7-Bit PN

Sequence ...................

1.7° 9-2 Command/Data Detector Functional Block Diagram .....

1° 8.2-1 Television and TPR Interconnection ........
2.3.1-1 P ocal Lengths of Lenses vs Resolution, "Vidicon and Image

Orthicon ...................

2° 3° I-2 Relative Aperture vs Resolution ...........
2.3.1-3 Maximum Exposure Time VSo Resolution ........
2.3.1-4 Field of View vs Resolution ............

2o 3. _-x_I Equivalent Circuit ................

2° 3.4-1 Geometric Relationships, Camera to Objective ......

2° 3.4-2 B/H Factor Geometry ..............
2.4-1 Television Subsystem Block Diagram ..........

C1 Solar Flux at the Average Distance of Mar's Orbit .....

C2 D x for a Sun Zenith Angle of 0° ...........
C3 DX for a Sun Zenith Angle of 88 ° 48' ..........

3.3.1-1 Sample Side-looking Radar Strip Map with Coordinate Grid and
Point Elevation Data ...............

3.3.1-2 Comparison of Aerial Photograph and Side Looking Radar

Image of the Same Area ..............
3.3.1-3 Required Reflection Coefficient vs Altitude ........

3.3.1-4 Graph of Radar System Weight vs Antenna Diameter .....

3° 3° 1-5 Equipment in Vehicle ...............

3° 3. I-6 Processing on Ground ...............
3.3. I-7 Shift Register Data Processor and Weighted Shift Register

Chain ....................

3.3.1-8 Display Roster-Single Pulse Map ...........

3°3o 1-9 Geometry for UlffOcused Synthetic Antenna ......

3.3° i-i0 Azimuth Resolution as a Function of Range for Three Types of
Radars ...................

3.3o I-Ii Minimum Antemm Area for Ambiguity Avoidance vs Altitude . °

Page

1-202

1-202

1-204
1-205

1-206

1-206
1-210

1-210

1-210
1-212

1-212
1-215

1-216
1-218

1-218

1-221

1-222
1-223

1-224

1-224
1-227

1-230
1-231

1-238

2-9

2-11

2-15

2-36

2-38

2-41

2-42

2-46

2-53

2-60

3-5

3-6

3-11
3-16

3-20
3-21

3-23

3-25

3-31

3-34

3-35

XV



LIST OF ILLUSTRATIONS (Cont'd)

Figure

3.3o 1-12 Resolution vs Average Radiated Power .........
3.3.1-13 Backscattering Coefficient vs Altitude .........
3.3.1-14 Resolution vs Altitude ............
3.3.2-1 Radar Sounding of the Planetary Surface°at Different Aspects. .
3.3.2-2 Surface Sounder Data Handling ............
3.3.3-1 Ionogram ...................

Page

3-37

3-38
3-40
3-45
3-48
3-50

xvi



Figure

4.4.1-1
4.4.1-2

4.4.2-1

4.4.2.2

4.4.3-1
4.4.3-2

4.4.3-3
4.4.3-4

4.4.3-5

4.4.3-6

4.4.3-7

4.4.3-8

4.4.3-9
4.4.3-10

4.4.3-11

4.4.3.12
4.4.3-13

4.4.3-14

4.4.3-15

4.4.3-16

4.4.3-17

4.4.3-18

4.4.3-19

4.4.3-20

4.4.3-21
4.4.4-1

4.4.5-1

4.4.5-2

4.4.5-3
4.5.3-1

4.5.3-2

LIST OF ILLUSTRATIONS (Cont'd)

Mars Type II Trajectory Projected Into Ecliptic Plane .
Earth-Vehicle-Sun Angle Vs. Time From Launch 1969 Type

II Mars Trajectory .....

Mars Trajectory Determination DSIF Plus Line-of-Sight
Observations ........

Venus Trajectory Determination DSIF Plus Line-of-Sight
Observations .......

Lander Separation Geometry .........
Landing Site Aiming Points ..........

Lander Separation and Entry ...........

Entry Latitude (0e) Vs the Normal Velocity Increment (VN) for
Various Tangential Velocity Increments .........

Flight Path Angle (7) Vs the Normal Velocity Increment (V N) for
Various Tangential Velocity Increments .........

Time and Down Range Travel From 106 Feet of Altitude to

Mach 2, and Altitude at Mach 2 Vs Entry Path Angle At
106 Feet of Altitude ................

Time (T) From Separation to 106 Feet Altitude Vs the Normal

Velocity Increment (VN) For Various Tangential Velocity
Increments ...................

Time From Entry At 106 Feet of Altitude to Initiation of Chute

Deployment Vs Entry Path At 106 Feet of Altitude ......

Mars Entry (Descent Time To Impact Vs Entry Path Angle)

Mars Entry (Altitude Vs Final Descent Time, After Main
Chute Deployment .................

Time From Perifocus Vs True Anomaly For Mars Hyperbolic
Approved Trajectory ................

Lander Flight Path .................
Apofocus Altitude Variation Due to Perifocus Errors and Retro

Magnitude Errors .................
Impulsive Velocity Increment Needed to Achieve a 1 x 19

Orbit About Mars .................

Gravity Loss Vs Thrust-To-Final-Weight Ratio For Various

Velocities at Infinity ................

Effect of Control Mode on Gravity Loss During Injection Into A
1000 nm Circular Orbit About Mars ............

Mars 1969 Separation ...........

Sensitivity Coefficient _T Relating Change In Flight Time
a_ V

to Change In Velocity, Vs Range From Mars.

?T
Sensitivity Coefficient _V , Relating Change In Flight Time

To Change In Velocity, Vs Range From Venus

Propulsion Loss Vs Separation Range From Mars

Propulsion Loss Vs Separation Range From Venus
Nodal Regression Vs Inclination Angle
Probable Error Vs Number of Stars in the Field .

Approach TV Picture .....

Logic Diagram
 A.itu eControl o

Voyager Guidance and Control Block Diagram).
Voyager Guidance and Control (Earth Tracker and Antelma

Drive Block Diagram) .....

Page

4-10

4-Ii

4-14

4-15

4-17

4-18

4-19

4-28

4-29

4-30

4-31

4-32

4-33

4-34

4-35

4-38

4-39

4-42

4-43

4-44

4-47

4-49

4-50
4-52

4-53

4-54
4-55

4-60

4-63

4-67

4-68

xvii



Figure

4.5.4-1
4.5.5-1
4.5.5-2
4.5.5-3
4.6.1-1
4.7.3-1
4.7.3-2
4.7.3-3

LIST OFILLUSTRATIONS(Cont'd)

Pitch or YawAutopilot Control .............
ManeuverTime Vs GasConsumption...........
Initial Responseof Autopilot Control to CommandedRate ....
SpringMess Schematic ...............
Lander AntennaTracking Control ............
ConfigurationA ..................
ConfigurationB ..................
ConfigurationC ................

Page

4-85

4-90

4-91

4-92

4-97

4-100

4-101

4-102

xviii



Figure

5.3-1

5.3.5-1

5.3.5-2

5.3.5-3

5°3.5-4

5.3.5-5

5.3.5-6

5.3.5-7

5°3.5-8

5.3.5-9

5.3.5-10

5.3o5-11

5o3.5-12

5.3o5-13

5.3.5-14

5.3o5-15

5.3o5-16

5.3o5-17

5.3.5-18

5.3.5-19

5.3o 5-20

5.3.5-21

5.5.2-1

6ol.3-1

6.1.4-1

6olo5-1

6.1.6-1

6olo6-2

6o4-1

6°4-2

6°4-3
6.5°2-1a

6.5.2-ib

6o5o2-Ic

6.5.2-1d

6.5.2-2

6.5.2-3

6.5.3-1

6°5.3-2

6.5.3-3

LIST OF ILLUSTRATIONS (Cont'd)

Orbiter Propulsion System Schematic ..........

Simplified Pumped System Schematic ...........

Effect of Thrust on Total Firing Duration .........

AV Vs. Thrust at End of Burn .............

Thrust Chamber Length Vs. Thrust Level ....
Ablative/Radiative Skirt Thrust Chamber V_eight "Vs. Thrust

Level ........
Radiative Thr'ust Chamber V<eight "Vs: T'hrust °Level: .....

Regenerative Fuel Cooling Feasibility ..........

Radiative Chamber Wall Temperature .....
Expansion Coefficient Vs. Fabric Orientation }or'Phenolic

Impregnated High Silica Glass ......... _
Thermal Conductivity of Phenolic Impregnated High Silica Glass .

Specific Impulse Vs. Expansion Area Ratio....
Payload Increase VSo Expansion Ratio- Realistic Skirt Weights. o

Payload Increase VSo Expansion Ratio - Conservative Skirt

Weights ....................

Exhaust Plumbing Angle ...............

Payload Increase Vs. Percent Bell ...........

Vacuum Theoretical Specific Impulse Vs. Mixture Ratio ....

Composition of Exhaust Gases ....

Exhaust Plumbing Angle Shift V's. "Mixture Ratio _ i _ i i " "
Condition of Stability Between Acceleration Force a d r ac

Tension ....................

Partial Bellows Tank ................

Orbiter Propulsion System Schematic ........
Cold Gas - Gaseous-Stored Schematic ..........

Orbiter Power Supply Schematic ..........
Radioisotope Thermoelectric Generator - Mars 1969 Lander. . .

Comparison of Isotope Requirements and Availability Estimates. o
Radioisotope Thermionic Generator Design with Helium Volume° .

Radioisotope Thermionic Generator Design Without Helium Void

Volume ................. o.
Weight of Power Supplies for Venus Orbiter, No Energy Storage

Considered ...................

Weight of Power Supplies for Mars Orbiter, No Energy Storage
Considered ...................

Weight of Venus Lander Power Supplies .....
Solar Cell Array and Concentrator (Conical System - I'KW Power

Level) ....................

Solar Cell Array and Concentrator (Conical System - 1 KW Power

Level) ....................

Solar Cell Array and Concentrator (Conical System - 1 KW Power
Level) ....................

Solar Cell Array and Concentrator (Conical System - 1 KW Power

Level) ....................

Solar Cell Array and Concentrator (Inverted Flat Plate System) .

Solar Cell Array and Concentrator (Parabolic) .......

Schematic of Radioisotope Thermionic Generator .......

Radioisotope Thermionic Generator ...........

Development Schedule - Isotope Thermionic Generator for

Voyager ....................

Page

5-5

5-11
5-19

5-21

5-23

5-24
5-24

5-30

5-33

5-36

5-37
5-40

5-41

5-41

5-42
5-43

5-44

5-46

5-47

5-48

5-51
5-53

5-67

6-4

6-6

6-11

6-13

6-14

6-28

6-30

6-32

6-39

6-41

6-43

6-45

6-49

6-51

6-53

6-55

6-61

xix



Figure

6.5.4-1

6.5.5-1

6.5.5-2a

6.5.5-2b

6.5.5-2c

6.5.5-3

6.5.5-4

6.7-1

6.7-2

6.7-3

LIST OF ILLUSTRATIONS (Cont'd)

AEC Availability Estimates for C 244 and Pu 238 ......
Thermionic Converter Design for Radioisotope Thermionic

Generator ...................

Selection Curves for Using an RTG or an RTG With Nickel
Cadmium Batteries for Repetitive Cyclic Loads ......

Solar Thermionic System Schematic ...........

Vehicle Layout for Solar Thermionic Experiment .......

Vehicle Layout for Solar Thermionic Experiment .......

Vehicle Layout for Solar Thermionic Experiment ......
Development Schedule - Solar Thermionic Generator for Voyager .
Solar Thermionic Generator ........

S°lar FlarePr°t°nEnvir°nment i i _ i i " " 'Solar Cell Radiation Degradation ac ors e to ol r Flare

Protons ............ __._
Estimated Charging Efficiency of _4ickel'Cadmium Battery : . .

6-72

6-84

6-86

6-97
6-98

6-99

6-100
6-102

6-110

6-112

6-114

xx



Figure

A-1

A-2a
A-2b

*B-1

B-2
B-3

B-4

B-5

B-6
E-1

E-2
F-1

F-2

G-1
G-2

*G-3
H-1

H-2

H-3

H-4

H-5

H-6

I-1

I-2

I-3

I-4

I-5

I-6

I-7

I-8
I-9

1-13

I-il
1-12

1-13

1-14

1-15

LIST OF ILLUSTRATIONS

Page

Configuration A High Power Efficiency On Near Ecliptic OrbitsOnly • 4-114

Configuration B For Near Ecliptic Orbits ......... 4-115
Configuration B For Near Polar Orbits ........... 4-115

Solar Power Efficiency Vs Orientation .......... 4-117

Geometry ..................... 4-119
Orbit No. I, Orbit Inclination 30 ° ............. 4-120
Orbit No. 2, Orbit Inclination 70 ° ............. 4-121

Orbit No. 3, Orbit Inclination 77.5 ° ............ 4-122

Orbit No. 4, Orbit Inclination 68 ° ............. 4-123

Mars Approach Geometry ............... 4-131

Mars Approach Geometry, Approach Trajectory Plane ...... 4-132

Geometry For In-Plane Landing Sites ........... 4-134
Geometry In-Plane Perpendicular to Trajectory Plane ...... 4-135
Coordinates For Linearized Orbiter Error Analysis ....... 4-138

Angles Used to Define Orbit ............... 4-139
Effects of e (_) ................. 4-144

Effect of the Thrust to Weight Ratio On Gravity Loss During

Injection Into a 1000 nm Circular Orbit About Mars Using

A Gravity Turn .................. 4-159
Effect of the Thrust to Weight Ratio On Gravity Loss During

Injection Into An Ecliptical Orbit About Mars Using a Gravity
Turn ...................... 4-160

Effect of Control Mode On Gravity Loss During Injection Into
A 1000 nm Circular Orbit About Mars ........... 4-161

Sketch of Trajectories ................. 4-162

Effect of the Velocity at Infinity On Gravity Loss During

Injection Into a 1000nm Circular Orbit About Mars

Using a Gravity Turn ............ 4-164
Effect of the Velocity at Infinity On Gravity Losses During

Injection Into An Elliptical Orbit About Mars Using

a Gravity Turn ............ 4-165
Thrust Vector Static Requirement Vs Propellant Ratio Error.
Effect Of Temperature Differential of Propellants On Flow

Rate Ratio And On Residual Propellant (Shown For Two

Different Oxidizers) ...... 4-169
Effect of Tank Pressure Differential . . 4-170

Flow Rate Ratio Vs TV Requirement For Representative

Amplification Factors ......... 4-171

Auxiliary Propellant And Tank Weights For Outrigger Vernier
Nozzle TVC ................. 4-174

Condition of Stability Between Acceleration Force and Surface
Tension .............. 4-175

Comparison of Natural Frequencies of Spherical Tank And

Cylindrical Tank .................. 4-176
Fundamental Mode, Tank Diameter 39.9 Inches ........ 4-178

Spherical Tank Fluid Frequency Parameter ......... 4-179
Spherical Tank Fullness Vs _/ a ............. 4-180

Oscillating Mass Ratio Vs Fluid Height Ratio ......... 4-181

Moment Factor As a Function of Frequency Ratio ....... 4-182
Force Factor Vs Frequency Ratio ............. 4-183

Excitation Amplitude, Xo, Which Sloshing Occurs And Below
Which Oscillation Occurs ............... 4-184

Lander Rigid Body Response to Thrust Vectoring End of Midcourse
Correction Conditions ................ 4-186

xxi



Figure

1-16

1-17
1-18

J-i

J-2

J-3

J-4

J-5

L-I

L-2

L-3

LIST OF ILLUSTRATIONS (Cont'd)

Lander Rigid Body Motions Iu Response to Thrust Vectoring Near

Empty Condition (End of Orbit Injections).

Voyager Assembly Geometry ...........

Oscillating Fluid Amplitude At Wall As Function of Fluid Height

Ratio And Control To Natural Frequency Ratio

Control Loop Block Diagram

Geometry of Vehicle cg Shift

Shift In cg Due to Fuel Oscillations

Shift In cg With Fuel Oscillation Effects•

Shift In cg Without Fuel Oscillation Effects

Atmospheric Density Vs Altitude

G. Schillig's Model II Martian Atmosphere

Relative Photocathode Response Through Martian Atmosphere To

Earth Reflected Sunlight Vs Wavelength

Page

• 4-187

• 4-188

4-189

4-193

4-194

4-196

4-197

4-198

4-205

4-207

• 4-208

xxii



LIST OF TABLES

Table No. Title Page

1.1.1-1

1.1.1-2

1.1.1-3

1.1.1-4

1.1.1-5

1.1.1-6

1.1.1-7

1.1.1-8

1.1.1-9

1.1.1-10

1.1.3-1

1.1.4-1

1.1.4-2

1.2.3-1

1.2.4-1

1.2.4-2

1.3.3-1

1.3o3-2

1.3.3-3

1o3.5-1

1.4,6-2

1.5.2-i

1o5.5-1

1.6o2-1

1.6.3-1

1.6o3-2

1.6o3-3

1.7o4-1

1.7o7-1

1.7o8-1

1.7.9-1

1.8.1-1

1.8ol-2

1.8.2-1

1.8.2-2

2o1-1

2.1-2

2ol-3

2.1-4

2.3.1-1

2.3ol-2

2.3.2-1

2.3.2-2

Mission Characteristics Affecting Communications ...... 1-2
Summary of Communications Subsystem Requirements ..... 1-4

Communication Mode Sequence - Mars 1969 and 1971 ..... 1-9

Communications Mode Sequence - Mars 1973 and 1975 ..... 1-11
Communication Mode Sequence - Venus 1970 ........ 1-13

Communication Mode Sequence - Venus 1972 . .... 1-14
Mars 1969°andSummary of Communication Link Parameters,

1971........ 116
Summary of Communication'Link Parameters} Mar; 1973"and

1975 .................... 1-17

Summary of Communication Link Parameters, Venus 1970 . ° . 1-18
Summary of Communication Link Parameters, Venus 1972 . . . 1-19
Data Rates (Bits/Second) ............... 1-35

Size, Weight, and Power Requirements for Orbiter Communica-

tions Subsystem .......... 1-50
for'Lander 5o municaSize, Weight, and Power Requirements

tions Subsystem ................. 1-52

Typical Vehicle Status Inputs ............. 1-67

Size, Weight and Power for Three Units .......... 1-72
Thin-Film Plated Wire Memory Characteristics ....... 1-73

Failure Analysis for Analog Gates ............ 1-92
Packaging Approach Summary ............. 1- 94

Packaging Approach Summary ........... ° 1-96AdSize, Weight and Power Requirements for Data Processing
Storage Subsystem ............... 1-103

Deep Space Link Performance Calculations. . . . ° . ° . 1-112

Carrier - Lock Range in Millicon of Nautical Miles (Telemetry
Links) .............. 1-120

Carrier- Lock Range in Millions of Nautical Miles iCommand " "

Links) ....... 1 =121
Factors Influencing Choice of I_ander°to'Earth'Communications

Link ..................... 1-124

Significant Parameters for Transmitter Power Calculation ° . 1-128
Deep-Space Communication Link Calculations ........ 1-151
Random-Burst and Random Correction Capabilities ..... 1-163

Data Bit Errors .................. 1-163

Error Control System Parts Count ........... 1-173
Characteristics of Available Transponders ......... 1-214

Operating Characteristics of Power Transistors ....... 1-226
Performance Characteristics of VHF Receivers ....... 1-228

Characteristics of Command/Data Detectors (Mars 1969 and 1971). 1-233

Types of Frames ................ 1-235

Summary of Number of TV Frames per Orbit ........ 1-236

Individual Camera Inputs ............... 1-236

Camera Outputs .................. 1-237

Mars Television Mission ............... 2-2
Venus Television Mission ............ 2-2

Voyager Systems Constraints ............. 2-3

Television Camera Characteristics ........... 2-3

Optical Characteristics ............... 2-9

Television Lens Characteristics for One-Meter Resolution . ° ° 2-12
Vidicon Parameters ................ 2-15

Image Orthicon Parameters .............. 2-15

XXlll



LIST OF TABLES (Cont'd)

Table No. Title Page

2.4-1
2.4-2

A
B

3.3.1-1

3.3.1-2

3.3.1-3

3.3.1-4

3.3.1-5

3.3.1-6

3.3.1-7

3.3.1-8

3.3.1-9

3.3o1-10

3.3.1-11

3.3.1-12
3.3.1-13

3.3.2-1
3.3.2-2

3.3.2-3
3.3.3-1

3.3.5-1

3.3.5-2
3.4.2-1

4.4.1-1
4.4.3-1

4.4.3-2

4.4.3-3

5.3.5-5

5.3.5-6
5.3.5-7

5.5.2-1

5.5.3-1
5.5.8-1

Lens Weights and Sizes ............... 2-22
Television Subsystem Characteristics .......... 2-23

Comparison - Television Vs. Photography ......... 2-30

Photographic Lens Characteristics for One-Meter Ground

Resolution ................... 2-31

Mapping Conditions ................. 3-8
Azimuth Resolution ................. 3-9

Weight and Power for Equal Performance at all Altitudes .... 3-12

Antenna Weight vs. Diameter ............. 3-14
Power Requirement for the SAHARA Radar. 1 NM x 1 NM

Resolution ................... 3-15

Power Requirements for the SAHARA Radar, 2 NM x 2 NM
Resolution ................... 3-15

Total Radar System and Subsystem Weights, Function of Antenna
Diameter for 1 NM x I NM Resolution .......... 3-17

Total Radar System and Subsystem Weights, Function of Antenna
for 2 NM x 2 NM Resolution ............. 3-17

Total Radar System Weight of Recommended System ..... 3-26

Radar System Parameters of Recommended System ...... 3-27

Input-Output Parameters of Recommended System ...... 3-28

Operating Mode Parameters of Recommended System ..... 3-28

Summary of Weight, Volume, and Power Requirements for

Coherent Pulse Doppler System .......... 3-42
Polarization Effects 3-43

Return vs. Aspect Angle ............... 3-44

Estimated (High Frequency) Radar Characteristics ...... 3-47

Estimated Ionospheric Sounder Characteristics ....... 3-52

Mars Altimeter Parameters and Performance ....... 3-56

Mars Altimeter Physical Characteristics ......... 3-56

Characteristics of Radar Sounder - i0 Ft. Antenna ...... 3-60

Various Trajectory Parameters ............ 4-18

Lander Dispersion I0 January 1969 Launch ........ _}-23

Lander Dispersion 9 February 1969 Launch ........ 4-37

Time Margins (Minutes) to Loss of Line-of-Sight for 10 January

1969 Mars Approach ................ 4-39

Calculated Relative Brightness ............ 4-62

Typical Image Orthicon Experimental Sequence . . 4-75

Pressurization Systems Comparison ........... 5-9
Thrust Level Comparison, Ablative Chamber or Ablative/Radiative

Skirt Chamber .................. 5-25

Thrust Level Comparison Radiative Chamber ........ 5-26

System Weight Comparison - Radiative and Ablative/Radiative
Systems ................... 5-32

Chamber Type Selection ............... 5-38

Chamber Pressure Comparison ............ 5-39

Propellant Supply System Comparison .......... 5-50

Gaseous Stored Cold Gas Comparison .......... 5-63

Liquid Stored Cold Gas Comparison ........... 5-69
Attitude Control System Comparison ........... 5-76

xxiv



Table No,

6.1o1-1
6.1.1-2
6ol.3-1
6.1,3-2
6.,1o3-3
6.1o4-1
6.1.6-1
6.3-1
6,3-2
6o4-1
6.5o2-1
6.5.2-2
6o5.2-3

6o5.3-1

6.5.3-2

6.5.3-4
6.5o3-5
6.5.3-6
6.5o4-1
6o5.5-1

6.6-1

LIST OF TABLES (Cont'd)

Title Pag___._2e

Orbiter Power Supply Su,nmary ........... 6-2
Lander Power Supply Summary ........... 6-2
Detailed Solar Array Performance ........... 6-7
Solar Cell Performance Factors ........... 6-8
Solar Array Thermal Factors ............ 6-8
Isotope Thermoelectric Generator Design ......... 6-9
Isotope Thermionic Generator Design .......... 6-12
Systems Considered for Orbiters ............ 6-17
Systems Considered for Landers ,_ , _ _ . 6-18
Performance Data Used in Preliminary System Selection : . : : 6-21
Concentrating Photovoltaic Power Supplies for Mars Orbiter. . . 6-36
Concentrator Comparison ........ . . . . o 6-37
Comparison of Concentrated, Flat Paddle, and V:Ridge Photo-

voltaics .............. ----- 6-38
T_ermionicSchedule for Development of an Orbital Isotope

Experimental Vehicle ............... 6-57
Schedule for Development of a 300-Watt Isotope Thermionic

Power Supply for Voyager .............. 6-63

Radioisotope Requirements for Mars 1969 Mission ...... 6-69
Isotope Thermionic Generator Parameters. • • 6-71
Performance of Modulus Radioisotope Thermionic G'enerators . . 6-73
Consideration of RTG Failure Modes .......... 6-80
Schedule for Development of an Orbital Solar Therm'ionic

Experimental Vehicle ............... 6-89
Performance Comparison of Orbiter Power Supplies .... 6-105

xxv/xxvi



FOREWORD

Early in the Voyager study General Electric recognized that the size and complexity
of the Voyager Program would inevitably require the participation of a broad segment of

industry in the design, development, and manufacture of major components and subsystems.

To permit the GE system study to take advantage of the capabilities of industry and to
ensure that the GE conceptual design incorporated the best ideas and designs available, a

series of briefings were held during the first half of 1963 for a number of companies able

to contribute to the program. Agreements were negotiated with some of these companies
under which General Electric provided information and technical data on the overall

Voyager system, and the individual companies then developed their own ideas for the

design of the component or subsystem of interest to them. All of this associated work
was on a completely unfunded, nonexclusive basis.

Progress meetings were held during the course of the studies to review the sub-

system design and to update the system data on which the designs were based. Each of

the separate subsystem studies submitted is based on a system design which is close to
the final Voyager System recommended by GE, although no attempt was made to aceommo-

date all of the system revisions as they were made.

The Missile and Space Division of General Electric also conducted its own studies

in all subsystem areas and was not dependent on the work of any other company for the
successful completion of its Voyager study. However, the work done by the associated

companies has proved to be of much value and in some instances is reflected in the GE

final report, appropriately attributed to the proper company.

The work reported shows a very strong interest by industry in the Voyager Pro-

gram and is tangible evidence of the detailed design available to substantiate the Voyager

system recommendations.

The following companies have submitted reports, as shown, on their nonexclusive

unfunded studies to General Electric, and five copies of each plus a reproducible has been

submitted to NASA as a part of the General EIectric Co. final report on its Voyager Study:

Aerojet-General Corporation, "Voyager Orbiter Propulsion, .... Voyager

Propulsion Analysis (Lander Portion)"

Barnes Engineering Company, "Approach Guidance Subsystem"

Bell Aerosystems Company, "Voyager Orbiter Propulsion"

Conduction Corporation, "Voyager Radar Subsystem Experiments"

Electromechanical Research, Inc., "Digital Television Subsystem for Project

Voyager"

General Eleclric Company, i,ight Military Electronics Department, "Voyager

Radar grammet ry"

General Electric Company, Light Military Electronics Department, "Voyager
Guidance and Control"

General Precision Incorporate'd, "Study Report of Approach Guidance System

for the Voyager St)acecraft"
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4.1.1

SECTION4. VOYAGERGUIDANCEANDCONTROL

INTRODUCTION

GUIDANCEAND CONTROLCONSTRAINTS ON MISSION AND VEHICLE

In the interplay between subsystems and mission requirements, the capabilities of the

Guidance and Control subsystems, and the costs of achieving the desired capabilities,

become constraints on the design of the mission itself. This applies to system versatility
as well as accuracy. Almost inevitably, key subsystems become more complex as the
vehicle (and the missions it can perform) becomes more flexible.

If guidance accuracy limitations resulted in a requirement to carry the Lander(s) into

orbit before separation, in order to achieve a required highly precise landing or a narrow

entry corridor, then the payload would be reduced by the weight of the propulsion required

to orbit the Lander(s). In some cases the accuracy with which the vehicle can be oriented,
or the residual angular rates may determine the usefulness of certain payload sensors.

Likewise, accuracy considerations may determine the practicality of achieving a landing

spot out of the plane of the approach trajectory; thereby determining the range of
choice of either landing site or orbit plane.

Guidance and control considerations also play an important part in defining the vehicle

configuration. The choice of reference attitude sensors influences the number and
placement of hinges articulating the vehicle, and the appropriate locations of significant

amounts of equipment° High data rate requirements for guidance information help define
the periods of deploying the high gain antenna. Decoupling problems and loop inter-

actions argue against the use of certain physical configurations.

The decision to orient portions of the vehicle to the planet vertical, rather than the entire
body of the vehicle, determines the range of motions required and the boom length in order

to see past portions of the vehicle. On the other hand rotation of the orbiting vehicle
around the vertical to the planet would cause difficulty in obtaining stereo pairs of TV

frames. As another example, the attitude control torquing capability of the Orbiter
determines the attitude disturbances that can be tolerated during separation of the Landers.

Bearing in mind that it is desired to orient continuously to the Earth, Sun and planet, a

reasonable compromise has been achieved between vehicle complexity and mission
flexibility. The same basic vehicle is capable of executing both Mars and -Venus missions

and it is possible to accommodate a change of orbit plane up to or even after the launch.

The analyses in this section are based on the original Mars atmospheric data. As

described more fully in Section i. 2.5G, the thin atmosphere studies have an important

influence on maintaining line of sight from the Orbiter to the Landers, and also on impact

dispersion of the Landers.

4.1.2 CONSTRAINTS ON GUIDANCE AND CONTROL SYSTEMS

In the same way that the guidance and control capabilities and limitations define in part

what the Mission can do, the Mission ,-equirements define what the guidance and control
system must do. To state the obvious, a total failure of the scientific payloads (the only

reason for going), or blackout of the communication links from the Landers, only a week
after arrival (one week of successful operation) would bring a moderate disappointment

that could cheerfully be accepted. On the other hand, failure of the Guidance and Control
Subsystem a week before arrival (6 to 9 months of perfect operation) would result in a

total loss of the mission; Landers as well as Orbiter.
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Therefore, while guidance and control must do what is required_ restraint must be
exercised toward capabilities that are not required. This does not refer to well-placed

redundancy and backup modes of operation, of course, but the system should have a
flavor that suggests the design elegance of a Volkswagen rather than a Cadillac.
Simplicity however must be considered in the large, including functions and operations to
be done as well as component design.

The studies in this section have been carried out with these principles in mind.

The scope of the study includes the following areas:

1. Interplanetary trajectory studies, including development of an error analysis
program to accommodate bias errors in the observations

2. Approach guidance and orbit injection error analysis and velocity increments
required

3. Lander separation sequence, impulse requirements, error analysis, impact
dispersion including out-of-plane landing, post-separation Orbiter-Lander
relationships and line-of-sight requirements including planetary atmospheric
effects

4. Sensitivity of orbit injection to constraints that result in non-optimum
thrusting

5. Post-landing Orbiter-Lander relationships

6. Velocity increment and line-of-sight studies for separation of Lander from
orbit

7. Orbit plane precession

8. Shadow times during orbit

9. Line-of-sight sensor capability, error analysis and feasibility tests

10. Attitude control: references, actuating means, system synthesis and error
analysis

11. Control impulse requirements including solar pressure and gravity gradient
torques, maneuvers and separation disturbances

12. Vehicle articulation and servo drives

13. Thrust vector control system

14. Earth orientation of Mars Lander antenna.
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4.2 SUMMARY

The guidance and control requirements of the Voyager mission can be met using primarily
existing techniques and types of equipment. In a few cases, i. e., the electrostatic
image orthicon tube and camera and the Lunar and Planetary Horizon Sensor, current
development programs are presumed to be successfully concluded by the time the
equipments are needed.

An exception to this may be found in the autopilot. There is no serious question of
ability to accomplish the required performance; it is a matter of the degree of control
system sophistication required to do it. The most obvious problem is the result of the
short distance between the c.g. and the point at which the thrust vector pivots. This
results in a requirement for relatively large motions of the thrust vector, and in ex-
treme cases could require faster response than that readily obtainable from servos
driving a gimballed engine. The result would be a requirement for a larger than custo-
mary hydraulic servo, or for secondary injection for thrust vector control. Prelimi-
nary studies of the frequency response requirements for the thrust vector control
actuation indicate that they can meet within the capability of existing equipments; how-
ever further studies of the disturbance from fuel motions in a vehicle with this configu-
ration will be needed to demonstrate this conclusively.

Voyager could represent the first vehicle to practice interplanetary celestial navigation.
In performing this function as also in other cases, operational simplicity as well as
component simplicity have been considered. Hence, a TV picture of the planet against
the star background, with data reduction on Earth, is favored over planet/star tracker
combinations that would require search and acquisition sequences, and possibly star
identification techniques on board. For a Venus mission special techniques will be
utilized to obtain clear images of both planet and stars, due to the large apparent
brightness range. Several techniques are known, each of which appears capable of
accommodating the brightness range. Further tests are expected to verify this. For
a Mars mission no special techniques are required to see 4th and probably 6th magnitude stars.

Fourth magnitude stars are numerous enough to meet the need. Use of the high-gain
antenna permits the TV frame to be transmitted to Earth without requiring complex
computation or data processing on board. However, bit reduction techniques have been
defined which would permit the use of a medium gain fixed antenna for any vehicle,
such as a separate Lander bus, which has no other need for a high-gain antenna.

With the exception of the readings of line-of-sight to the planet during the approach
phase, both the Guidance and the Control Subsystem bear a strong resemblance to the
Mariner systems. As the block diagram, Figures 4.5.3-1 and 4o 5.3-2 show, the
vehicle is referenced to the Sun and Canopus, with the Earth sensor that controls the
antenna capable of acting as a backup for Canopus. In general, accuracy of +1 ° for the
Attitude Control and the antenna and PHP drives is adequate. However, vehi-cle atti-
tude errors of less than +1/4 ° are readily achievable and have been called out. Greater
accuracy is also possible-for the other drives, without undue difficulty if they should
become appropriate.

Relatively rapid vehicle motions minimize the time during which the vehicle is oriented

away from the sun. A maximum of 6 minutes is required for any maneuver about any
one axis.

There are numerous opportunities for completely redundant control information, e g.
either a Canopus tracker or an Earth sensor can be used as a roll reference. There

is a choice between these sensors and gyros for vehicle attitude reference during all
periods of occultation.

The antenna and PHP are articulated to the vehicle proper using stepping servo drives.
Momentum cancelling techniques are simple to implement and may be desirable in view
of the driven inertia, to prevent vehicle disturbances during slewing or stepping.
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Attitude control of the spacecraft, outside of the rocket firing period, represents a com-
paratively mature technology. The theoretical minimum of required impulse can be

closely approached, with confidence, using derived rate techniques. The resulting

vehicle rates are low enough to avoid customary limit cycling. As a result a single
mode of operation is satisfactory; no advantage would be realized by providing coarseand

fine control modes° The low vehicle rates also avoid the need for flywheels or other

momentum storage devices unless cyclic maneuvers or greater smoothness of camera

pointing are required. Hence an all cold-gas system is recommended. Cyclic torques

experienced in the orbits studied are not large enough to justify the weight of flywheels.

With the atmospheres initially studied, and neglecting surface winds, a desired landing
site can be obtained within less than +- 40 (125 nm) where the landing site is in the plane

of the approach trajectory° For one studied landing site, 32 ° out of the trajectory plane,
the dispersion increases to +-8.0 ° or 250 nm. If the larger rocket, required to execute

this out-of-plane landing,is used for the first (in-plane) case also, the errors for that
case increase to 5.5 ° (173 nm). Lander dispersion is highly insensitive to the range

from the planet at which separation occurs. The figures quoted are for separation at
150,000 nm and include both separation and navigation errors, with Lander total
orientation errors of 3° .

Line-of-sight is maintained between Orbiter and Lander until the Lander reaches the

surface of Mars for all cases studied, if the parachute is not deployed before reaching
30,000 -foot altitude. To accomplish this it is not necessary to retard the Orbiter, or

accelerate the Landers to a greater degree than the separation sequence itself would
produce with the rockets that have been specified for the Landers.

The low atmospheres studied more recently present problems in both Lander dispersion
and line of sight for the Northern landing site, Syrtis Major. For Pandorae Fretum there

is only a small change. This is discussed further in Section 1.2.5G

A requirement for Orbiter retardation after separating the Mars Landers, as an alterna-

tive to delaying parachute deployment or to permit injection burn before perifocus (but

after the Landers land), would entail a moderate propulsion penalty. More important, it

would be a major source of error in perifocus altitude and it would add another sequence
of maneuvers to a list we would prefer to shorten. On the other hand, Orbiter retarda-

tion may be appropriate for Venus.

Conservative assumptions are favored in analysis of guidance accuracy. The adequacy

of a vehicle and mission being defined now should not be contingent on a future success-

ful Mars fly-by. In addition, it is possible that gas leaks and unbalanced couples for
the attitude control as well as uncertainties in solar radiation pressure can cause tra-

jectory perturbations large enough to cause difficulty in determining the trajectory to

an accuracy consistent with the accuracy of the DSIF tracking input.

Accordingly, there is a non-trivial probability that readings of line-of-sight to the
planet during approach will be required in order to achieve both the desired altitude

from the planet at perifocus and landing site accuracy.

With conservative assumptions, the desired orbit perifocaI altitude of 1000 + 100 nm

is pos_ibie. One approach correction after taking the first line-of-sight data (at
2 x 10 nm) is probable_ Additional sightings thereafter will give the necessary inputs

to adjust the injection IXV in order to minimize the resulting orbit period error. Orbit

injection is relatively insensitive to injection parameters other than _ V. Holding a
constant attitude during rocket firing, or delay of ignition until perifocus, cause _ 1%

gravity loss. The effect of thrust to weight ratio is shown in Figure 4.4.3-15.
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The systemsdescribed in somerespectsdonot represent sharp optima. Alternative
approachesmayhaveequalmerit underslightly different assumptions. Although
analysis showsthat the desiredperformance is obtainablewith the techniquesdescribed,
advancedevelopmentandtest is highly dt:;irable in certain areas suchas the TV
camera/tl_ansmission/dataextraction sequencefor approachline-of-sight information.

Severalareas havebeenidentified whichwarrant further study:

a) possible Orbiter disturbancesassociatedwith Lander separation (atpresent
consideredto be minimal).

b) autopilot operation during operation of the main rocket, including path angle

control, in the presence of fuel motions.

c) the possibility of designing the spacecraft so that it can utilize passive means

of stabilization during the major portion of the transit period where the
requirement for accurate vehicle attitude can be relaxed.

As might be expected, there are instances where vehicle mechanical simplification results

in considerable complication in the control system. A reasonable tradeoff has been

reached in such instances. The result is a vehicle with great flexibility in accommodating
different missions or orbits, without causing unduly complex control loops. (For a

specific mission it may be possible to simplify the spacecrMt with no reduction in
capability).

A simple means has been defined for orienting the high gain antenna on each Lander to

the Earth. With a simple initial orientation plus occasional updating, which can be
accomplished by command, the antenna will be directed to the Earth for a minimum of

1/2 hour per day, which is the maximum time per day for which there is power to

utilize this antenna. This system requires minimal sensors to operate on the surface
of Mars. At the absolute minimum all that is needed is initial functioning of a sun sen-

sor and detection of the presence of an RF signal from Earth when the antenna scan is
directed toward Earth in a simple slow conical scan.

As has been suggested above, performance of the Guidance and Control Subsystem has

been defined at levels which appear to be fully adequate to meet the requirement, using

simple and proven techniques to the fullest extent. Higher performance in most cases
can be readily obtained whenever it is desirable. Where the cost (particularly in relia-
bility) of such upgrading is inconsequential it should be provided so as to provide the

maximum tolerance of degradation either there or elsewhere.

Otherwise, upgrading should be confined to the instances where the need justifies it if

there is even a minor attrition of reliability. The philosophy behind each of the studies
is indicated at the beginning el the re,spective paragraphs.

As mission capabilities increase, highly accurate low orbits or narrow entry corridors
may beeoine a requirement. To accomplish these d)lanet tracking may be required beyond

the point where information can be sent to Earth for computation and commands sent back.

This situation would present the first definite requirement for on-board computation.

When the Electrostatic Gyro becomes available it will make possible significant operational

advantages. Even before the ultimate anticipaled accuracy is attained, the elimination of

gyro torquing, and the absence of stops that limit the allowable transient motions of the
vehicle would strut)lily the c0ntrol system design. To some degree the same sort of

benefits would accrue to the vibrating string gyro.

The detailed studies on which these conclusions are based are discussed in the following
sections.
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4.3 APPROACH

4.3.1 GUIDANC E

The guidance problem is largely an analytical problem. The basic Mariner H system is

capable of executing all the functions required for Voyager guidance, with the exception of
obtaining line-of-sight readings from the vicinity of the planet and feeding them into the

trajectory determination computation. (It was concluded early that line-of-sight readings
were at least as useful and probably more easily obtainable than radar or semipassive

radar range and/or angle information).

The areas of study included Trajectories, Orbit Injection, Lander Dispersion, Line-of-
Sight Requirements, and a significant effort in deriving a means of treating bias errors
due to either model errors or sensors.

The means of obtaining line-of-sight readings to the planet was studied in depth.

The results of the studies show performance capabilities of the system and also provide

definition of some of the essential parameters that enter into mission tradeoffs.

In this section are also included other studies which are of interest primarily to other

subsystems, such as range and angle between Orbiter and Landers, etc.

4.3.2 CONTROL

The Control Subsystem was studied extensively in terms of component requirements and

implementation alternatives. With a wealth of background in spacecraft control, it is
possible to tradeoff the various system alternatives to a high degree of refinement, with
the assurance that the analyzed performance can in fact be obtained and the inferred

optima are real.

The exception here is the Autopilot loop, in which the vehicle proportions and tank shape
and location combine to give a dynamic response problem that differs significantly from
launch vehicles and other spacecraft to date. This is the subject of a separate investiga-

tion which is discussed in Paragraphs 4.5.4E and 4.5.5F.

Following an early decision to orient the vehicle proper to the Sun and Can.pus, several

vehicle configurations were analyzed from the standpoint of control problems in order to

select the preferred means of articulating the high gain antenna and the PHP. This
analysis is found in Paragraph 4.7.3.

Subsequent studies (discussed in Items A and B of the Appendix, Paragraph 4.8) have
identified a class of planet-oriented vehicles with fewer hinge motions required. These
have not altered the earlier choice because of the following considerations:

i. Depending on the orbit inclination it may be necessary to relocate the solar

paddle and drive for a change in mission, in order to avoid significant loss

in solar power efficiency.

2. All sides of the vehicle are exposed to the Sun, increasing the thermal con-

trol problem.

. The vehicle rotates about the planet vertical with an oscillating motion each

orbit. Unless this motion is removed, yaw orientation of TV mapping pic-
tures is difficult since the motion cannot be sensed and it varies with time.

Because of this yaw rotation, fixed cameras cannot look fore and aft along

the same ground track. Thus stereo pairs are possible only at inflexible
times.
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Becauseof thesefactors this type of vehicle lends itself to certain specific missions
rather than to a continuingprogram like Voyager.

Onepoint of interest; this modeof operationcanbeadoptedby the chosenvehicle, by
freezing two drive motionsandtransferring sensors to control different axesof motion.
Thusan additionalbackupmodeof operationis possible in the eventof certain failures.

Theprimary departure from the original configuration is the reduction from three to
two axesof freedom for the PHP. This reduction is notdetrimental for the orbits con-
sidered for the specifiedVoyagermissions.

With a non-rotating vehicle, continuousorientation of the PHPto the planetbrings a
requirement for carrying R-F signals acrossone continuouslyrotating joint. Although
slip rings are consideredadequatefrom the standpointof wear they were rejected for the
following reasons:

i. The large number of circuits involvedandthe mechanicalproblems associ-
ated with that manyslip rings.

2. The possibility of brush noisewhich could interfere with reception of com-
mandsfrom Earth.

As discussedin greater detail in Paragraph4o7.6, rotation of the PHPheadaboutthe
planetvertical at somepoint during the orbit removes the accumulatedcable wind-up
without losing sight of the planet. This approachhasbeenselected.
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4.4 GUIDANCE ANALYSIS

4.4. I TRAJECTORY

A typical trajectory was generated for the Mars 1969 opportunity by means of an N-body
numerical integration program (Item 1 in the Bibliography, Paragraph 4.8.) The attract-

ing bodies were Earth, Sun and Mars. This was a Type II trajectory with a January 20th

launch date and a 260-day trip time. Trial initial conditions for such a trajectory were
obtained from the JPL Heliocentric Conic Program. The first run with the N-body pro-

gram produced a 150, 000-mile miss. The initial conditions were then differentially cor-

rected to give a trajectory passing Mars at an altitude of 1000 miles and inclined to the
Mars equator by about 65o. Table 4.4.1-1 lists various parameters of the trajectory and

compares these with the corresponding quantity from the Heliocentric Conic Program.

TABLE 4. 4. 1-1o VARIOUS TRAJECTORY PARAMETERS

Launch Date

Trip Time

Launch Velocity

Declination of Launch Point

Right Ascension of
Launch Point

Radius of Launch Point

Hyperbolic Excess Velocity

Declination of Hyperbolic
asymptote

Right Ascension of
Hyperbolic asymptote

Semi-major axis

Hello- Eccentricity
centric

Inciination

Hyperbolic Approach

Velocity

Declination of Approach
Asymptote

Right Ascension of
Approach Asymptote

JPL CONIC
PROGRAM

0o 0 hours

Jan. 20, 1959

260.0 days

11.6121 KM/sec

-26. 865 °

118. 650 °

6571.62 KM

3. 6779 KM/sec

15. 164 °

258.776 °

1. 1775 AU

0. 17474

4 . 113 °

3. 832 KM/sec

-42.768 °

227.881 °

N-BODY
PROGRAM

0o0 hours

Jan. 20, 1969

259.63 days

11. 6216 KM/sec

-26. 865 °

118. 650 °

6571.62 KM

3o 7071 KM/sec

15. 232 °

258.911 °

1. 1773 AU

0.17492

4 .073 °

3. 824 KM/sec

-42o 757 °

227.914 °
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Figure 4.4.1-1 showsthe orbits of Earth andMars andthe projection of the trajectory
onthe exliptic plane in a heliocentric coordinatesystem. Figure 4.4.1-2 showsthe
time history of the Earth-Vehicle-Sunangle.

4.4o2 APPROACH GUIDANCE ERROR ANALYSIS

A. Introduction

The accuracy requirements on the navigation and guidance system are dictated by the

following mission requirements:

(I) In order for the Lander to achieve a successful landing, it must enter the target

planet atmosphere within the allowable entry corridor. This corridor has an upper
bound defined by the skip limit, and a lower bound defined by line of sight considerations

or in some cases by the maximum allowable g-load in the case of Venus, and by the re-

tardation system in the case of Mars. Also, the requirement for the Mars Lander to im-
pact near a specific location on the surface places an additional requirement on the

allowable out-of-plane error as well as the in-plane error. At the time of separation,

therefore, the position and velocity of the spacecraft with respect to the target planet
must be known at least with sufficient accuracy such that the proper separation impulse,

resulting in an acceptable entry trajectory, can be commanded. Somewhat better ac-
curacy is actually required since errors incurred in the execution of the separation im-

pulse will introduce additional uncertainty into the Lander trajectory.

(2) At the time of injection into orbit the Orbiter position and velocity must be

known (again with respect to the target planet) with sufficient accuracy such that it is
possible to achieve an orbit that:

1. Is stable (neither decays nor escapes)
2. Maintains satisfactory communication with the Landers

3. Provides satisfactory TV coverage of the planet

These accuracies are of the order of I00 miles in position and 2-3 ft/sec in velocity

(3 cr ). In addition, the deviation of tile actual values of tile position components from
the planned nominal values should not be more than about 500 miles in order to be

within the correction capability of the system.

The accuracy with which the position of the spacecraft can be predicted at the times

mentioned above depends on the following factors:

1o Injection guidance errors
2o Tracking errors

3o Midcourse correction %xecution errors
4. Uncertainties in physical constants, principally the Astronomical Unit

5. Various lesser error sources, such as difference between predicted
and actual values of radiation pressure, errors in planet ephemeris, etc.

The first three errors listed above are interrelated to some extent, and the amount they

affect the guidance accuracy depends to a large extent on the number and location of the
midcourse corrections. The uncertainty in the Astronomical Unit of distance (AU) is

probably the major source of error in predicting the trajectory of the spacecraft. Tl-_ere
is some disagreement as to the magnitude of this uncertainty. Recent radar ranging of

Venus as well as analysis of the Mariner II tracking data indicates that the uncertainty

may be as small as 100 or 200 miles. However, the spread in these recent determina-
tions of the AU is more than 1000 miles and the recent determinations differ from the

value in general use up to a few years ago by some tens of thousands of miles.
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Evenif the 100-200mile uncertainty is foundto be realistic, the mission requirements
cannotbe met, or at best canbe only barely met, by DSIF navigationalone. Therefore,
someform of on-boardnavigationis necessary. The ultimate accuracy of trajectory
prediction will thendependon the accuracyof the on-board navigationsystem as well
as the uncertainties already mentioned.

B. Method of Analysis

In order to determine the effects of these uncertainties on trajectory prediction, a study

was made utilizing the Guidance System Error Analysis Program. This is a 7090 Digital
Computer program which calculates covariance matrices of the position and velocity

errors existing at any point along an interplanetary trajectory as a result of initial con-
dition errors and subsequent navigational fixes, either from ground-based tracking or

on-board celestial sightings. A more complete description of this program is contained

in Appendix C.

The program was used to obtain covariance matrices of the residual uncertainties in

position and velocity at several points during the approach phase of the transfer trajectory,
assuming a Maximum Likelihood orbit determination based on on-board observations of

the target planet. These covariance matrices were then propagated ahead to the time of

injection into orbit and rotated to a coordinate system having one axis along the local

vertical, one axis normal to the plane of the approach trajectory and one axis along the
velocity vector (in this case in the horizontal direction).

The diagonal elements of the covariance matrix resulting from this rotation represent

mean squared errors in altitude, cross range, and down range (time of arrival) errors,

respectively. For these studies, the altitude error is the most important since it deter-
mines the angle of entry of the f,ancler. Due to the type of measurements made,

most of the position error is in the direction of the velocity vector. The only effect of
this error is to cause an error in the predicted time of arrival.

The on-board measm'ements were assumed to consist of the measurement of the angles

between the line of sight to the planet and two stars. It can be shown that in general the

optimum choice of stars is such that the plane defined by the line of sight to one star ano the
radius vector from the planet to the vehicle is at right angles to the plane defined by the
same radius vector and the lineof sight to the second star. In order to retain this

geometry throughout the approach phase, one star should lie near the plane of the ap-

proach trajectory and the other should be close tothe direction of the normal to the tra-
jectory plane. It should be noted here that as far as optimality of constraint is involved,

this system is equivalent to one which utilizes a TV picture of the planet against a

background of known stars. In the case of the TV picture it is not required that the
stars be in quadrature around the planet. It is characteristic of this type of measurement
that the closer the vehicle to the target planet, the more effective each observation is in

improving the accuracy of trajectory estimate.

The uncertainty in knowledge of the vehicle position and velocity at encounter is due pri-
marilyto tracking errors, midcourse propulsion errors and the uncertainty in the Astro-

nomicalUnit of distance. The function of terminal navigation is to reduce this uncertainty.

For this investigation, the initial position and velocity errors at the start of the terminal
phase were assumed to be those resulting from uncertainties of 0.01 percent error in the

AU, in coral)marion with a 1000 nm spherical error m position and a 1 nm/hr spherical
error in velocity.

The portion of the uncertainty in the trajectory estimate at the start of the approach
phase (when the on-board observations commence) due to the uncertainty in the AU was
_btained in a manner based on the following argument. It is possible, ill theory, to

comtmte a heliocentric transfer trajectory from the Earth to a planet to a high degree
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of accuracyif the computationsare madein units of AU's andAU's/hr. for the position
andvelocity componentsrespectively. This is dueto the fact that the planetary positions
are knownwith highaccuracy (7to 8 decimalplaces) in this system of units. The launch
guidanceandsubsequenttracking, however, is necessarily basedon terrestrial units,
i. e., meters andmeters/see. The initial injection conditions, therefore, must be con-
sidered to be in error by an amountequalto the uncertainty in the conversionfactor
betweenAU's andkilometers evenif perfect launchguidanceis assumed. Accordingly,
an initial error vector was formed by multiplying the position andvelocity components
at a distanceof onemillion miles by theconversionfactory uncertainty. This error was
thenpropagatedto a distanceof two million miles from the target planetby multiplying
by the matrix of sensitivity coefficients. The resulting error vector was then multiplied
by its transposeto obtainthe covariancematrix of position andvelocity errors dueto
uncertainty in the AU. Thereasonthe initial errors were takenfrom a point past the
Earth's sphereof influencerather thanat launchwas that the uncertainty in the AU
implies a similar uncertainty in the ratio of the mass of the Earth to the mass of the
Sun. This uncertainty shouldbe includedin thepropagationof the initial error vector.
However, since the initial position wastakenoutsidethe Earth's sphereof influence,
the massof the Earth has little effect onthe trajectory andmaybe neglected. Another
approximation is involved in this procedurein that the effect of the AU uncertainty be-
tween launchandthe sphereof influenceis neglected;however, this represents a very
small portion of the total trajectory.

The valueof the AU uncertainty usedin this study was0.01 percent. Theadditional
errors of 1000miles in position and 1 mphin velocity are a rough estimateof the effect
of tracking errors and midcoursecorrection executionerrors.

A 0.01percentuncertainty in the AU representsa probable error of about 10,000miles.
This may seemto be a highly conservativeestimate in the light of the more recent deter-
minations; however, evenwith this large value, the mission objectives canbe met,
assuminga modeston-board navigationalcapability.

Measurementsof two star-planet angles were assumed to have measurement accuracy

of one milliradian. The stars were chosen so as to give the optimum constraint as
described above. Measurements were assumed to be made at intervals of 32 hours

initially, starting at a distance of 2 million miles from the planet. As the distance to
the planet decreases, the data taking rate increases to a maximum of two observations

per hours.

C. Results

Figures 4.4.2-1 and 4.4.2-2 show the improvement in the accuracy of the predicted

position at the distance of closest approach as more and more measurements are made,

for Mars and Venus, respectively. The total number of observations performed is
indicated on the figures. For instance, from Figure 4.4.2-2, it can be seen that at

a distance of one million miles, five measurements have been made, at 500, 000 miles
additional measurements have been made for a total of 9, etc.

As far as navigation and guidance are concerned, the most critical aspect of the Voyager
mission is the determination of the distance from the planet at which separation of the

capsule from the Orbiter takes place. Sufficient navigational accuracy must be obtained
to insure that the capsule wiI1 enter the planetary atmosphere within the allowable cor-

ridor. However, the longer separation is delayed, the larger will be the required velo-

city increment. Knowing the allowable entry corridor, the maximum distance from the
planet at which separation must take place can be found from Figures 4.4.2-1 or

4.4.2-2. For instance, assuming initial position and velocity errors of 1000 miles at
1 mile/hr, respectively, plusa 0.01 percent error in the AU and an entry corridor of

100 miles, separation cannot take place until the vehicle has approached to within
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Figure 4.4.2-1. Mars Trajectory Determination-DSIF Plus Line-of-Sight Observations

250,000 miles of the planet for Vel:us and 150,000 miles for Mars. Communication time

lags plus time for data processing and computation, and possibly time required to re-
orient the vehicle in the proper direction for separation will further reduce the distance

at which separation can occur. If the velocity increment required for separation at this

distance is prohibitive, either the instrument errors must be reduced or :he number of
fixes increased. Increasing the data rate may not prove to be useful since the presence
of bias errors will limit the amount of statistical error reduction possible. In the pre-

sent study, the assumption of unbiased measurements is considered justified since a

total of only 25 measurements was employed.
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The major part of the study was carried out under the assumptions stated above. A

recent program modification has been completed which allows a more realistic com-

putation of the trajectory uncertainties. This computation includes the effects of in-

jection errors, midcourse correction errors, and the uncertainty in the AU as a bias

error in the DSIF range rate measurements. An error analysis of the approach phase

was made for Mars 1969 using the results of this computation as initial uncertainties.

This analysis is described in Appendix D. The results were essentially the same as

those presented in Figure 4.4.2-1 with respect to uncertainties in predicted altitude at

closest approach. The assumptions previously made for the initial uncertainties at the

beginning of the approach phase are therefore shown to be reasonable.
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4.4.3 THE TERMINAL PROBLEM

A. Lander

Two separate guidance problems are defined as the spacecraft approaches the planet'
Lander separation and orbit injection. The Lander problem in turn has two facets:

i. Dispersion of the impact point

2. The requirements for maintaining line-of-sight contact between Orbiter
and Landers until Lander touchdown.

Lander dispersion has been found to be within acceptable values based on guidance
uncertainties that will exist at the 150,000 nm separation point which has been selected

for Mars, plus reasonable errors incurred in separating the Landers and placing them
on their desired impact trajectories.

Studies of the geometrical relationships between the Orbiter and the Landers from the
time of separation to touchdown of the Landers on the planet are discussed in Paragraph

4. 4.3A(2) (c). For the range of planet atmospheres considered and for the selected

landing sites, the necessary constraints on separation and Lander retardation para-
meters have been defined in order to assure that the Landers touchdown before the

Orbiter passes below the horizon.

In addition, the history of range and angle between Orbiter and Lander was determined
for the period between separation and entry, in order to define communication

angle requirements in this period. (The PHP with its directional antenna is not deployed
until after orbit injection. ) This is shown in Figure 4.4.3-12.

(I) Lander Dispersion

The Lander separation problem is illustrated in Figure 4.4.3-1. As the Orbiter

approaches the planet, it is on a trajectory which brings it to the desired perifocus,
at which point it is injected into an orbit which lies in the same plane as the approach

trajectory. When the desired separation point is reached, the Landers are separated
from the Orbiter° Separation requires imparting to each Lander the velocity incre-

ment necessary to place it on the trajectory which will result in Lander impact at the

desired location. One of the landing sites, at Pandorae Fretum, is assumed to be in the

plane of the approach trajectory at the time of impact. The other site, at Syrtis Major, is
out of this plane. These sites are designated by A and B, respectively, in Figure 4.4. 3-1.

As shown in this figure, Lander A can be separated with a minimum A V (_ VA) since its

trajectory lies in the same plane as the approach trajectory. In-plane landings require
the minimum A V. As a consequence, the errors associated with the separation are small
since errors in the resultant velocity vector (VA) due to misalignment of A VA are also

a function of the magnitude A VA" As seen in the figure, a landing site out of the plane
of the approach trajectory requires putting the Lander into a new plane, a plane contain-
ing the line-of-sight to the planet and the position of the landing site at the time of impact.

This may be visualized by first rotating the Lander's (and Orbiter's) velocity vector into
the new plane. The A V to accomplish this is readily calculated. To this are added the

tangential and normal components required to place the Lander on its desired impact tra-

jectory. The resultant, A VB ' is the velocity increment required for this Lander.

It can be seen that the desired orientation of the Lander's velocity vector can be achieved

with in-plane normal velocity increments only (in-plane Vtangential equals 0). Ti_e di-
rect consequence of an in-plane tangential velocity increment, in the same direction as
the original Orbiter velocity, is to decrease the time to impact for the Landers. This is
of interest since it determines the location of the Orbiter at the time of landing. The prin-

cipal interest in this is in regard to whether or not the Orbiter has gone below the horizon
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Figure 4.4.3-1. Lander Separation Geometry

from the Lander at the time it reaches the surface. In general, a component of ZXV t will
be imparted inasmuch as the Landers will have solid propellant rockets which will be

sized for the maximum requirements. Since the required in-plane normal component is
fixed, the excess is accommodated by increasing the in-plane tangential component. As

seen in the figure, the rockets will be sized according to the requirements of iX V B. When
iX V A is made equal to iX V B (dotted vectors) a substantial in-plane tangential component

results. This influences the line-of-sight margin as shown in Table 4.4.3-2.

The relations between in-plane and out-of-plane landings are further illustrated in Figure
4.4.3-2. The locus of all landing sites having a given entry angle is a circle centered on

the line-of-sight to the planet. These constant entry angle contours are shown projected

onto a plane behind the planet. For each desired landing point there is a corresponding
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aiming point on the same radial line from the planet center, to which the Lander's velo-

city vector must be directed at the time of separation. The focus of these aiming points
for the various entry angles is also a family of circles. (Depending on the entry angle,

these may have a smaller radius than the planet, but for clarity they are all shown larger

in the figure. )

The Orbiter's velocity vector is also shown projected to intersect the plane. Concentric
circles about this point represent the locus of aiming points which can be achieved by a

given normal component of _ V. Hence, the energy requirements associated with the

various possible landing sites are depicted in terms of the intersection of the minimum

energs_ contour with the aiming point contour for the entry angle desired, this point also
lying along a radius through the desired landing site.

An important aspect to the approach phase of the Voyager mission, which involves the

whole Lander concept, is Lander dispersion. The Lander trajectory with respect to the
planet is illustrated in Figure 4.4.3-3 where (1) is the Lander separation point, (2) is

the entry point and (3) is the impact point at the surface of the planet.

4 5

ORBITER

TRAJECTORY

LANDER

\
\

\

_ UPPER LIMIT

OF ATMOSPHERE

]
/

/

SURFACE OF
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Figure 4.4.3-3.
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There are three independent sources of impact error at point (3). These are as follows-

i. Lander separation uncertainties - Uncertainties in the magnitude and direc-

tion of the impulse applied to place the Lander on its impact trajectory.

2. Approach guidance uncertainties - Uncertainties in the position and velocity

of the vehicle at point (I) prior to the application of the separation velocity
increment.

3. Entry errors - Errors after entry into the planet's atmosphere due to

uncertainties in planet atmosphere and vehicle aerodynamic characteristics.

A complete analysis of the Lander dispersion problem is given in Item 2 in Para-

graph 4.8. A brief description of this analysis follows.

(a) Analysis

In this analysis it is assumed that the approach guidance system operates to cause the
landers to impact at fixed times. Thus the landing sites are assumed to be inertially

fixed at their locations at the nominal landing times. The analysis is based on two-body

mechanics. Cross-range errors are assumed to be independent of down-range errors
so that the two problems can be handled separately.

With reference to Figure, 4.4.3-3 uncertainties at point (2) are related to uncertainties

at point (1) through analytically determined error partials. Impact errors at point (3)
are related to uncertainties at point (2) through empirically determined error partials.

In-plane errors at point (1) include two components of velocity, specified as uncertainties

in velocity magnitude and path angle, 5 V 1 and 5 _ 1, and two components of position
specified as uncertainties in range and central angle, 5r 1 and 5 e 1. The resulting un-
certainties at point (2) are two components of velocity, 5 v 2 and 5 :_ 2, one component of

position 5 _2, and the time uncertainty, 5 t12. At point (3), the resulting downrange

position error, 5 e3, is the only error of interest.

An an example, consider the effect of an uncertainty in velocity magnitude at point (1).
The resulting impact error at point (3) is:

I bV2 503 5_2 _e3 _e2 _03 5t12 _03 ]603 IV 1 = -_Vl _V2 _V1 _2 + _V1 _02- _V1 _t12 ] 5V 1

= [mvvn +m n+ no + nt]v v my0 mvt 5 V 1

= Kv 6 V 1

Similar expressions can be determined for the effect of othe r uncertainties at point (1).

These effects are then combined taking account of correlation between the several un-
certainties at point (1). The cross-range problem is handled in a similar manner.

The uncertainties in the magnitude and direction of the impulse, applied to place the

Lander on its impact trajectory, produce errors in 5Vl, and 5_, 1 only which are assumed

to be independent. However, the correlation between the effects of 5v1, and 5 v 1, depends
upon the angle at which the separation impulse is applied. Uncertainties in the position
and velocity of the vehicle at point (1) due to approach guidance uncertainties affect all

four of the error components at point (1): however, the effect of 5v 1 is negligible com-
pared to the others. These uncertainties were obtained from computer runs which gave
the uncertainties in terms of an earth-centered equatorial coordinate system. The un-

certainties 5_ 1, 5rl, and 5 0 1, were then obtained by a coordinate transformation. The
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errors dueto uncertainties in the planetatmosphereandin the aerodynamiccharacter-
istics of the vehicle were determinedfrom dataobtainedfrom anentry simulation computer
program.

(b) Results

Table 4.4.3-1 summarizesthe results of the error analysesdescribed in Paragraph (a)
for a 10January launch. By inspectionof the equationsit canbe seenthat dispersion
increasessomewhatfor a 9 February launch.

Error analyseswere performed for thefollowing three cases:

Io Out-of-plane landing (Syrtis Major) with a velocity increment

added to the Orbiter velocity so as to change the orbit plane by the

appropriate amount and to give a resultant vector velocity as fol-
lows: the orginal Orbiter velocity vector is rotated to the new plane

so as to have the same magnitude and path angle as in the original

plane; in this new plane, an additional increment is added in order
to place the lander on the proper trajectory, as dictated by the

landing site, but with components _V T and _VN, along and normal

to the rotated velocity vector, such that _V T = _V N.

II.

The rationale for setting &V T = &V N is that &V B in Figure 4.4.3-1

will increase only a small amount over the case where _V T = 0.

Hence the propulsion penalty and also the penalty in accuracy of land-

ing are small. As seen in Paragraph 4.4.3A (2) (b), the line-of-sight

problem benefits from values of AV T of this order.

In-plane landing (Pandorae Fretum) using the same magnitude of

velocity increment as was obtained in Case (1). The ratio of _V t to bVN is
dictated by the in-plane landing site.

III. In-plane landing using a velocity increment which is entirely normal

to the Orbiter velocity vector.

The approach geometry used in these error analyses is described in Appendix E. In

all cases, the uncertainty in the magnitude of the Lander separation velocity increment
is assumed to be 1% the actual magnitude. However, two values, 1 ° and 4 o, were used

for the uncertainty in the direction of the Larder separation velocity increment. 1 ° is
considered very optimistic while 4 ° is considered somewhat pessimistic. These values
were chosen to bound the problem. A value of approximately 3° is now considered

reasonable. The results obtained using both combinations of uncertainties are tabulated.

In these analyses, the point of Lander separation is located at 150,000 nm radial distance

from Mars, and entry into the Mars atmosphere occurs at 1,000,000 feet of altitude.
Studies indicate that dispersion is relatively independent of separation distance in that
the effects of sensitivity coefficients which increase with range are compensated for by

velocity increment requirements which decrease as range increases.

Lander range and cross-range errors, due to navigation errors existing at the time of
Lander separation, are probably conservative. The assumption made with respect to
such factors as instrument measurement errors and uncertainty in the astronomical unit,

which greatly influence the resulting navigation errors, are more likely t_ pr_ve to be
pessimistic rather than optimistic. Impact errors due to entry uncertainties are small

compared with those due to navigation errors. However, separation errors result in
impact errors of the same order of magnitude as those resulting from navigation errors.

It is concluded that the maximum figures for Lander dispersion resulting from this study

are conservative upper limits.
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(2) Orbiter - Lander Line-of-Sight During Approach

Because of the obvious benefit of maintaining a line-of-sight contact between the Landers

and the Orbiter until shortly after touchdown, this subject was studied extensively with

respect to Syrtis Major and Pandorae Fretum.

The following assumptions apply:

. The mid-course corrections have been so executed that the spacecraft

will arrive at the separation point at the proper time: the Landers
need neither to accelerate nor decelerate in order to have the desired

landing site coincide with the nominal impact point at the nominal impact
time.

2. Winds are neglected.

3. The Landers descend vertically after parachute deployment. The actual

trajectory is used up to the time of full parachute deployment.

4. The separation velocity increment is imparted to the Landers impulsively.

5. The Landers are separated at the same time.

6. Orbit injection is delayed until after line-of-sight to the Landers is lost.

Loss of line-of-sight is defined as the point where the Orbiter trajectory pierces the plane

tangent to the landing site in question. This is shown as "a" for site "A", "b" for site

"B" in Figure 4.4.3-1. It can be demonstrated that in all cases line-of-sight time de-
creases with increasing entry angle (up to 90 ° ) and with increasing distance of the land-

ing site from the approach trajectory plane.

For this study, the rocket was sized to give equial values of Z_V tangent and Z_V normal

for the Syrtis Major landing. This selection, while somewhat intuitive, proves to be
a reaIistic one. As shown in Table 4.4.3.-2, Rows I and II, line-of-sight is maintained

with ample margin for playback of data taken through the blackout period. End of black-
out is defined as Mach 2. Line-of-sight is also maintained until after touchdown for the

worst case (upper atmosphere) if parachute deployment is delayed to 30,000 foot altitude.

If the parachute is deployed at Mach 2, line-of-sight is maintained until after touchdown
only in the case of the lower atmosphere for both landing sites, and for the mean atmos-

phere for Pandorae Fretum.

These figures will be somewhat improved inasmuch as the rocket selected for the Landers
is somewhat larger than was assumed for this study, providing _V of 400 ft/sec com-

pared to 281 ft/sec maximum used in this analysis. However, it has been determined,

subsequent to this study, that parachute deployment will be at Mach 2.5. This offsets
the gain which would be obtained from the increase in rocket size. Row III makes it
clear that the use of an absolute minimum rocket will give line-of-sight problems even

in the case of a single Lander landing in the orbit plane unless, of course, the line-of-

sight is increased by retarding the Orbiter.

Orbiter retardation is undesirable for three reasons. First and perhaps most important,

it adds another sequence of orientation, rocket and hydraulic system start up, and high

gain antenna stowage and redeployment. This is an excellent time to avoid unnecessary
operations of this sort. Second, the impulse required to gain appreciable line-of-sight
time after separation at 150,000 miles is large enough that Orbiter orientation require-

ments are considerably more stringent than for any other time in the entire mission if

excessive errors in perifocus location are to be avoided. Orbit injection is considerably
less sensitive to orientation errors. Third, the propulsion cost of retarding the Orbiter,
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while not severe, is greater than that of accelerating the Landers a like amount. It is

true that, as shown in Figure 4.4.3-20, a major portion of the velocity removed from
the Orbiter is not gained back from gravitational attraction. The net cost of Orbiter
retardation is of the order of one-third or less of the AV imparted for Mars.

Overall, it is clear that for Mars the preferable way of assuring line-of-sight until Lander
touchdown, is simply to make the lander rocker somewhat larger, as has been done in the
Lander design.

For Venus, a brief line-of-sight study indicates a different situation. This was investi-
gated for the following nominal conditions:

r
P

Vac

= 4,350 nm, perifocus radius

= 5o4 km/sec, hyperbolic excess velocity

V

o

0 =
e

Odr =

Y2_

t +t. =
c 1

_e =

150,000 nm, separation range

25 °, in-plane position of entry

8.6 ° , down-range travel

i0.3 °, entry angle skip limit

35 minutes, time from entry at 106 feet altitude to impact

19.5 ° , entry path angle.

Under these conditions, a velocity increment of approximately 700 ft/sec is required in

order to obtain a nominal time margin of 4 minutes. This assumes orbiter injection into
a i x 4.5 orbit at perifocus. However, because of the large tangential component of the

velocity increment which must be supplied in order to obtain this time margin, in-plane
separation attitude errors of 4 ° can result in entry path angles which either exceed the

skip limit or materially reduce the small nominal line-of-sight time margin. Attitude

errors of less than 3 ° are indicated in order to insure entry for the case studied. Entering
at larger entry angles would, of course, improve the skip situation, but line-of-sight time

would be affected adversely. Further detailed investigation is required to reach final
conclusions but it is clear that retardation of the Orbiter is indicated for Venus Landers.

This solution is more acceptable for Venus since precise orbits are of less importance
than for Mars.

Analysis of the line-of-sight problem between the Orbiter and the Landers until touch-
down follows.

(a) Analysis

1) The landing sites are expressed in terms of planet central angle,

measured from Orbiter perifoeus (0 i in Figure 4.4.3-3). The derivation of these angles,
based on specific approach geometry, is given in Appendix E.

2) The entry position at 106 feet of altitude is estimated in terms of planet

central angle, measured from Orbiter perifocus (_?e in Figure 4.4.3-3).

3) Normal and tangential velocity components required to reach the esti-
mated entry position are obtained from Figure 4.4.3-4 (!).

. Figures 4.4.3-4, -5, and -7 are taken from Item 3 in Paragraph 4.8. This document

along with Item 4 in Paragraph 4.8, contains data on Lander separation velocity re-
quirements for both Mars and Venus, for various separation points from 30,000 to

300,000 nm, and for several values of hyperbolic excess velocity.
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4) Thecorrespondingpathangleat entry (_'2 in Figure 4.4.3-3)is obtained
from Figure 4.4.3-5.

5) The down-rangetravel correspondingto the resulting pathangleat
entry is obtainedfrom Figure 4.4.3-6 (2).

6) The resulting impactposition is computedand comparedwith the re-
quired position given in Step 1). Steps2) through6) are repeateduntil the resulting
impact position correspondsto the required impactposition givenin Step1).

7) Thetime ( te) required for the Lander to travel from the separation
point to entry for the velocity componentsobtainedin Step3) is obtainedfrom Figure
4.4.3-7.

8) The time (tc) from entry to parachutedeploymentis obtainedfrom
Figure 4.4.3-6 or Figure 4.4.3-8. Thefigure correspondingto the desired entry
conditions, with respect to atmosphereand chutedeployment, is used.

9) The time (ti) fr/ogl chutedeploymentto impact is obtainedfrom Figure
4.4.3-9 (3) or Figure 4.4.3-10 ta). Again, the figure correspondingto the desired
entry conditionsof Step8) must be used.

10) Addition of the times obtainedin Steps7), 8) and 9) (te + tc + t1 = T1)
gives the time required for the Lander to travel from separationto impact.

11) Thetrue anomaly, of the point on the Orbiter trajectory at which line-
of-sight to the landingsite is lost, is computed. Theprocedure is given in AppendixF.

12) Thetime (ts), for theOrbiter to travel from the point at which line-of-
sight is lost to perifocus, is obtainedfrom Figure 4.4.3-11 using thevalue for true
anomalywhichwasobtainedin Step11). ts is negativeif the Lander reachesperifocus
after line-of-sight is lost.

13) The time (tp) for theOrbiter to travel from Lander separationto perifoeus,
is given in Figure 4.4.3-7.

14) Addition of the times obtainedin Steps12)and13) (ts + tD = T2) gives
the time required for the Orbiter to travel from separation to the point at )¢hichline-of-

sight from the desired landing site is lost.

15) The time margin (AT) between Lander impact and loss of line-of-sight

is, then,

_T = T2-T 1

If z_ T is negative, line-of-sight is lost prior to Lander impact. Therefore, this difference
in time must be gained in order to maintain line-of-sight all the way to Lander impact.

2. The small increase in down range travel after reaching Mach 2 is negligible, and

down range travel is nearly independent of atmosphere.

3. Figure 4.4.3-6 is used to obtain the time from entry (106 feet of altitude) to Math 2

for all three atmospheres since this time interval is essentially independent of the

assumed atmosphere.

4. When Figure 4.4.3-10 is used, assume that chute deployment requires 20 seconds

and that altitude changes by 10,000 feet during this interval of time.
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(b) Results:

The results of the line-of-sight time study are given for the 10 January end of the launch
window in Table 4.4.3 2.

In all cases, line-of-sight is maintained with ample margin for the playback of data taken
during the blackout period. (The end of the blackout period in this analysis is defined as

Mach 2. ) Line-of-sight is maintained until after touchdown for the worst case (upper

atmosphere) if parachute deployment is delayed to 30, 000 feet altitude and the large

rocket is used (Rows I and II in Table 4.4.3-2. However, if the parachute is deployed at

Mach 2, line-of-sight is maintained until after touchdown only in the case of the lower
atmosphere for both landing sites and for the mean atmosphere for Pandorae Fretum

when the large rocket is used. Row III makes it clear that the use of a minimum rocket

will give line-of-sight problems.

All time margins are increased for a 9 February launch.

The results given apply equally as well to parachute deployment at Mach 2.5 since this
changes the results given in Figure 4.4.3-9 by less than 30 seconds in the worst case.
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(c) Orbiter-to-Lander RelationshipsAfter Separation

The results of an investigation of Orbiter-to-Lander relationships, during the approach
phase of the Mars 1969 opportunity, are summarized in Figure 4.4.3-12 which shows the

cases of the non-retarded Orbiter and the retarded Orbiter(l). The results given are

intended to be typical for the Mars 1969 opportunity and apply to the in-plane Lander only.
Separation parameters are identified. Orbiter perifocus altitude is about 1,000 nm, and
Orbiter retardation of 400 ft see delays the time of arrival at perifoeus by about one-half
hour.

B. Orbit Insertion

A number of different factors combine to determine the accuracy with which the desired

orbit can be achieved. The effects of several of these which may exist at the time of orbit
insertion are examined individually in this Section.

(1) Tolerances oll Orbit

Figure 4.4.3-13 shows the results of an error analysis of orbit injection tolerances. A
tolerance of -+ 100 nm in perifocus altitude is assumed. This is a conservative number

from a standpoint of the ability of the guidance system to predict the perifocal altitude

and also the ability of the control system to execute terminal corrections. However, it
is considered to be realistic in the sense that if the predicted perifocus is within these

limits it will probably be decided not to require a further correction in order to improve
it.

The nominal injection _ V will be in error by 100 ft/sec maximum if the perifocal altitude

is in error by 100 nm. Assuming this is not detected or compensated for, the spread in
the value of apofocus is as shown by the outer curves identified with 100 ft/see AV.

Thus, it can be seen that the extreme range for all possible combinations of this value of

V and altitude error extends from 14,500 to 25,000 nm apofoeus altitude. The resulting
orbit periods are also indicated on the curve.

Misorientation of the thrust vector was not considered per se since the loss of propulsive
efficiency for the misalignment of 4° (the value assumed elsewhere in the Study) is small
compared to the Z 100 ft 'sec assumed.

The principal effect of thrust misalignment will be to shift the major axis of the orbit
a small amount which is of minor concern for the Voyager mission.

(2) Linearized Orbiter Error AnaIysis

It is important to know how accurately an orbit can be placed around Venus or Mars.

Specifically, what errors are to be expected in such orbit parameters as the period,
periapsis distance, apoapsis distance, inclination angle, line-of-nodes longitude, and the

iine-of-apsides longitude'? These questions have been answered by performing a linearized
error analysis, relating the errors which exist at injection to errors in the orbit param-

eters. Errors at injection are known from the results of the Guidance System Error
Analysis Program; the linearized Orbiter error anaIysis can be used to convert them
to resulting errors in the orbit parameters.

1The retarded Orbiter case was investigated as a part of this study. The present plans

do not include the use of Orbiter retardation for maintaining line-of-sight on Mars
missions.
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Details of the linearized Orbiter error analysis are given in Appendix G. It is shown that
the covariance matrix of the orbit parameter errors E is related to the covariance
matrix of errors at injection E. as follows: P

1

= A A1 Ei tE ° P Alt Ap

where Ap and A 1 are certain transformation matrices, the elements of which are derived
in Appendix G. The derivation there is based upon the assumption that errors are small
enough that first-order expansions are valid; this assumption is justified for the errors
which have been found by the Guidance System Error Analysis Program.

Statistics of the errors at injection, constituting the Ep matrix, are found by adding to
the results of the Guidance System Error Analysis Program such quantities as represent

statistics of thrusting errors during orbit injection. The Ap and A 1 matrices are found

by using the relations in Appendix G for their elements, which are functions of the desired

orbit parameters. (That is to say, Ap and A 1 depend upon the nature of the desired orbit. )
Then the above equation may be used to find E , giving the variances and covariances of
the errors in the orbit parameters. P

One numerical example will be considered. First, define the following symbols:

a = semi-major axis of orbit

T = period or orbit

r = periapsis radius
P

r = apoapsis radiusa

i = inclination angle of orbit

= longitude of line-of-nodes (measured in planet equatorial plane)

= longitude angle, measured in orbital plane, from line of apsides to line of
nodes

e = eccentricity of orbit

O

{,_, _ =

energy ratio at injection, kinetic energy divided by potential energy

coordinates centered at the injection point: _ is radial and positive down-
wards, V is perpendicular to the orbit plane and positive to the left, and

is horizontal in the orbital plane and positive forwards.

For this example, it is desired that the craft be placed into an orbit about Mars with the
following conditions:

r = 3000 statute miles
P

r a = 21,000 statute miles

i = 60°

= _= 45°

Injection to occur at periapsis
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This orbit then has these characteristics:

a = 12,000 statute miles

T = 22.5 hours

e = 3/4

5 = 7/8
O

The above orbit parameters can be used to calculate all elements of the A and A 1 matrices.P

The Ep matrix must be obtained from the Guidance System Error Analysis Program; use
the results from "Run 2," which was calculated by assuming two star-planet measurements,

each with a standard deviation of one milli-radian, and by also assuming a non-zero initial

certainty matrix. The elements on the diagonal of E i as thus obtained show the following
standard deviations of errors at injection:

_. = 24 statute miles

cr = 5.9 statute miles

a{ = 119 statute miles

a; = 190 feet per second

c_ = 10.8 feet per second

a_ = 46 feet per second

For this example, nothing was added for thrusting errors during injection.

Results of this example show the following standard deviations to exist in the orbit parameters:

a

aT=

r
P

(/ =
r

a

U =
i

u

168 statute miles

0.48 hours

24 statute miles

315 statute miles

(semi-major axis)

(period)

(periapsis radius)

(apoapsis radius)

0.81 milli-radians (inclination)

2.3 milli-radians (longitude of line-of-nodes)

18.4 mr = I.05 ° (longitude of line-of-apsides)

In this example, the standard deviations of the orbit parameters are seen to be quite

acceptably small. Since the conditions of this example are representative of typical mis-
sions, it is to be expected that errors in the orbit parameters will in general be acceptable.

(3) Effects of Injection Burn Time

Since the Orbiter will be approaching perifocus at the time the Landers are reaching the
surface it is of interest to consider whether a decision not to ignite the rocket for orbit

injection until after the Landers have reached the surface is in conflict with efficient propel-
lant utilization. Also of interest is the penalty resulting from not maintaining the thrust

vector continuously aligned to the velocity vector.
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In addition it was desired to determine the propulsion penalty associated with a range of

burning times resulting from different thrust levels.

The results of a computer analysis are shown in Figures 4.4.3o14 and 4.4.3-15. Figure
4.4.3-14 shows the nominal velocity increment required to achieve the nominal 1,000 x

19,000 nautical mile orbit if the velocity increment is added impulsively. Figure 4.4.3-15
shows the additional velocity increment required far a range of rocket thrust levels, with

the thrust vector continuously oriented to the velocity vector. It can be seen that the loss
is small for a rocket with a thrust level equal to or greater than one-half the weight of the

vehicle at the end of burning.

1.5

1.0
/

.5 1.0 1.5 2

v x lO-4 (FT/SV.C.)

Figure 4.4.3-14. Impulsive Velocity Increment Needed to Achieve a 1 x 19 Orbit About Mars

The penalty due to non-optimum orientation of the thrust vector during burning was not

computed for the 1,000 x 19,000 mile orbit finally selected. However, the results of an

earlier study (Appendix G) are shown in Figure 4.4.3-16 from which it is seen that the

penalty is very small even when the thrust vector is held at a constant angle in space, and
still smaller if the thrust vector is rotated at a constant rate equal to the average angular

rate of the velocity vector. As shown, Figure 4.4.3-16 is for the case of a 1,000 nm
circular orbit. The losses are smaller still in the case of an eccentric orbit.
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The curves shown are for the case where thrusting is completed at the time the orbiter

reaches perifocus. Other studies have shown that if initiation of the thrusting period is

delayed until perifocus is reached, the additional propulsion penalty is negligible.

From these studies it is seen that orbit injection can be delayed until line-of-sight contact

with the Landers ceases, before orbit injection begins, with very small propulsion loss;
for the rocket chosen the total penalty is less than I%. Consequently it is not necessary
to deviate from the desired sequence of events during the approach phase because of pro-

pulsion constraints.

(4) Orbit Period Adjustment

Within the nominal range of orbits there is an associated range of orbit period from about

18 hours to 37 hours. Within this range are several discrete periods which should be
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avoidedbecausethe interlace of successivegroundtracks doesnot give efficient mapping
coverageof the planet.

It is possibleto restrict the rangeof resulting orbit periods (andalso compensatefor out-
of-tolerance altitude at orbit injection) byadjusting the total impulseat orbit injection in
accordancewith the final tracking andplanetsighting information. In the extreme case
this wouldcontinueuntil rocket ignition occurs andwould therefore require on-board
computation.

It is not consideredfeasible to require the guidancesystem to maintain the orbit period
within sucha small tolerance that the undesiredperiodswill in all casesbe avoided.
Rather, it is plannedto utilize the impulsewhich is stored in the pressurizing gas in the
propulsion tanksto modify the orbit period in caseanundesiredperiod is realized.

This gasis available to beused for this or other purposesaSterorbit injection since it
has fulfilled its primary purposeandis no longer neededin the tanks.

The existenceof anundesiredorbit periodwill be determinedfrom the DSIFtracking
during the first orbits. Thevelocity incrementcanbe producedwith sufficient accuracy
by controlling valve opentime. It is entirely possible that the total impulse in the tanks
will be utilized.

A givenamountof impulse producesthegreatest changein orbit period if it is directed
parallel to the velocity vector at perifocus. Therefore completeflexibility is provided if
two nozzlesare provided, onedirected forward andthe other rearward along the direction
which the velocity vector has relative to the vehicle at perifocus. Actually a single nozzle
is probably all that is justified since it is immaterial whether the orbit period is increased
or decreasedin leaving anundesiredperiod;hence, it canarbitrarily bedecidedwhich
direction a single nozzle shouldbepointed.

Co Approach Trajectory Analysis

This Section includes specific analyses of parameters of interest in nmking mission analy-
sis tradeoffs.

(1) Lander Separation hnpulse

One of the parameters involved in determining the range from the planet at which the

lander should be separated is the relationship between range and propulsion required by

the Lander. The closer the spacecraft is to the planet before the Landers are separated,

the greater the AV required to land at a given spot or to enter with a given entry angle.

The principal parameter against which early separation must be traded off is guidance

accuracy. The closer the spacecraft is to the planet, the better its position and velocity

at a given time are known. Therefore, the ultimate tradeoff is Lander propulsion weight

vs. gmidance accuracy.

Table 4.4.3-3 shows the velocity increment normal to the Orbiter's velocity vector which
nmst be imparted to the Lander for Mars missions including V_o of 4 km/sec which is

within the range for a Mars 1969 mission, and also for V_ of 6 km/sec. Some of these
are plotted in Figure 4.4.3-17.

(2) Orbiter Retardation

Examination of Table 4.4.3-2 shows that, if the parachute is deployed at Mach 2, line-of-
sight between Orbiter and landing site is lost 30 to 40 minutes before the Lander reaches

the landing site. One possible solution to the problem of maintaining line-of-sight until

the Lander lands, in these cases, is to apply a velocity increment to the orbiter, after
Lander separation, which will reduce its velocity so that the Orbiter will reach the vicinity
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of perifocus later thanwouldanunperturbedOrbiter. In general, other solutions to the
line-of-sight problem are preferred. However,particularly in the Venusmission, it may
beappropriate to vary the time of arrival of the Orbiter.

In order to determine the velocity incrementswhichwouldbe required to obtainorbiter
delaysof the order of 30 to 40 minutes, thesensitivity coefficient wasdetermined, re-
lating the time of arrival of a vehicle approachinga planetwith velocity changesalong
the path. Figure 4.4.3-18 gives this information for Mars and Figure 4.4.3-19 gives the
sameinformation for Venus.

In order to simplify the computation,a rectilinear pathwas assumed,that is, a straight
line passingthroughthe center of the planet. For this case, the time of flight from any
distanceR to the centerof the planet is givenby

T

(sinh E - E)#
2

Voo

where

= gravitational potential of the planet

V_ = velocity at an infinite distance from the planet

E = eccentric anomaly

= Cosh -1 II+ RV_2

The velocity at a distance R from the center of the planet is given by

2_V = Voo 1+ 2
R Voo

Differentiation of the expression for T with respect to V results in the following expres-
sion:

2_3_ 1+ 2
3T 2R RV_
_i r = -- 2 - 4 (sinh E - E)

V_ V_

In Figure 4.4.3-18. thisexperssion, for Mars, is plotted for values of V_ equal to 3.6
km/sec and 4.0 kin/see. The corresponding information for Venus. shown in Figure
4.4.3-19, is plotted for valuesof V_ equalto 3.35 kin/see and 6.0 km/seco

Although this equation is based on rectilinear trajectories, it is a good approximation for

R is the
any hyperbolic trajectory, the error being less than 5_: for _ > 10. where R °

radius of the planet, o

Since a retarding velocity increment will be applied to the orbiter at perifocus in order to
inject the vehicle into orbit about the planet, it is of interest to determine how much of the

retarding velocity applied to the orbiter after lander separation, in order to gain line-of-
sight time, is useful in reducing the orbit injection velocity increment requirement. In

order to do this, the reduction in orbiter velocity at perifocus, due to the retarding veloc-
ity increment applied to the orbiter just after lander separation, is compared with the
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magnitude of this retarding velocity increment. The reduction in perifocus velocity will

always be less than the retarding velocity increment, thereby resulting in a propulsion

loss which is a slowly varying function of the altitude at which the retarding velocity change
is performed. This loss is shown in Figure 4.4.3-20 for the two Mars approach cases

given in Figure 4.4.3-18. Depending on Voo , the velocity increment required at orbit
injection is reduced by 66 - 74% of the velocity increment used to retard the orbiter at

150, 000 nm. The corresponding iifformation for a Venus mission is shown in Figure
4.4.3-21.

4.4.4 ORBIT PLANE PRECESSION

Since the oblateness of Mars is appreciable, being about i-1/2 times that of the Earth,
it is of interest to examine the effect of this oblateness on the rotation of the plane of the
orbiter about the polar axis.

Figure 4.4.4-I shows the rate of nodal regression as a function of orbit inclination for
five different orbits.

The question has been raised of the possibility of achieving an orbit with a nodal regres-

sion rate equal to the mean motion of the planet around the Sun (about i/2 °/day). This

would result in a fixed orientation of the nodal line with respect to the mean longitude of
the Sun. It can be seen from the figure that this condition cannot be obtained with any

orbit having an apoapsis altitude of more than i0,000 miles. In any event, in order to
have the nodal line rotation in the same direction as the Sun, the orbit would have to be

retrograde. This is undesirable, since the periapsis of a retrograde orbit is over a re-
gion of the planet which is either completely dark or at best very poorly illuminated°

4.4.5 APPROACH GUIDANCE IMPLEMENTAT(ON

A. Data Taking

(I) Choice of Sensor

Ideally one would obtain both range and angle information of the spacecraft relative to the
planet continuously. In practice this is not a requirement because of the excellence of the

DSIF performance. For Voyager requirement it is sufficient to know either range or

angle (line-of-sight) within the last two million miles or less.

A brief analysis showed that line-of-sight information from the spacecraft to the planet

is adequate and is more useful than range information alone, although if both are
available the combination provides the maximum useful information°

An early decision to use a TV picture of the planet against its star background was based
partly on the anticipation that this could be done with the same camera which will

subsequently be used for mapping the planet° Although further consideration has indicated
that it is preferable to provide a separate camera, the choice remains the same° The

additional weight to the vehicle of providing this camera compares favorably with the

weight of the spacecraft-borne portion of a bistatic radar system°

One of the factors in the selection of the camera is the fact that the necessary readout,
data processing and/or storage, and data rate capabilities are already on-board for the

cameras used in taking I'V pictures of the planet°

One of the reasons for the use of a separate camera for the approach TV pictures is the

fact that the camera can be located in a fixed position in the vehicle in a way that enables
it to see the planet during the entire period of interest while the spacecraft is in its

normal cruise attitude. Hence the required i_fformation will be obtained merely by
turning the necessary circuits on° It is considered to be a distinct advantage that the

deployment of the PHP, or maneuvers of the vehicle are eliminated.
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Figure 4.4.3-21. Propulsion Loss vs. Separation Range from Venus

The specific orientation of the camera in the vehicle depends on the launch date, varying

approximately 1° per day through the launch window. Thus the camera position should

be updated once or twice a week during holds beyond the nominal launch date, so the

planet will appear near the center of the field for the first pictures.

A second factor in the decision to use a separate camera is the fact that in most cases

it will use a different lens than would be used for planet pictures.

As the following section shows, the image orthicon TV camera is capable of the required

performance° Should other factors dictate against the TV camera, the information can be

obtained using conventional star trackers and a planet tracker. In this mode of operation
the trackers would preferably be mounted in the PHP such that while the planet tracker
was locked onto the planet, the star tracker could scan in concentric circles until the

stars of interest are acquired. The primary difference between this sequence and the

acquisition of Canopus is that in this case the precise angle from planet to star is an

output rather than an input. Only in rare cases, if at all, will it be necessary to select

stars that are not identified by brightness and radius from the planet alone. Therefore,
there are no stringent requirements on vehicle attitude accuracy around the line-of-sight
to the planet.

The use of a TV picture for the line-of-sight fixes provides the opportunity for human

interpretation of the data, and therefore provides maximum noise rejection and compensa-

tion for degraded sensor performance. Italso provides diagnostic information in case of

gross vehicle misbehavior.

(2) Analysis of Sensor

(a) Introduction

Because of the great distance from our solar system to any star, stars are ideal absolute
direction references from anywhere in the solar system. To determine the direction
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vector from a given position toward another point in the solar system, for example a
planet, it is necessary only to view the planet against a background star field, identify the

star field and determine the planet's angular position relative to the known star directions.

With a television camera on board the Voyager vehicle viewing the target planet and the

star background, the resultant picture transmitted to Earth can, therefore, reveal the
direction vector in space from the vehicle to the planet. This method is independent of

vehicle attitude provided only that attitude control is sufficient to insure that the planet

is in the field-of-view of the body-mounted camera and attitude rates are not unduly high.

Since the decision to consider TV as a primary mode for approach guidance, the greatest

concern has been the brightness latitude required for simultaneous viewing of a planet
and stars. With the normally assumed image orthicon latitude capability of 30 to 50 in a

single scene, the brightness range of 4000 to 10000 or more existing between a planet
and individual stars would apparently present a serious problem.

Other problems are concerned with interpretation of the TV picture, and ability to attain

the necessary accuracy.

(b) Description of Subsystem

The approach guidance camera will consist of an image orthicon television chain,
equipped with a 114 mm lens to provide a 15 ° x 15 ° field-of-view on the target face of the
TV tube. The camera will be body-mounted in the main body of the Orbiter and located

such that the target planet is centered in the field-of-view at initiation of approach

guidance.

An auxiliary, illuminated reticle-grid will be optically projected or inserted into the

image plane and viewed simultaneously with the planet and background starfield. The grid
will provide more accuracy in position readout of the planet relative to the stars; how-

ever, its presence is not a requirement and thus does not represent a reliability re-

duction, as shown in the error analysis.

The camera's beam-deflection electronics will provide I000 TV scan lines across the

sensitive area of the image orthicon. For point-source location, this will permit readout
accuracies more than adequate to provide a one-milliradian overall precision in the

determination of the true planet direction vector.

The selection of a 15 ° x 15 ° field-of-view is somewhat arbitrary and represents a solid

angle which for all possible launches will contain a sufficient number of stars in the
background for positive identification, yet provide the measurement precision required.

(c) Brightness Range Problem

The latitude (brightness range) of a conventional image orthicon camera chain is accepted
to be about 40. With scene ranges considerably beyond this, the result is either a loss of

low-intensity detail or blooming, distortion and lack of detail in the brighter areas. To
evaluate the extent of this problem has been initiated at General Electric's Advanced

Technology Laboratories. This evaluation program is being carried out in the ATL

observatory near Schenectady.

Depending on the magnitude of the stars it is necessary to "see" in the planet background
and whether the planet of interest is ;;:ars or Venus, the brightness( 1 ) range it will be

necessary to view, will vary considerablVo

(1)"Brightness" as used here refers to an averaged intensity over the area of one TV

resolution elemento If infinitely fine resolution were available, the star would be

brighter than the planet, but in the actual case, effectively the reverse is true.
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Assuming1000TV lines to cover the 15° x 15 ° field-of-view of the guidance camera,
the relative brightness of either of the two planets of interest relative to a star is shown

in Table 4.4o 5-1 for 4th and 6th magnitude stars. As will be shown later, 4th magnitude

star detection will be sufficient for the most probabIe Mars-69 launch; however, 6th

magnitude values were calculated to cover any conceivable launch. Note that Mars, being
further from the Sun and with a lower visible light albedo, does not present nearly as
great a problem as does Venus°

TABLE 4.4.5-1. CALCULATED RELATIVE BRIGHTNESS

MARS VENUS

4th Magnitude 4550 115000

6th Magnitude 28000 715000

Recent work done at General Electric's Electronic Laboratory in connection with another
program has demonstrated the ability of a rapid point-to-point image orthicon beam

control circuit to obtain excellent pictorial representation of scenes having a brightness
range as great as 10000, with even greater capabilities a good possibility for the near

future. This has the undesirable characteristic that while doing an excellent job on

conventional scenes, the circuit introduces a slight delay in signal presentation so that
images are slightly shifted. Since the amount of shift is a function of the brightness of

the source, the images are shifted varying amounts; thus, the technique is not applicable
for precision position readout without a precise knowledge of source brightness and a

corresponding calibration operation. Since the stars are known this could be done,
however after a preliminary investigation, this system has not received serious con-
sideration for use in approach guidance.

The initial experimental effort at the Advanced Technology Laboratory has been devoted
to learning the extent of the problem, with continuing work scheduled to evaluate potential
solutions.

For the preliminary investigation, a camera target was devised consisting of a resolution

chart, a simulated planet and a simulated star field containing various star magnitudes.
While viewing this target, various camera parameters can be adjusted for detection of

a desired magnitude "star" and the effect on the extended-area "planet" noted. Table

4.4o 5-2 shows the results of a typical sequence of measurements made with the "planet"
adjusted to the brightness of Mars and the just-detected "stars" with magnitudes in-

dicated. The camera lens for these measurements was 135 mm set at f/2.5, and the
image orthicon target voltage was varied as shown.

TABLE 4.4.5-2. TYPICAL IMAGE ORTHICON EXPERIMENTAL SEQUENCE

Target Voltage

-0.5 V.

0.0V.

+1.0 V.

+4°0 V.

"Stars" Detected

3.0 - 3.6 mag.

5.0 mag.

6.2 mag.

6.5 - 7.0 mag.

"Planet"

7 lines wide

7 lines wide

8 lines wide

Image blooms

The tests to date have been made with incandescent lights and, in order to obtain the

proper brightness ratios, it was necessary to slightly decrease the voltage on the lamp
illuminating the Mars simulation. The result is a "planet" with a lower color tempera-

ture than the surrounding "stars". Since the image orthicon is more sensitive in the red

than the blue, the data in Table 4.4o 5-2 may be slightly pessimistic, i.e., the actual
brightness range as detected by the image orthicon will probably be less than the
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simulated range° The redness of real Mars in comparison to the stars should have

negligible effect. Continuing experiments will establish the correction factor necessary
to account for the differences in color temperature.

From this data, it call be seen that the brightness range problem is not as serious as it
initially appears. Since only position information and not good pictorial quality is

necessary for approach guidance, the washout of planet details is of little consequence.

The planet perimeter can apparently be seen sharply with little or no bloom while

detecting stars of 5th magnitude, and only slight bloom when detecting 6th magnitude.
Therefore, it is expected that no special techniques will be required for Mars missions.

For Venus flights, there is an unquestioned need for special techniques if TV is to be
used for guidance. A most promising technique is to transmit two successive scans of

the same scene, with camera parameters set for optimum detection of the star field on

the first scan, then the planet. With the attitude stabilization expected of the vehicle,
this can be accomplished with completely separate exposures or, alternately, it may be

possible to obtain both scans from the same exposure by not completely discharging

the planet charge image on the camera tube target with the first scan. In either case,
while mal_ing the star scan, the image of Venus will be shown enlarged and distorted and

will cause the loss of nearby stars in the field; however, based on experiments to date,
tile percentage loss of field-of-view is expected to be small and, with several stars in

the field, should not affect the readout.

An alternate technique, very straightforward and foolproof within its limitations, is to

cover with a low transmission filter that protion of the field-of-view in which Venus

may be expected to appear° Since the planet has a small initial position uncertaintly
coupled with a predictable growth and drift in the field-of-view as it is approached, oniy
a reasonable portion of the field would need this filter protection; possibly as much as

10%. The filter would reduce the planet brightness to that of the stars and provide an
excellent quality TV picture° Stars within the filtered area will, of course, not be

detected. With a number of stars ill the field, a probably 10% loss would not be important;

however, the expected star field for a specific flight must be examined to insure that the

loss is acceptable. If not, a slightly wider field-of-view of perhaps 16 or 17 degrees,
can easily compensate for the area loss. A potential disadvantage of the filter correction

technique is the possible requirement of a number of filter shapes tailored for various
launch dates and the need to change the filter when a launch is postponed. This is not an

overriding factor, however, since the camera orientation in the spacecraft must be
manually updated from time to time while on the launch pad.

It should be emphasized again that the special techniques mentioned for handling the

brightness range problem apply only to Venus flights. The experiments have indicated
that the problem will be small or non-existant for Mars flights.

(d) Error Analysis

Given a transmitted television picture of a target planet against a star-field background,
position readout errors are of two main types: errors in determining tile exact centers

of the planet and star images and errors in the location of the planet image with respect

to the Known star positions.

Assuming 1000 TV lines in a frame scan and an equivalent resolution along each line,
the 15 ° x 15 ° field-of-view is divided into 1000 x 1000 resolution elements, each re-

presenting an angular area 0. 015 ° x 0.015 ° . A star image wiil be wholly included within

one resolution elemento However, because of beam-pulling from adjacent scan lines, the

star signal will normally appear three or four lines wide. If the location of the star

image is assumed to be at the geometric center of the image the maxinmm readout error
referenced to the planet or other stars will not be greater than plus or minus one/half
lille width (±0. 0075 ' )o Readout accuracy along a line should be at least as good.
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The fact that a numberof stars will be in viewand, oncethepattern is recognized, each
star hasa Knownrelationship to all the othersprovides a further statistical reduction
of the uncertainty of eachpoint. However, for a worst-case analysis, this improvement
factor will be ignored andthis error assumedas ±0.0075°

Theplanet presents a special readoutproblem. In all approachguidanceviews, it will
showas anextendedobject requiring from 7 to over 300scan lines across the image
diameter dependingon the vehicle-planet distance°Furthermore, as viewedfrom
Voyager, the planetwill appear only half illuminated° It will be necessary, for guidance
purposes, to determine the geometric center of the circle represented in part by the arc

forming one side of the planet image.

Mathematically, itcan be shown that the required planet-image center point can be

determined with high precision by using a template-matching technique or its equivalent.

Essentially by matching the image to the correct one of a series of concentric templates

with a precisely-known center, each resolution point on the image edge contributes to

the precision of center-point location° With a half-circular arc, even for the smallest

planet image (Mars at two million miles), there are the equivalent of over eleven

resolution elements. For this worst case, the planet center can be located within
i0. 0023 °o

Having established the error limitations of readout, it is necessary next to determine

the precision with which an unknown point (planet center) can be located with respect to
known points (stars). To reduce this error to a very small contribution, an illuminated

reticle grid is projected into the optical image plane of the TV camera which will divide
the frame into a number of equal squares. By referencing this reticle grid to the known

star field, its position is established and the grid in turn becomes a reference for the
planet center.

To set an upper limit on the relative position error contribution it can be assumed that

the reticle grid position is established by a single star positioned in the exact center of

a grid square (a pessimistic assumption since there will always be more that: one star
and will usually be several). Furthermore, it will be assumed that the planet is at the

center of another grid square°

The state-of-the-art of electron beam control in an image orthicon can provide a position

linearity of approximately one percent across the face of the tube. Thus, expressing

distance as its angle equivalent and assuming a reticle which divides the field by eight

along either axis, the half grid-width distance from star to reticle grid line represents
15°/16 or 0.94 ° . One percent of that is 0.0094 ° . Thus, the grid will be established with-

in less than 0. 0094 ° . Similarly, the planet position can be determined relative to the

grid with the same precision, for a total relative position error less than ±0. 019 °.

Summing up the various calculated errors determines a pessimistic possible error in

the angular position of the planet relative to the fixed stars of ±0. 029 ° or approximately

±0.5 milliradian. This is well within the established one-milliradian requirement.

A detailed analysis has also been made to determine the potential error if the recticle

grid were not used. By assuming a random distribution of stars in the starfield back-
ground it is possible to establish probable distances between the planet and star images.

Calculation of possible error in planet position using these distances for direct reference
to the stars gives a pro _a,J,e overall t,*......_..1_1_1.¢__ of about +0.7 milliradian with only two

stars in the field, and ±0.5 milliradian or less if four or more stars are in view. Con-
sequently, while the illuminated reticle grid is planned for better accuracy, it represents

no loss in reliability since adequate precision will be available without it. Fimare 4.4.5-1

shows the accuracy as a function of the number of stars in the field.
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Figure 4.4.5-1. ProbableError vs. Number of Stars in the Field

(e) Picture Interpretation

Figure 4.4.5-2 shows the celestial background for the Mars 1969 launch. The square
outline shown centered on Mars represents the 15 ° x 15 ° field-of-view seen by the

approach guidance television camera. The stars in the background are in the constella-
tions Centaur and Lupus. Only stars of 4th magnitude and brighter are shown and there

is obviously an adequate number in the field-of-view to permit positive identification. As

the planet is approached, its image will enlarge and tend to drift off the center of the
field until, at the time of the last transmitted picture, with Voyager about 50,000 miles

from the planet, its image will appear approximately as shown by the dotted outline.

A reticle grid projected into the image plane will divide the viewed solid angle into a
matrix of equal squares. The transmitted TV picture can be regenerated on Earth such

that the reticle grid forms a pattern of true squares, effectively minimizing any non-
linearities in scanning. As indicated in the section on data transmission, this correction
can be accomplished without actually transmitting the grid signals to Earth.

With a master star pattern overlay superimposed on the reconstructed picture, the
transmitted star images can be brought into register with known star locations by

appropriate rotation and gain adjustments. The planet image center direction vector can
then be read from reference coordinates on the master pattern. This may be done

manually or, conceivably, the master overlay pattern could be stored in digital form in

a computer with the photo matching and planet position readout all accomplished by
machine.
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(f) Alternate Image Tubes

Some consideration has been given to the possible use of image tubes other than the

image orthicono Either a vidicon or an image dissector tube could be possibilities o The

vidicon offers the potential advantages of smaller size and weight and ability to withstand

sterilization temperatures. The image dissector may also make a more compact unit

and, with its cold cathode, promises higher reliability. In addition, the image dissector
offers a greater brightness latitude.

The major drawback of either of these alternate tubes is their very low sensitivity as

compared with the image orthicono In addition, their smaller sensitive areas - a corollary

to compact size - requires shorter focal length optics for the same field-of-viewo This
means that for equivalent light gathering ability, io e., equal diameter, the lens must

be faster (lower f number).

Judging by the early experiments at the General Electric Advanced Technology Lab, a

lens aperture of about f/2 to f/4 will be required for a 1/30 second exposure, depending
on the star magnitudes to be detected. Assuming that f/1 is about the best to be hoped

for without major distortion problems, the smaller sensitive target areas can possibly

just be compensated by optical means°

The lowered sensitivtiy must therefore be counteracted with longer exposures. The

vidicon, like the image orthicon, integrates over exposure time and stores the accumulated
charge until it is detected, albeit by a different lnethod than used in the I.O. The image

dissector tube cannot integrate and store the signal; however, substantially the same

effect is achieved by reducing the scan rate so that "dwell time" on a given picture
element is increased.

For equivalent signal-to-noise ratio, a vidicon has a sensitivity approximately 1/1000

that of the image orthicon. Therefore, if it is assumed that the field-of-view loss is

optically compensated, an exposure time of 1/30 sec x 1000 = 33 seconds will be re-

quired. With a possible attitude drift rate as high as 0.01 milliradian per second, this
long exposure time adds a potential 0.33 milliradian movement to all components in the

camera's field-of-view during the exposure time. This coupled with the fewer TV scan
lines available - about 500 instead of the 1000 in the image orthicon - will result in a

possible error in planet direction determination which is borderline at best and may ex-

ceed the one-milliradian specification.

In the case of the image dissector tube, the results are substantially the same although

differing in mechanism. In this case, the scan speed must be reduced by approximately
the same factor of 1000o As a result, individual points will not show as short lines due

to their motion, but rather as points displaced from their instantaneous relative positions

by varying amounts depending on location in the field, scan pattern and rate of vehicle
attitude drift. The resultant picture distortion again will adversely affect measurement

precision such that it is borderline at best.

g. Data Transmission

(1) Present System

Data transmission of the approach TV picture can be tailored to the transmission capa-

bility oI the vehicle. The data rate capability using the high gain antenna results in a
frame time of less than five minutes which is more than adequate since the minimum
time between frames will be of the order of hours°

Consequeutly, the approach guidance requirement could be met by a medium gain fixed
antenlm (perhaps 30 to 40 degrees beamwidth), particularly if one of the simpler means of

bandwidth compression were employed.
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(2) Bit Reduction

A preliminary study has been made of possible means of reducing the information

necessary to be transmitted from the terminal guidance TV pictures. Since only black-
white iifformation is required, i.e., either the presence or lack of presence of a signal
(star, planet or reference grid), and no gray-scale is necessary; it can be assumed

that one bit per resolution element will impart all possible information if every element
bit is transmitted in a known sequence. The resultant 106 bits (for a I000 x i000 element

matrix) represents the standard of comparison for evaluating possible improved techniques

(probably more bits would actually be required because of a necessity for transmitting
some line and frame synch pulses).

Since nothing additional can be gained by sending repetitive information in scanning
across an extended image at most only signal changes, i. eo start/stop points need be
transmitted.

Generally speaking, a star image may be expected to spread over a width of three or

four resolution elements, both vertically and horizontally, because of beam pulling in

the I.O. tube. Thus, it can be assumed that a typical star image will have eight start/stop

points. The planet will vary in size to a maximum width (or height) of about 300 elements,
giving 600 start/stop points.

With 106 discrete addresses for a resolution element on a single frame, it is necessary

to use a 20-bit word to transmit the address of a single point. Assuming an approximate
maximum of twelve stars in the field-of-view plus the maximum-size planet, there are

approximately 700 start/stop addresses. With 20 bits required per address, a total of
14000 bits per frame are adequate to transmit all the star and planet positions.

Calculations (see Paragraph 4.4.5. A(2) (d)) show that star and planet position addresses

referenced only to frame and line start times, i.e., to the edges of the picture, will give

adequate accuracy; however, it is planned to introduce a reticle reference grid in the
optical path to guarantee better than required accuracy. Unfortunately, the transmission

of all the start/stop addresses required to locate a complete reference grid may require
a significant fraction of the 106 bits originally assumed.

For example, if an 8 x 8 reference grid is assumed, each of the i000 scan lines would

cross seven grid lines for a total of 14000 start/stop points. At 20 bits per start/stop,
the result is 2.8 x 105 bits just to transmit the grid.

A technique has been devised to reduce the number of bits to the previously-calculated

number required to send only planet and star addresses, yet obtain the increased accuracy
given by a reference grid. In addition, a possibility of further reduction is described
later.

This technique represents application of a fundamental rule in space communication-

don't transmit what is already known or expected. The system would be designed to expect
the presence of the grid signal at specific points (or within a short distance of these

points) and would use the grid positions only to establish new address references. The
addresses of the grid points would not be transmitted.

While many details remain to be studied, a possible system is shown in Figure 4.4.5-3.
As shown, the video signal is first channeled through an amplitude change discriminator

and pulse shaper for recognition of the start/stop points. Following its path through the

horizontal c.hain, if the signal originated from the horizontal crossing of a vertical line
in the reference grid, the timing will be such that the grid gate passes the signal on to
the registers but blocks passage of the signal to the readout gate. The result is an

advance of tlle 3-bit grid register by one count and a resetting of the 7-bit element

register. The element register after each reset caused by recognition of a grid line will

count the resolution elements as the I.O. beam is stepped along a scan line. The grid

gate in turn is "opened" for recognition of a grid signal when the element register has
reached a preset count.
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If a signal reaches the grid gate when the gate is not "open", it is presumed to be a star

or planet point and its address is recorded for later transmission to earth. This is
accomplished by having the signal actuate the readout which will deliver to the recorder

the 3-bit word from the grid register, giving the number of the last grid line crossed,
and the 7-bit word from the element register, giving the element number following the

last grid line. Together these i0 bits give the address of the signal point horizontally
referenced to the last vertical grid line crossed.

Meanwhile, the same signal has followed a similar path through the vertical logic° In this

case, a horizontal grid line is recognized by a grid gate which is "opened" after a preset
number of scan lines have been traversed. The vernier register indicating position

between grids in this case is counting lines rather then resolution elements. Another
10-bit word is read out of this logic to give the vertical address of a star or planet point
referenced to the last horizontal grid line crossed. Thus, with a total of 20 bits per

start/stop point, the complete address is given referenced to nearby grid lines, without

the necessity of transmitting the addresses of the grid points per se.

Some consideration has been given to even further reduction of the number of transmitted

bits by additional techniques added to the above system. For example, an additional
factor of two reduction could be gained by reversing the scan direction with each line so

that one line is traversed left to right, the following right to left, etc. If then only rise

or "start" signal points are transmitted and "stop" points are not, the factor of two
reduction is realized; yet both right and left image edges are preserved (with half as

many points on each side). For a typical star image, this would reduce the number of

transmitted point addresses from eight to four, still sufficient to locate the star position.

Taking the case of the closest view of the planet, in which it subtends about 300 lines on
the TV picture, applying the alternate direction scan and start-only technique will reduce

the transmitted points to 300, 150 on each side of the image. Since this is far more

points than required to locate the planet image position with the desired accuracy, it may
be possible to achieve a considerable additional bit reduction in this area.

To achieve this additional reduction, the vehicle logic must be able to recognize a planet

image as distinguished from that of a star or grid line. For example, upon detecting

a start signal, it could first be stored in a temporary memory until the following stop
signal is detected. If the stop follows the start within less than a given number of ele-

ments, say ten, the address in the temporary memory is recorded for transmission in
the normal manner. However, if the stop signal does not follow the start within ten

elements, the image is recognized as a planet and the point stored in temporary memory
is not read out to the recorder. Since, of course, some planet points are required, this
inhibit action would be interrupted periodically to permit readout of the detected point

even though recognized as a planet point. With a digital line counter, the inhibit signal

could be interrupted, for example, every eighthline to give a planet image edge point.

Thus, from a 300 line planet image having 150 start points on each side, only one eighth
or approximately 20 on each side would be transmitted to earth. This is still more than
adequate to determine the planet position° Actually, some additional points would be

transmitted due to failure of the logic to recognize the planet near the two corners of the

planet image° The result may be transmission of about 60 points to represent a
maximum-size planet image.

As a result of all techniques discussed above, the twelve-star, mmximum-planet-size

TV picture assumed earlier would require the transmission of the addresses of 48 points
for the stars plus 60 points for the planet. With 20 bits for each of these 108 points, a
total of 2160 bits could transmit all necessary information from the entire pictareo This

can be compared with the 106 or more bits required if every resolution element is trans-

mitted in sequence° The overall result is an approximate factor of 500 reduction°

The logic description above is somewhat simplified° A number of other possibilities also

exist; with further study a preferable approach can be identified. At this point it can be

assumed that a satisfactory method of bit reduction can be implemented should the
occasion arise°
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4.5 ATTITUDE COi"rI'ROL

4.5.1 SUMMARY

The attitude control system is required to perform a multitude of functions during the
transit andorbital phasesof mission. In transit flight it is required to point the solar
power collectors to the sun, be capableofmaneuveringthe vehicle to anycommanded
orientation in space, control engineorientationduring propulsion, andpoint a highgain
antennato the Earth. In the planet orbitingphaseit is required to point the solar power
collector to the Sun, the high gain antennato the Earth andanexperiment packageto the
planet. A system concepthasbeenchosenwhich makesmaximumutilization of the same
componentsin the various modesof operation, andonewhich is applicableto all con-
sideredVoyager type missions. Both in transit andorbital phase, control is obtainedby a
cold gason-off mass expulsionsystem, capableof maintainingextremely low vehicle rates
without the use of gyros. Gyros are usedonly during initial stabilization, maneuvering,
enginefiring, lander ejections, andanypossiblerestabilizations. Commandorientations
are accomplishedby maneuveringthe vehicle from an initial stellar orientation using
strap downgyros. Vehicle orientation is maintainedduring enginefiring through the
gimballed engine. Effective thrust vector orientation to the desired direction in spaceis
provided byusing the normal componentsof vehicle acceleration as measuredby two
orthogonai accelerometers.Thrust cut-off is accomplishedby integrating the outputof a
third accelerometer alongthe thrust axis.

For maximum adaptability to various missionsthe main vehicle is oriented to the Sun
andCanopusin all phases,with the antennaand PHPongimbals electrically driven
with respect to the main vehicle. Boththe antennam_dPHP orientation are controlled
by seK-mountedposition sensors. Withthe abovesystem, the pointing accuracy of the
main vehicle is dictated bythe accuracyrequirements of maneuverexecutions. Sincethe
numberof maneuversis limited andof short duration, the accuracy couldbe reducedfor
the majority of the mission if an advantagesuchas gasconsumptionsaving is realized.
In addition to the increase in limit cycleperiod, reducedaccuracy couldresult in re-
ducedgas consumptionandreduction in the numberof solenoidoperationsin the sunpoint-
ing axes, by enablingutilization of simple techniquesfor solar torque stabilization. Further
reliability couldberealized by turning off some componentssuchas those associatedwith
roll control for the majority of the transit phasewherepointing of the high gain antenna
is not required; at the expenseof reaquisition sequenceprior to eachmidcourse
correction.

4.5.2 SUBSYSTEM REQUIREMENTS

There are four basic requirements of the Guidance and Control Subsystem:

Maintain a known orientation in space
Point an antenna at earth

Point a PHP at a target planet

Assume a commanded and arbitrary orientation in space

The maintenance of a known orientation in space is required for the collection of sol_"

energy, the provision of fixed relative location of heat sources and sinks and to provide
an initial position reference from which maneuvers may be made. This suggests that

one axis of the vehicle be pointed toward the Sun except for brief periods when another
orientation is needed for other purposes.

From time to time in the Voyager mission, reception and transmission, of information
at data rates and power levels requiring a high gain antenna will be necessary. Thus,
pointing of a high gain antenna toward Earth with sufficient accuracy so as to take advan-

tage of the narrow beam width is needed. This pointing mechanisn] is supplied by the

Guidance and Control Subsystem.
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In the vicinity of the target planet, an instrument package will be used requiring its sensi-
tive axis to be pointed along a local vertical to the planet. This pointing function is a part
of the Guidance and Control Subsystem.

At various points in the Voyager mission, one of the vehicle axes will be required to point
to some commanded and arbitrary position in space. The maintenance of this attitude
will be required in the presence of the disturbance of rocket motor burning and Lander
ejection.

A fifth function of the Guidance and ControISubsystem not requiring a specific control
system is the making and transmission of observation of location of the target planet in
the star background in the approach to the planet.

4.5.3 ATTITUDE CONTROL SUBSYSTEM

A. Description of Selected Subsystem

The proposed Voyager Guidance and Control Subsystem shown in block diagram form in
Figures 4.5.3-1 and 4.5.3-2 uses a Sun-Canopus reference during transit to and orbit of

the target planet. In normal attitude the roll axis and solar panels point toward the Sun,
requiring control about the pitch and yaw axes with reference to the spacecraft Sun line,
and roll control is referred tothe star Canopus. Sun sensors and a Canopus tracker pro-
vide error signals for spacecraft cruise control. Automatic acquisition of these celestial
references is provided by internal logic for normal operation and during any unexpected

loss of the references. During acquisition, vehicle rates are sensed by gyros operating
in the rate mode and are removed by the attitude control cold gas reaction sub-system.
Sun acquisition is accomplished by actuation of the proper pitch and yaw cold gas jets in
response to position information from the sun sensors and rate signals from the respec-
tive gyros. Acquisition of Canopus is achieved by an internal logic controlled roll search
about the spacecraft Sun line. During cruise any error between desired and actual space-

craft attitude is sensed by the primary attitude error detectors and the celestial sensors,
and transformed into electrical signals of a usable level to operate the reaction subsystem
in order to maintain the vehicle attitude within the required limits. Control is main-
tained using the minimum amount of cold gas by correct combination of the celestial sen-
sor inputs and derived rate within the attitude control switching and logic amplifiers.

Included as parts of the spacecraft guidance and control subsystem is the capability of
providing trajectory corrections by firing a constant thrust rocket motor for a specified
time while the vehicle is maintained at a specific attitude. The guidance and control
gyros operating in the rate plus position mode replace the celestial sensors as attitude
references during spacecraft maneuvers and rocket engine firing. Vehicle attitude is
maintained during the engine burn period by autopilot control of the thrust vector while
the burn period is terminated when the vehicle velocity increment, as measured by an
integrating accelerometer oriented along the axis of thrust, attains a desired reference
value.

Guidmlce information for the terminal phase of the transit to the planet is provided by a
single image orthicon television sub-system fixed to the spacecraft. Computations of
the required approach corrections to the target planet are made from television information
transmitted to Earth during the later part of the transit. As in the case of midcourse
corrections the velocity vector correction computed on the ground is transmitted to the
spacecraft storage and logic unit prior to the correction maneuver.

A high gain antenna with two degrees of freedom relative to the spacecraft is deployed at
specific times during the mission for high data rate communication and for verification

of Canopus acquisition. When deployed, its orientation is controlled to Earth in response
to error signals from an Earth sensor mounted to the antenna or information stored
aboard the spacecraft.
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The interfaces and interactions of the various parts of the Guidance and Control Subsystem

are described in the functional description that follows.

Bo Ftmctional Description ,and Operation Sequence

The g_idanee and control functions will be described by sub-subsystems performing them
and noting the functional interfaces and the operational sequence.
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The attitude control sub-subsystem acquires the celestial references and controls the

attitude of the spacecraft during cruise, maneuvers, and orbit of the target planet.

Activated on receipt of a separation signal from the spacecraft programmer the attitude

control will stabilize on, and hold a fixed orientation with respect to the Sun and Canopus.

Initialstabilization is accomplished in response to celestial and inertial sensor inputs.

Gyros on from launch and in the electrically caged mode provide pitch, yaw, and roll rate

signals "_othe switching and logic amplifier while pitch and yaw error signals are provided

from Sun sensors (coarse, fine, and narrow angle with a combined 4 l_steradian field of

view) mounted about the respective axes. The pitch and yaw position and rate signals are

combined in the conventional manner in the Switching and Logic Amplifier to furnish

signals at a usable power level to actuate the proper cold gas jets. Roll rate is removed

by the proper roll jets in response to roll gyro signals. When the initialseparation rates

are reduced below 0.25 mr/sec and the Sun is acquired within the narrow angle Sun sensor

a roll search for Canopus is automatically initiated in response to commands from the

Logic and Storage unit° These commands consist of signals to:

1. Activate the Canopus tracker

2. Switch the roll gyro to the position plus rate mode
3. Provide a precision current source to the roll gyro torquer for the time

required to establish a roll rate of three mr/see.

When a Star is acquired, a star presence signal from the tracker to the Logic Storage

unit activates the necessary logic to switch roll control to the Canopus tracker and the
roll gyro to the rate mode. Verification of Canopus acquisition is indicated from orienta-

tion of the high gain antenna with respect to the spacecraft when it is pointed to Earth if

this can be accomplished. When the high gain antenna is not used, verification requires
a roll override command from Earth to reinstitute a roll search and other stars within the

pitch field of view of the Canopus tracker are acquired. The relative position of stars
acquired are m_oped at the ground station by noting time of traverse between them at

the fixed rolI rate. From the resulting star map Canopus may be identified and proper

acquisition is insured. With the celestial references properly acquired if the vehicle
rates are below the prescribed 0.25 mr/see the gyros are switched off by the storage

and logic unit and the cruise mode established using the Sun and Canopus references

with derived rate logic.

Any disturbance to the spacecraft attitude that results in unprogrammed loss of Canpous

or the Sun Ieaving the narrow angie Sun sensor field of view will automatically turn on the
gTros to the rate mode and cause the system to repeat the necessary portion of the acqui-

sition sequence and thus return to the cruise mode.

In advance of a maneuver, the gyros are turned on for warm-up in the electrically caged

mode upon receipt of a command from the stor_e and logic unit. The maneuver sequence

is accomplished by commands from this logic unit. When gyro warm-up is accomplished
the maneuver sequence is initiated by switching over to the gyros in the position plus rate

mode to replace the Sun and Canopus references. A roll turn is made using a precision
gyro torquer current for a precise time increment to torque the roll gyro through an angle

computed on the ground, transmitted to the spacecraft and stored in the G&C storage and
logic unit prior to the maneuver. In like manner a pitch turn is completed establishing

the attitude of the spacecraft for rocket motor firing using the gyros as position references.

The thrust vector control antopilot, turned on at the beginning of the maneuver sequence,

commands the thrust vector actuators during the rocket burn period to maintain a stable
vehicle attitude and desired direction in response to input signals representing spacecrMt

pointing errors and their derivatives, and the thrust vector direction relative to the roll
axis of the vehicle. The autopilot is in active control of the spacecraft orientation only
during the actual rocket motor bm'n period. Rocket motor burn commences with a command

from the spacecraft programmer and ceases when the time integral of spacecraft accel-
eration along the vehicle roll axis reaches a reference velocity increment as stored in the

lo_ic unit. Following motor shut down inertially referenced attitude is maintained by the
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cold gas jets in response to the gyro references. Return of the spacecraft to its cruise
orientation is accomplished by pitch and roll turns in respone to commands from the
storage and logic units as before but in reverse order and release of the inertial references
to permit normal reacquisition and cruise mode operations.

The high gain antenna will be latched in the stowed position during launch, during maneuvers,
and during the first two thirds of the transit phase to the planet when it is not needed to
transpond DSIF signals or to transmit or receive data with the vehicle in the cruise mode.
During the remainder of the trip, the approach and terminal phase, and during orbit the
antenna will be deployed except during maneuvers. When deployed it will be controlled
by the antenna control sub-subsystem. The anntenna will be oriented to earth by rotations
about the hinge axis (perpendicular to the spacecraft roll axis) and the elevation axis
(perpendicular to the hinge axis) in response to gimbal commands from the programmer or
two axis error signals from the earth sensor.

Approach guidance is provided by a single image orthicon television subsystem. It will
operate on command from the programmer. The position of the television camera is
fixed at the time of launch at a proper angle for viewing the target planet against the star
background during approach without requiring vehicle reorient_ion. Ground analysis of
the transmitted television information results in computation of the terminal approach
correction to be made in the same manner as midcourse correction maneuvers.

The Planet Horizontal Package will be latched in the stowed position during launch and
transit to the planet. It will be unlatched after injection into orbit about the target
planet upen receipt of a command from the programmer. It will be controlled by the PHP
sub-subsystem. The PHP will be oriented to the planet by two separate gimbal drive
mechanisms in response to stored gimbal angles in the Storage and Logic unit or two
axis error signals from the planet IR sensor. In the command mode the servo loop will
be closed by the gimbal pick-off, while in the sensor mode the loop will be closed through
the motion of the Planet IR Sensor.

C. Back Up Modes

The selected method of implementation for t'_e Voyager guidance and control subsystem has
certain capability for other than normal operation, should a failure occur or some mission
abnormality make alternate methods desirable.

For much of the transit period, roll control of the vehicle is not necessary, the primary
requirement being to point the roll axis toward the Sun. Thus, the roll axis control may
be deactivated entirely unless it does not have the intermediate value of moment of inertia.
H the roll axis is not that of intermediate moment of inertia value, roll axis rates will
require removal from time to time. Normally, the roll axis angle is under control of the
Canopus tracker. Should a failure of the tracker occur, the high gain antenna may be
extended to the desired position and place the roll axis under control of the earth tracker.
This option will not always be available in that the Sun may disable the Earth tracker when
the Earth-Probe-Sun angle is below 30 ° , or when Earth-Probe-Sun angle is near 180 °
resulting in a lack of roll angle information. There is some inherent redundancy in the Sun
sensors used in that wider angle sensors may be used for control should failure occur in
the narrow angle sensors normally in use.

There is always available an optional method of PHP and antenna pointing in which the
pointing is c_ntrolled to programmed angles. Thus, in the event of failure of the Canopus
tracker, Earth tracker or planet sensors, control may still be maintained by vL_tue of
the redundancy of available pointing information from these references and preprogrammed
angles.

A further possibility is to drive the PHP to the position that gives orientation to the planet
vertical at perifocus, and deactivate the drives. This would be more or less a last
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resort since, although it would give moderate TV coverage, it would considerably restrict
communication with the Landers.

Also as a last resort, the gTros may be used as a position reference for a period of time

m_d, for certain failure modes, could be ulxtated with either directly sensed information

or by Earth comnland.

D. Component Descriptions

(1) Null Sensors

The Sun sensor error detectors have an unobstructed field of view over the complete

sphere about the spacecraft with a single stable null in the pitch and yaw channels in order

to point the vehicle roll taxis at tile Sun. The Sun sensor function is accomplished by use of
primary, secondary and narrow angle sensors. The primary and secondary pairs are

interconnected to give the following characteristics in pitch and yaw for the full mission
life over distances from the Sun of from 0.7 AU to i. 0 AU for the Venus Mission and

from i. 0 AU to i. 6 AU for the Mars Mission.

Field of View
Saturation Level

Noise Level

Null Offset (Mech. &

Elec. )

4 v steradians
,2 o

<-O. 006 °

0.3 ° 3or

The narrow angle Sun sensor will detect when the Sun is within 2 1/2 degrees of the roll

axis to provide logic switching to the control system.

(2) Canopus Tracker

The Canopus tracker will provide a roll reference to orient the spacecraft during transit

to and orbit of the target planet. The star tracker being considered is now being developed

for the Mariner C program and is specifically designed to track Canopus. The design is

unique in th_ it requires no mechanical gimballing or tilt mirrors in either the roll or pitch
axis. It utilizes a CBS Reconotron multiplier phototube and provides deflection for scanning

and pitch angle tracking through the use of the tube electrostatic deflection plates. The
tracker provides rather broad amplitude gates for discrimination purposes from 1/4 to 6

times Canopus illuminance. The present pitch angle change of + 20 degrees is adequate for
the Voyager Mission, however operation may be marginal as a result of resolution and

gain variation over the pitch angle range. The factors affecting off-axis resolution arise
from detector optical parameters and electron focusing geometry. The application of dynamic

focusing to the multiplier phototube should alleviate this problem. A further improvement
in operation which can be considered applicable will result from increased sensitivity gained

by substituting a $20 photocathode in place of the present S11 photocathode in the CBS tube.
Development in these areas is in process and, it is reasonable to assume, wiI1 be accom-

plished in ample time to benefit the Voyager. The significant performance characteristics

of the tracker for the Voyager mission are:

Total field of view pitch
Total field of view roll

Instantaneous field of view

Scale factor
Noise level

Null offset (Mech and elec)

5 volts star presence DC sig-

nal voltage required

+ 20 degrees

+ 2 degrees
deg x 10 deg

linear to + 2 in roll

0. 006 deg max

0.3 deg 3
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(3) Switching Amplifier and L%,lC Subassembly

The switching amplifier and logic subassembly contains the amplifiers for the spacecraft

attitude sensors. The tltree amplifiers in the subassembly pitch, yaw, and roll activate

the pitch, yaw, aud roll cold gas jets. The Sun sensors, the Canopus tracker and the
pitch, yaw and roll gyros all provide ,lputs to the switching amplifier. Derived rate
compensation circuits for stabilization during the cruise to limit cycle operation when the

gyros are off are also provided in this module. Also included in the subassembly is the

logic circuitry for automatic acquisition of the sun. The logic is composed of the narrow

angle Sun sensor circuit, that, upon Sun acquisition, removes power from the secondary
Sun sensor and provides a signal to the storage and logic unit to activate the Canopus
tracker and commence a roll segu'ch.

During the acquisition mode, pitch rate and yaw signals from the gyros and pitch and yaw
error signals from the Sun sensor are combined m_d aml)lified to control actuation of
the proper pitch and yaw jets. Roll jets are controlled in response to roll rate signals

from tile roll gyro. During maneuvers, gyro l)osition plus rate signals are the inputs to
switching amplifiers.

During cruise m(_te limit cycle ol)eration, the (:old gas jets are controlled by the Switching
and Lo!_ic amplifier in response to Sun sensor and Canopus tracker error signals and
rate feedback.

The switching aml)lifiers are the mininmm-on-time type that maintains an output for a

minimum length of time, once an input has caused the output to turn on regardless of

subsequent input vm'iations. This eliminales the el fccls of noise during the actuation
period and pr(fluces a predictable velocity increment each time a switching command is

given. Each derived rate network integrates a positive or negative voltage pulse and
provides a feedback w}Rage proportional to the length of time the int)ut voltage is applied,

that is greater thm_ the peak-to-pea.k noise level, and a discharge rate tha is less thm_ the
average rate of change r_f the sensor si,?'nal. The l)itch and yaw switching amplifier setting
will be , 4.0 mr. The roll switching _plii'ier setting will be _ 4.0 mr.

(4) Gyro Module

The !,_yro m(,tule features tln'ee single-taxis, floated-rate, integ,;rating gyros to be mounted
in a module t_ give optimum heat transfer paths for each gTro and precise alignment

(better than 1 mrad). Integrated with the ayro electronics, the gTro module provides the
spacecr_fft attitude control subsystem with:

1. Pitch rate, yaw rate and roll rate i_fformation dm'in._ acquisition of the
celestial references while operating m the caged or rate mode.

2. Rate plus inertial position reference during commanded turns and

autopilot ol)eration while operating in the rate plus position nade.

° The ability to establish an tu'bitr,'u'y reference other than t)rimary
celestial references for mid-course corrections through torquing of

the _ro while in the rate plus position nlode.

The gyros :u'e not required during cruise and orbit modes when the primary celestial
• - bl _references are available t0ut are avmta _ in case of failure of one of the celestial ._ensors.

During operation, the module temperature will be nlaintained within 70 ÷ 10°F. Dm'ing

the non-operating m(_te, a module temperature as low as g°F will be pel'mitted. The

required performance ctu'u'acteristics of the gyros are as follows:

Operating life
N(m ,_ sensitive drift

(short term)

8,000 hours

• 25 deg, hr nuLx
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Nong sensitive drift
(longterm)*

g sensitive drift
g2sensitive drift
Randomdrift
Torquing rate
*Max drift after non-operating

modefor 60daysat 0°F.

1.00deg/hr max
•20deg/hr/g max
04deg/hr/g2 max

• 10deg/hr at 1 g max
8, 00Odeg/hr

A temperaturesensor is required in the gyro moduleso that the gyro temperature maybe
telemetered to earth for computationof the torquing time for commandedt_,rns.

(5) Gyro Control Electronics Module

The electronics for the pitch, roll and yaw gTros contained in this module will

provide the electronic damping and spring restraining torques to allow the gyro to

operate as a rate plus position sensor or a rate sensor. In addition, the control elec-
tronics will produce a precision gyro torquer current for the time interval commanded

by the progran_mer to control the spacecraft attitude during the commanded turn mode.
The electronics for each g_yro closed loop from pickoff to torquer included are the AC

preamp, demodulator, DC compensation, power amplification, an RC network to provide
the electronic damping and spring restraint and relays for switching between rate and

rate plus position mode. Outputs from the gyros will go to the gqfro torquers, the

switching amplifiers and the autopilot.

(6) Thrust Vector Control

(a) Autopilot

The function of the autopilot is to maintain stability when the maneuver rocket engine

is firing and also to cmtrol the direction of the velocity increment in space• This is

accomplished by manipulation of i_formation from the gyro reference and accelero-

meters placed along the pitch and yaw axes of the spacecraft. The autopilot pitch and

yaw channels each consist of an amplifier, a summing integrator, told an accelerometer
with its associated electronics. The roll channel is the same as used under inertial

reference control when the rocket motor is not burning.

The pitch and yaw autopilot error signals are used to drive the thrust vector control

amplifiers which position the tt_rust vector in the desired angle relative to the vehicle.

The details of control logic of the Autopilot appear in Section 4.5.4.D. 2. This method
of control yields velocity increment errors which are sensor and integrator offset

errors plus the control dynamic error which arises from the initial vehicle center of
mass offset. Accelerometer - integrator errors of less than 1 ft/sec are required.
The accelerometers used are of the analog force rebalance type with a range of -0.5 to

0.5 g's. Amplifiers and integrators are DC operational amplifiers. To date, there
has been no requirement to use these autopilot compensation accelerometer outputs to
correct the roll axis velocity measurement, but it could be accomplished if more

velocity increment measurement accuracy were required.

(b) Thrust Vector Control Actuators

The thrust vector control actuators are required to move the thrust vector in response

to auto-pilot commands during rocket engine firing. A pitch and yaw position servo,

each consisting of an electrohydraulic servo valve, hydraulic actuator and position
pickoff will be used to position the gimballed rocket engine. A turbine driven from the

rocket engine fuel and oxidizer will power a positive displacement pump to furnish the
hydraulic pressure for actuation. The hydraulic system will consist of a one-gallon

reservoir, accumulator, pump and bypass which will furnish a supply pressure of 3,000
PSI.
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(c) Accelerometer andElectronics Module

The Acr:elerometer and Electronics module measures the velocity increment to be added

during corrective maneuvers by means of a linear accelerometer and integrator combina-

tion. A digital force balance accelerometer with a pulse-torqued rebalance loop to pro-

vide feedback current to null the proof mass is required, to be compatible with the digital

velocity increment transmitted from each ,and stored in the programmer. Each pulse

represents a constant value of velocity increase and will be transmitted to the storage
and logic unit. When the reference velocity stored in the unit is attained, the rocket

engine will be shut down. A temperature sensor with its output to telemetry is required.
The required performance characteristics are:

Scale Factor
Null Offset 3

Sensitive Axis Alignment to
case

Accuracy 3 a

Operating Range
Temperature Limitations

Operating

Non- operating
Non operating Acceleration

0.1 ft/sec per pulse

+ 0.3 milli g

0.5 arc min

+ 0. 1 (:_, of applied _ 1.0 g
0.05 gto 1.5 g

0°F to 160°F
-65°F to 160°F

+ 15 g any axis

(7) Earth Sensor

The Earth Sensor operating in the visible band of the spectrum is used to orient the bore-

sight of the high gain antenna when deployed to the Earth at any time from just prior to the
first midcourse correction to completion of the spacecraft mission except if the Earth

is occulted by the target planet or within 30 degrees of the Sun. The sensor will be

mounted co-linearly with the antenna and will provide error signals about two axes as
inputs to the antenna gimbals. The significant performance characteristics of the sensor
are:

Field-of-view (both axes)
Saturation Level
Noise level

Null offset (Mech and Elec)
5 Volt DC min earth

presence signal voltage
required

(8) Planet IR Sensor

2 deg
72 °

_01 deg max

+ 0.5 deg

The Planet IR Sensor operating in the 7 to 20 micron band of the spectrum will be used
to acquire the target planet and orient the PHP to the planet during orbit. The Planet
Sensor will be moup.ted co-linearly with the PKP nominal line of sight and will provide

error signals about two axes as inputs to the PHP gimbals. The significant performance
characteristics are:

_o
Planet Subtense Range a to 100 °

Linca_r Range _ 2 deg
Noise Level _01 deg max

Null offset (Mech and Elec) , 0.5 deg

5 volt rain planet presence

si;mal voltage required
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(9) Storage and Logic Unit

The Guidance and Control Storage and Logic Unit provides the non-random access storage
and modal determination logic for the guidance and control subsystem. It is capable of

receiving pre-addressed serial digital information and storing this for angle references,
velocity increme_s, and command information. Any time increments needed will be
supplied to this unit from the basic system clock and counters. Logical determination
is made here for the operational mode of the guidance and control subsystem based upon
the sensed capability and present operation of the system. Relays are used for power
switching functions and transistor switching is used wherever possible in signal circuits.
The unit then iniditates the control mode for the gyros, all Gimbal angle pointing references,
activation and de-activation power, roll start and stop processes, modal changes for
maneuvering and autopilot activation, all propulsion control signals, and back-up modes.

(I0) High Gain Antenna Servos

The Antenna Control Subsystem, the Hi Gain Antenna boresight to Earth within + 1.0
degree in the Earth sensor mode and within + 2.0 degrees in the command mode. Motions
about the hinge and elevation gimbals are controlled by two servo loop s operating in
response to error signals from the Earth sensor or storage and logic unit. In the former
mode, the loq3 is closed through the Earth sensor, while in the later the loop is closed
through a comparison of gimbal angle readouts with the stored angles.

The control electronics consists of amplifier channels for the hinge and elevation gimbal
drives. Each drive amplifier accepts either a DC signal from the earth sensor or a

suppressed carrier signal from the command channel amplifier and provides power to its
respective gimbal drive motor.

The gimbal actuators are each an integral assembly oi a servo motor gearbox, slip clutch
and position readout. High gear ratios in the order of 200, 000 to 1 provide the necessary
torque to the antenna gimbals for very low power with excess torque as a backup in case
of unexpected friction or disturbance torque. A position encoder supplies the position
information with stored angles for operation in the command mode. The slip clutch
provides mechanical overload protection during ground checkout.

(ii) Planet Horizontal Package Servos

The PHI ) control subsystem controls the orientation of the 17rip to the target planet within
+ 1.0 degree in the planet sensor mode and within + 2.0 degrees in the command mode.
_¢Iotions about two axes are provided by gimbal drive mechanisms and are controlled by
two servo loops operating in response to error signals from the planet sensor or storage
and logic unit. In the first mode, the loop is closed through the IR sensor while in the
later, the loop is closed through a comparison of gimbal angle readouts with stored
angles in the storage and logic unit.

The control electronics consists of amplifier channels for each gimbal drive. Each drive
amplifier accepts either a DC signal from the Planet sensor or a suppressed carrier signal
from the command channel and provides power to its respective gimbal drive motor.

The gimbal actuators are each a sealed integral assembly of a stepper motor, gear train
slip clutch and position readout. High ge_" ratios of the order of 100,000 to 1 provide
the necessary torque to the I)HI) gimbals for low power with excess torque at the expense
of increased power for uric×petted friction or disturbance torques. Stepper motors allow
quiesent periods between I)HI) position corrections for planet observations by TV cameras
The use of a slip clutch in the drive provides mechanical overload protection during ground
checkout.
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(e) Size, Weight_ and Power Summary

Attitude Control Sub-system

Sun Sensors

Canopus Tracker

Switching Amp and Logic Subassembly

Gyro Module

Gyro Electronics Module

Thrust Vector Control Amplifier

Thrust Vector Control Actuators

TVC Actuator Hydraulic Subassembly

Accelerometers and Electronics

Hi-Gain Antenna Control Subsystem

Earth Sensor

Antenna Drive Electronics

Actuator Hinge

Actuator Elevation

Planet Horizontal Package Sub-subsystem

IR Sensor

Drive Electronics

Actuators

TV Approach Guidance Sub-subsystem

Camera and Electronics (each)

Power/Converter Subassembly

Storage and Logic Unit

200 F/F

72 Drivers

Si

35

250

40

180

40

160

200

350

170

180

60

150

70

140

80

330

800

100

380

Weight
(Ibs)

0.9

5.0

1.2

6.0

1.2

.40

8.0

19.0

7.5

6.5

2.0

7.5

4.0

12.0

2.5

15.0

21.0

2.5

14.0

Power

(watts)

0.3

3.0

3.0

9.0to 16.0

7.5

10.0

2.0

0.0

18.0

6.0

10.0

9.0

4.0

8.0

15.0

18.0

25.0

8.0 launch
3.0 cruise

22.0 man.

15.0
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Si Weight
(ibs)

Power

(watts)

36 Relays

30 Pulse Shapers

167 Gates

4.5.4 SUB-SYSTEM DESIGN RATIONALE

A. Selection of Celestial Reference System and Articulation

Fundamental to the design of the Guidance and Control System is the selection of a celestial
reference system and the selection of the articulation required for the Voyager Missions.
The design must respect the influences of the needs of a reference system in order to be
useful; spacecraft requirements for collection of solar energy; spacecraft temperature
distribution; pointing required for communication and scientific experimentation; mission
flexibility and maneuver methods.

A basic reference system is needed for two fundamental reasons: maneuvering and communi-
cation. Since correction will be made to the transit trajectory in some direction not known

initially, the spacecraft must be capable of aligning its axes to a known position in space,
and further be capable of assuming an arbitrary position with respect to this known position.
A highly directional antenna is required for communication with Earth stations at minimum
power levels. The pointing of this antenna is a function of the Guidance and Control Sub-
system. In order to minimize the problems of pointing this antenna at the earth, it must

be initially pointed close enough to Earth that an Earth tracker with a fairly narrow field
of view can sense Earth and compete the pointing process. In order to accomplish this,
again the initial pointing requires that the spacecraft have some known orientation.

The requirement for the spacecraft reference position might be fulfilled by use of an
inertial reference system or by use of celestial references. An inertial reference is at-
tractive in that it could be used advantageously for maneuvering and perhaps for pez{orming

some navigation tasks. The celestial reference system enables pointing to be accomplished
by direct control of spacecraft axes through celestial body sensors.

In examination of pointing requirements throughout the mission, it becomes apparent that
there are no inertial references available at this time which could be used without up-

dating. This means that celestial body sensors would have to be used in any case to pro-
vide an accurate reference either for direct spacecr,xft pointing or for up-dating an inertial
reference.

Recognizing the need for use of celestial bodies for attitude references, various schemes
may be considered. Two bodies are needed for a reference system, which yields one re-
dundant angle of information. Consideration of the following groups of two bodies was made:
Earth-Sun, other planet-Sun, star-star, and star-Sun. Selectionof the Sun for one of the
bodies is an obvious selection since it is easy to find and presents a minimumof difficulties
in sensor design. The second body should be normal to the probe-Sun line ideally. This
consideration rules out planets as the second reference except when the Planet-Probe-Sun
angle is near 90 °. Thus a celestial body which is near normal to the transit plane generally
becomes the best reference universally available for the various Voyager missions.
Canopus is therefore the best choice for a second celestial body for the spacecraft refer-

ence system.

When the Sun is used for one of the reference celestial bodies, and if one of the spacecraft
taxes is oriented to the Probe-Sun line, a number of helpful results are obtained. Except
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for relatively short times, the thermal sourceand sink are fixed relative to the vehicle
which easesthe thermal control designproblem. Further, solar cells usedfor collection
of electrical power mayremain in a fixed relation to the vehicle. Useof the Sun-Canopus
system doesmakethe poir.tingto Earth andtarget planet more complicated, however. Use
of Sunpointing suggeststhat similitude of the surfaces exposedto the sunmay beusedto
reduce solar unbalancetorque and, as a consequence,gasconsumption.

In orbit aboutthe target planet, oneaxis ofthe vehicle or somearticulated part must point
at the planet. Again, twoaxesof angular position information are required. If onevehicle
axiswere pointedat the planet, gravity gradient torques couldbeminimized, but solar
power collection wouldrequire sufficient degreesof freedom to point panelsat the Sun.

Baseduponthe abovereasoning, a basic vehicle axis reference system is establishedby
a line from the probeto the Sunandby a planecontainingthe Sunline andProbe - Canopus
line. Twodegreesof freedom are providedto point anantennatoward Earth andtwo
additional degreesof freedom are providedto point an instrument packageto the target
planet alongthe local vertical.

This configurationprovides a minimum numberof degreesof freedom anda maximum of
flexibility suchthat all of the Voyagermissions maybe accomplishedwithout a major change
in sensors or articulation. If the Earth wereused in place of Canopusduring the time when
the high gain antennais in use, oneaxis of antennadrive couldbeeliminated. A bias of
less than 5° in roll would result, which douldbe accommodated.This is consideredprim-
arily as a backupmodeof operationfor the present vehicle design, since the secondantenna
drive is required for stowinganddeployingthe antenna.

In order to permit the celestial body sensorsto remain more or less fixed to the vehicle,
and still be ableto point anaxis of the spacecraftin anyarbitrary direction for maneuvering
(sothat the rocket motor gimbaling requirementsare reasonable) a short term inertial
reference is used°

The selection of those celestial reference axes and vehicle articulation makes apparent
certain sensor requirements. Sun sensors capable of 4 _ Steradian look angles are
needed to point the vehicle roll axis toward the sun. This takes advantage of the ease of
determining the location of the Sun relative to the vehicle in the alignment of the pitch
and yaw axes. If no mechanical gimbaling is used for the Canopus tracker, it must be

capable of having its sensitive axis changed internally about the pitch axis to account for
a change of about 17 ° in Canopus-Probe-Sun angle throughout each mission. The angle
about the roll axis is then placed under the control of the Canopus tracker to force the
ungimbaled sensitive axis of the tracker to bear on Canopus through vehicle motion. The
pointing of a high gain antenna at Earth may be accomplished "blindly" to within a few
degrees of Earth by noting the time and using a pre-programmed position. This initial
position should be good enough so that Earth falls within the field of view of an Earth
sensor which has been previously boresighted with the antenna. Pointing control may be
transferred to the Earth sensor when presence of the earth is indicated. As mentioned

above, control of the angle about the spacecraft roll axis could be transferred to Earth
sensor under some conditions should the Canopus tracker fail. A further occasion for
doing this is when Canopus is occulted by the target planet.

Control over the pointing of the PHP may be effected in much the same manner as for the
pointing of the antenna. Here, the target is not a point source and devices which detect
horizons should be used for active control of the sensitive axis along the target planet
local vertical.

If rotation about the PHP sensitive axis is to be used for cable unwinding, the sensed
information must be resolved about the PHP-sensitive axis for pointing error signals.
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B. Selection of Inertial Reference

An inertial reference is used for three basic tasks on the Voyager orbiter vehicle: to

sense angular rate, to permit an arbitrary pointing of the spacecraft axes, and to provide

a short term inertial reference for attitude control. In principle, these functions could
be accomplished by a set of free gyros, a set of rate gyros, a set of rate integrating

gyros or various platforms stabilized by one of the methods preceding. From a practical

point of view, the simplest reference system which can perform all of the tasks is a set
of rate integrating gyros which may be used in the rate mode. Platforms promise more

in accuracy but are more complicated, weigh more, and consume more power.

An examination of pointing errors and drifts of pointing errors, as they affect total sys-

tem errors, indicates that use of a platform is not justified. Since more than one correc-

tion may be made for basic transit trajectory errors, the individual correction pointing
accuracy requirements are not severe, particularly since these corrections may be made
approximately normal to the velocity vector of the spacecraft. The most severe require-

ment for pointing accuracy would occur just after lander separation should a retardation

of orbiter with respect to lander have to be made. Should this be required, the velocity
increment desired would be larger than for the midcourse corrections and would lie along

the spacecraft velocity vector and incur sine _pe errors rather than one-minus-cosine

type errors. At the close of this study, it appears that no retardation maneuver will be
required so that the basic pointing accuracies are not dependent upon this kind of space-
craft maneuver.

Analysis has shown that if the total angular error in achieving a given velocity increment
is less than 4 °, the number of corrections required is not excessive. Single axis-floated

gyros available currently may toe expected to accumulate drift at the rate of a little more
than one degree per hour in this application and so are of definite interest as inertial
references for this mission.

These gyros may be used for each of the functions of the inertial reference. During

initial stabilization or re stabilization, the gyros may be used to provide rate information

for rapid, efficient removal of initial rates and stabilization of the control loops until
position errors are small. When a maneuver is to tx_ made, the gyros may be used in

the rate integrating mode wherein a precision current is applied to the gyro torques

causing the gyros to precess at a known rate and, through the action of the control loop,
force the vehicle to follow at this rate. Thus the vehicle may be commanded to assume

any position in space by causing the vehicle to rotate for a period of time (determined by

the torque constant and the current level) about each of two axes in succession. Again,
after torquing, the vehicle attitude can be held to the basic drift of the gyros in this
arbitrary position. While the maneuvering rocket motor is burning, the gyro l×)sition

error signals may be used to drive a thrust vector control mechanism to eliminate unbal-

aimed torques by causing the thrust vector io pass through the vehicle center of gravity.

After burning (:eases and the trajectory correction has been made, the vehicle may be
returned to its original mode of control. Other control aspects of the autopilot fmmtion
during burning of the rocket motor are discussed in Paragraph 4.5.4. D (4).

For the earlier Voyager mission a package containing three rate integration gyros seems

adequate. At the present time, gyros incorporating bail bearing for support of the wheel
are somewhat life limited for Voyager mis:dons so that they should be turned off when

not needed. This will conserve power alo_g with not accmnulating excessive running

time on the bearings. The newer [,:as bearing avros will probably be readily available at
the first of the Voyager missions. These ;yros promise a life time well in excess of the

total mission time and might be useful in that they may be expected to run continuously.

Their power consumption, however, is currently higher than for an equivalent ball bearing
gyro. Either temperature control or temperature compensation must be provided. Power
consumption for heaters versus the added complexity of sensation of temperature for
earth transmission must be traded off.
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For the middle and later Voyager missions, the electrostatically suspended free gyro
will be available. It is basically characterized by extremely low drift and extreme
precision of relative angle measurement. The use of such instruments would allow direct
measurement of relative angles to near by celestial bodies for navigation purposes along
with their use as a long time inertial reference. Further, electrostatic gyros are being
developed in a PIGA configuration which means that an entire auto-navigation package
might be made up of two electrostatic free gyros and two electrostatic PIGA's. The
associated electronic support equipment for the electrostatic gyro and its pickoffs are of
necessity rather complicated but still of size, weight, and power which is not prohibitive
for this application. Such units suggest use as the primary reference system wherein
the celestial body reference might be used only occasionally for the checking of the gyro

reference and, if necessary, up dating. The gyro are capable of not only surviving but
also controlling the entire launch phase of the Voyager mission. Lifetime should be no
problem for the gyro itself, only the supporting electronics. Since these can incorporate
redundancy techniques and majority logic, the required reliability is attainable with a
small power and weight penalty.

C° Selection of Method of Spacecraft Torquing

Reaction devices of some kind will be required to remove momentum from the spacecraft
for initial stabilization; to off-set unbalance torques arising from solar pressure,
gravity gradients, and micro meterorite impacts; to execute commanded maneuvers;
and possibly to counter angular impulse imparted during Lander ejection. Consideration
has been given to cold gas expulsion systems, momentum storage wheels, liquid metal
momentum storage devices and some semi-passive devices, and to combinations of these
methods.

For maintenance of attitude under disturbance torques whose time integral is near zero,
momentum storage devices look particularly attractive. The only part of the Voyager
mission in which the disturbance torques have this property is in orbit about the target

planet where part of the disturbance torques due to gravity gradient have zero integral.
The application of momentum storage devices for this purpose was investigated. It was
determined that the total system weight increased slightly using momentum wheels of
sufficient capacity to counter torques whose integral is zero with a cold gas system sized
to counter all torques of non-zero integral. The momentum wheel, being basically a
proportional device, may be used to hold the vehicle rates down to extremely low values.
This property turns out to be useful only for accomplishment of one mission objective:
the planet surface mapping. The normal angular rates of the spacecraft using derived
rate methods in limit cycle operation with a cold gas system do not appear to place an
undue burden on the designers of the mapping cameras at the planned resolution.

The primary disturbances resulting from motions of the PHP and high gain antenna can
be eliminated by designing these drives to be momentum canceling. This is accomplished
by making the net momentum of the drive motor and gear train equal to that of the driven
member, but opposite in sign. If the inertia of the gears were ignored (probably not a
realistic assumption) this would be accomplished by setting the gear ratio of a PHP drive

IpHp
equal to the ratio The only other consideration is that motor and PHP

IMotor Rotor

counterrotate. When these conditions are met it is impossible for the drive to disturb
the vehicle -- bearing friction notwithstanding.

Perfect canceling is not achieved when the geometry changes, such as when the PHP
moves to high "elevation" angles and reduces the moment of inertia about the "azimuth"
axis, but for the motions expected this is not a significant error.

With the present design and concept, there is no justification for inclusion of momentum
storage devices used in the manner described. When momentum storage devices are
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used which do not depend on cold gas expulsion for the "dumping" of momentum which is

beyond the storage capacity of the device, they become more attractive. Examination of
a semi-passive device of this kind was made. Here, solar ceils in a shadow box arrange-
ment control directly (withouth any amplification) the flow of liquid metal in circular

closed channels (fluid flywheels) . As attitude error is increased, more solar cells are
exposed and the liquid metal accelerates in such a direction as to torque the vehicle to

reduce the attitude error. If the total area of the solar ceils has been subjected to full

sunlight, and the fluid has reached maximum velocity, restoring force is provided by
vehicle stability in the solar pressure field augmented by a solar sail if necessary. The
system is semi-passive in that the current carrying lines of the solar cells may be

welded directly to the liquid metal pump terminals. The "pumping" is accomplished

simply by passing the solar cell current through the liquid metal at 90 ° to an intense per-

manent magnet field, thus accelerating the fluid which is confined to a path around the
control axis of the vehicle. The total vehicle weight increment involved to provide 2 axis
control for this vehicle would be about 26 pounds. The only provision is that the vehicle

be stable with respect to the solar pressure and that the zero torque point coincide roughly
with the electrical null of the controlling solar cells. This method of semi-passive control

promises to be extremely reliable. The most serious drawback, seen at this time with
present vehicle configuration is the requirement for a solar sail and how to handle such a
sail during the maneuvers that are required of the spacecraft.

Other passive means of maintenance of attitude control in order to reduce gas consumption

were examined but showed no significant weight advantage even though they should contribute
a small reliability advantage.

A cold gas expulsion system has been selected as the sole means of torquing the space-

craft at this time. As other means are developed and proven, they might be used on later
Voyager missions if a sig'nificant advantage can be shown. It should also be noted that
there is considerable pneumatic energy available in the main propulsion system fuel and

oxidizer tanks after completion of the final burning of this engine. At this point, most of

the propulsion system will contain Helium at about 300 psi. This gas may be used for
attitude control purposes if means can be had for eliminating any contaminates from the

gas. Study of combining the gas storage system for both cold gas expulsion tank pressur-
ization did not show a significant weight advantage and was dropped in favor of separately

optimized storage.

D. Selection of Controis For AII Axes

(1) Space craft Attitude

Control over the pointing of the spacecraft must be effected during initial stabilization,

normal cruise, restabilization, maneuvering, and during burning of the rocket motor.

As was pointed out in Paragraphs 4.5.4. A and 4.5.4. B during cruise conditions, the
spacecraft uses a Sun-Canopus reference system and otherwise uses an inertial reference

of three single axis gyros. This section deals with the use of these references to control

the spacecraft torquing devices, a cold gas expulsion system as described in Paragraph
4.5.4. C.

The first task for the attitude control system is the initial stabilization of the spacecraft
upon separation after injection into the transit trajectory. It is expected that angular
rates of about 50mr/see. represent a worst case for momentum removal and that attitude

is random. When first activated, the attitude control system will use Stm sensor plus
Pitch and Yaw rate information for control about the pitch and yaw axes and roll rate

aIone about the roll axis. The three single axis gyros are all operating in the rate mode
at this time. This mode of control will continue until the presence of the Stm in the narrow

angle Sun sensor indicates that the roll axis is pointing very close to the probe-Stm line,
and the residual rates are very low. At this time, a commanded roll rate is introduced
by application of a precision current to the roll axis gyro torquer. Upon the sensation of
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a celestial bodyby the Canopustracker, thetorquing of the roll gyro is stoppedandthe
roll axis position commandis assumedbythe Canopustracker causingthe vehicle to
acquire the particular celestial bodysensed, stabilizing rate signal beingsuppliedby the
roll axis _iro. This action is noted on Earth and a roll override command sent which

again causes roll axis control to be transferred to the _,ro which is being torqued at a
known rate. This process is continued until the vehicle has acquired all celestial bodies
within the field of view of the Canopus tracker whose pitch 'gimbal" position is correct

for this phase of the mission. Canopus location may be determined from this process and

Canopus acquisition may be commanded. After Canopus acquisition and Sun acquisition

are complete, the attitude control system will have major portions shut down for the period
of transit until the first mid-course correction. To place the system in the normal

cruise condition, the gsTros m_d unused sensors are deactivated. The only equipment in
use then are the primary Sun sensors, the Canopus tracker and the associated amplifiers

used to drive the cold gas system solenoid valves. The absence of a Canopus gate or Sun
gate will automatically reactivate the system since some sort of disturbance or mal-
function will have caused loss of proper attitude. This method of initial stabilization of

the spacecraft makes full use of the properties of both the inertial reference system and

sensors emphasing tile ease of placing 4 rr steradim_ view angle sensors for relative Sun

location to tile vehicle. The method selected does not taXe full advantage of the possibil-

ity of use of the Earth sensor as a means of verification of Canopus acquisition. System
studies indicate that the method selected is best for near Earth Canopus acquisition and

high gain antenna pointing is best for Canopus Acquisition verification at a great distance
from Earth.

During the long time when a cruise control is used, primary needs of tile control are to

maintain the Sun-Canopus reference system with a minimum of gas and electrical power
consumption. Precise orientation of the vehicle is not required since only the collection
of solar power for battery charge maintenance and known location of thermal source and

sink define the attitude needed at this time. Communication to Earth does not require

accurate vehicle orientation since, during the early portion of the trip, the omni antenna is
used, and the high gain antenna will track the Earth when it is ill use. It is desirable to

use some sort of derived rate for stabilization of the control loops so that the gyros may

be shut down to minimize electrical power consumption and running time on the gyros.

Several methods of derivh_g artifically the rate signal needed for damping are available

such as a series lead-lax network, time ill deadband, and pseudo integTation of valve on
time. The merits of these methods can be measured ill terms of the steady state con-

sumption of gas and their relative reliabili_'. The series lead-lag network involves the

use of a capacitor in the forward part of the control loop in series-parallel arrangement

with resistor. As apractical design problem, three disadvmltagesbecome apparent:

first, for a proper time constant, the capacitor must be large and secondly, excess loop
gain must be supplied to restore the attenuation of the passive network, and finally, noise
is amplified b?,• this arrangement. The time in deadband uses the time to cross the dead-

band for a measure of rate mid adjusts the on time hx accordmlce with the crossing time.
This method ideally produces very good results but does present the complexity of having

to measure the crossing time. The method of use of tile pseudo integration of oil time

presents a good balance between the object of having very long periods for tile limit
cvcle and still being easily mechanized. Ill this method the valve on time is used to

charge the capacitor of a lag network whose output is summed in a negative sense with

the position input. The additional elements required are passive, noise effects may be
minimized through proper desig_l, and periods of approximately an hour may be obtained

in the absence of disturbing torques. The preferred derived rate method is that utilizing
pseudo integration of valve on time presented by J. C. Nicklas andH. C. Vivian in their

JPL technical report 32-69 of July 31, 1961.

As was pointed out previously, extreme precision ill maintenance of prescribed orienta-

tion of the spacecraft is not required during cruise. In contemplation of the pointingre-
quirements for atrajectory correcting maneuver, it should be noted that the pointing of

the spacecra_ft at the moment of transfer of control from sensors to gyros becomes part
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of the systematicerrors of mid-course correction. In order to avoid somesort of mode
switching, it wouldbedesirable to use thebasic pointing accuracy of the cruise mode
control for the initial pointing reference for maneuvering. Somecare wasexercised in
establishingcruise modeswitchingor deadbandlimits in an attempt to satisfy the con-
flicting requirements for longperiods of limit cycle (large deadband)and initial refer-
enceangle for maneuvers(small positiondeadbands). Deadbandshavebeenset so that
they contribute 4 mr per axis to maneuvererrors which are less than4° total velocity
increment angleerror, andyet limit-cycle periods of aboutanhour result. Mode
switching to reducepointing error is avoidedin this manner.

(2) Autopilot

Prior to attempting a mid-course maneuver, the gyros should be energized and allowed

to run for a period of time to permit temperature stabilization. During the warm-up
period prior to a maneuver, the gyro will be operated in the rate mode so that the outpu_

axis of the gyro is very close to its null position. After allowing the temperature gradi-

ents to reach equalibrium, the gyros will be ready for execution of a maneuver. In the
maneuver process, two basic functions are required of the guidance and control sub-

system: to permit placement of the vehicle roll axis in any arbitrary position in space,
and secondly to exert auto pilot control over the spacecraft rocket engine to place the
thrust vector in the desired orientation in space.

For pointing of the roll axis to any position desired in space, control of the attitude is

relinquished by the sensors and given to the gyros after switching to rate integrating
mode. Pointing is accomplished by first rolling the vehicle about the Sun line a previ-

ously determined number of degrees and then about the pitch axis a pre-computed angle.

This part of the maneuver is actually accomplished by feeding a precision current to the

torquer of each g-yro for a length of time based upon the scale factor of the gyro and tor-
quer. Since the gyros are in the rate integrating mode, and the angle of the output axis

controls the vehicle pointing, the torquing of the gyro forces the vehicle to move at con-
stant rate. Thus the specific commands to the guidance and control system are the times

to start and stop each axis torquing process and the polarity of torquing current to be

used. By this process, the accuracy of pointing the roll axis of the vehicle to some

arbitrary position is dependent upon the deadbands of normal cruise mode, stability of
gvro and torque scale factor, gyro drift and deadbands of gyro attitude control mode.
Time resolution is selected to yield a negligible error contribution to the process.

The method used for pointing the roll axis in any arbitrary position is used for all

maneuvering required of the vehicle whether to establish the nominal position of the
thrusting line of the vehicle or to position it properly for ejection of a lander. This

method appears to be the best possible use of the inertial reference components selected.
This was envisioned as optimum usage of single axis gyros operating in rate and rate

integrating modes in selecting an inertial reference system.

Once the nominal thrust axis (roll axis) has been properly positioned in space, the
Guidance and Control subsystem controls the spacecraft and its rocket motor such that
the veloci_ increment vector has the desired magnitude and angle in space. Such con-

trol is effected in three ways: the gross attitude is controlled by the gyros, the magni-
rude is controlled by an integrating accelerometer with sensitive axis aIigned with its

vehicle roll axis, and finally path correction is controlled by sensing acceleration nor-

real to the roll axis. For purposes of this study, this control process has been called
autopilot control. Some of the criteria which govern the desNn of the autopilot control

are beyond the scope of this study in that physical simulation is required to yield the
proper design data - particularly in the area of structural compliance and fluid oscilla-
tion and slosh. The uncertainty in center of mass location has been evaluated.

Several methods of autopilot control have been considered from both thrust vector con-

trol and vehicle attitude control points of view. AutopiIot control of the thrust vector
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angle relative to the vehicle is consideredto havea distinct advantageover attitude con-
trol of the vehicle in that the weightof additionalcold gas required is prohibitive and
series reliability of hot gas for attitude control is unattractive. Thrust vector control
b?'meansof secondaryinjection andenginegimballing hasbeenconsidered. Secondary
injection by meansof hot gas is competitiveweight wise with gimballing but presents a
severe materials problem. Cold fluid injection is ideal from a responseandhandling
point of view but involves a large total systemweightpenalty. Gimballing of the rocket
enginehasbeententatively selectedas themeansof thrust vector control andvehicle
attitude control aboutthe pitch andyawaxes. This tentative selection is madebecause
of a lack of test dataon the behavior of fluids in spherical tanks. Higher responsemay
be required of the thrust vector control mechanismthan maybe reasonablyobtained
usingenginegimballing. The useof fluid secondaryinjection gives the highestknown
responseof the various thrust vector control schemes. Details of the thrust vectoring
methodtrade off are in Appendix I.

A possible arrangementfor the autopilot control typical for yawor pitch axis control is
shownin Figure 4.5.4-1. This methodof control will accomplish the two pointing ftmc-
tions of the autopilot - basic stability of thethrusting process andcontrol of the thrust
vector h_space. As maybe readily seen, the inner loopforces the thrust vector to pass
throughthe vehicle center of gravity andthe accelerometer - integrator loop attempts to
reducethe normal acceleration plus g-yroerror to becomezero. This control loop yields
pathcontrol errors which ideally are equalto gTroerrors and integrator drift. The loop
shownmaybeeasily stabilized whenthevehicle is consideredto bea rigid body. The
two primary departures from rigid bodybehavior are structural complianceandfluid
oscillation or slosh. Preliminary investigation indicates that structural complianceis
more of a local stress problem thana dynamicinteraction problemfor the plmmedVoy-
ager vehicle. Fluid oscillation or sloshingpresents a more formidable problem since
preliminary indications are that in the plam_edVoyagervehicles about55c_of the vehicle
massis fluid in the worst case.

A computeranalysis of this loopwasperformed usinga pendulumanalogyfor thefluid
properties. The results of this analysis indicate that velocity,normal to the desired
direction canbe limited to about 5ft/sec for burn times in excessof about10secondsmid
lower valuesfor shorter burn times. Paragraph4.5.5Fgives the details of this analysis.

The acceleration in the direction of the vehiclenominal thrust axis, the roll axis,is sensed
by an aecelerometerandintegrated to achievea measureof the velocity increment. Use
of a pulse torquedaccelerometer is ideal in that the pulsetrain may beusedto countback
a digital register which hasbeenpresetwith the desired velocity increment. The zero

count point is then used to initiafe rocket motor shut down.

A timer set at the longest burn time (time to achieve deskred velocity increment at least
expected engine thrust level) is used to provide a back-up engine shut down sisal in the
event of aecelerometer failure. The basic characteristics of an accelerometer integrator

package suitable for the Voyager mission are 10 -4 g's acceleration error, velocity meas-
urement to 0.1% and at least count velocity increment of 0.1 ft./sec.

After cut-off of the rocket motor, it is desired to reacquire t]_e celestial references again
for the normal cause mode conditions. This might tm accomplished by going through the

same sequence as for the initial acquisition or by commanding the vehicle to go through
the maneuver pointing process backwards. This second method is much more efficient

in terms of gas consumption and time required to acqub'e in that vehicle attitude is only
about 2 ° from normal attitude after the maneuver. Should the gwro reference _ lost

during the thrusting process, normal attitude can be achieved by the h_itial acquisition
process.
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(3) Antenna

Pointing of a high gain antenna toward Earth is necessary so that the data rate required
can be achieved with reasonable transmission power levels. Two angles of departure

from the vehicle axes are required to point the antelma toward Earth. Basic pointing
accuracy of ±1 ° is desired. The controls desired must be capable of achieving the desired

accuracy, overcoming the friction level, should consume a minimum of electriealpower

and, of course, remain operable throughout the mission.

Two basic methods of pointing the high gain antenna were considered. First, a completely
"blind" pointing system using preprogxammed angle versus time information and second,
a system incorporating the features of the first plus an antenna mounted Earth tracker.
The first system was rejected in that the pointing accuracy required would require addi-

tional angle storage requirements and a reduction in spacecraft pointing tolerances for

error equivalence between the two, since blind pointing with the second system need only
point the antenna close enough to Earth such that the Earth falls within the field-of-view

of the tracker. Control will then be transferred to the tracker for final pointing. In case

of malfunction, the antenna can be put back into the blind pointing mode as a backup,
accepting the resulting errors. The control means considered included direct antenna

gimbal torquing, D. C. servo motors, AC servo motors, and DC and AC stepper motors.
The stepper motor appears to l_e the ideal approach since digital positioning logic may be

used which is compatible with the selected storage methods amd no power need be con-
sumed by the motor when not actually re-positioning the antenna. It is desirable to avoid

steppers with commutators or sliding contacts since these are possible sources of RF

noise which would interfere with reception ,of low level Earth commands.

The Earth tracker may be bore-sighted in the antelma mapping process to achieve a

minimum pointing error. In fact, the major error sources shouldbe the mechanical and
electrical null shifts within the tracker itself.

By this implementation scheme, abackup to the Canopus tracker for vehicle roll control
is also possible when the Sun-Prot_e-Earth angle is not close to either 0 ° or 180°o When

the angle is less than 30 ° , the Earth tracker will begin to have difficulty in Earth

discrimination in sunlight background. When the an_le approaches 180 °, the control

"loop gain" will become very low until it becomes 0 at 180 Oo This still permits backup
use for a majority of the time in most of the planned Voyager missions.

(4) PHP

The same basic considerations are made with regard to pointing of the PHP as are made

with the high gain antenna. The same method of control is selected (i.e., usingpre-

programmed position angles as functions of time, and planet trackers for fine pointing)°
Stepper motors are selected here also.

It is desirable to be able to use planet sensors anywhere from 900 NM. to 30,000 NM from
the target planet surface in one of the planned missions. This presents an interesting

problem for the planet sensor. A non-imaging horizon scamping iR scanner appears to
offer the best means of providing pointing information for tt_e PHP control. These scan-

ners with suitable data processing can yield the 2-axis information required.

As described in Paragraph 4.7.6 a method of cable unwinding is used such thatthe electrical
harness between the vehicle and PHP is only flexed and not contmuously twisted. This is

accomplished by mechanically rotating the PtfP head about its sensitive axis to keep the
twist out of the cable_ This can be done al one point in the orbit or divided between two

points, in either case it should be done wheq TV stereo pictures are not bemg taken. The
planet sensors must be located on the PHP head (so as to avoid the same twist) and a re-

solver is required to establish the correct error signals for the gimbal positioning.
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The useof incremental positioning is particularly important to the PHPsince planet
mappingcamerasandradar scannersare locatedon it. Avoiding image smear by image
motion compensationis consideredundesirable. With incremental positioning, the image
devicesmaybe lockedout during the actual stepandthen the PHPangular rates during
imasingwill be the basic spacecraft angularrates. Theseare not expectedto exceed50x
10-° radians/sec, in the target planetorbiting phaseof the mission.

4.5.5 SUPPORTINGANALYSES

Ao Gravity Gradient History for Mars and Venus

A general method of computation of gravity gradient torques was developed for specific

application to the Voyager study wherein the defining orbit parameter, the momental
vehicle description and planet gravitational constant are used to compute torque and mo-

mentum history.

The calculation procedure, programmed for IBM 7090, was used to provide the total im-

pulse required to maintain the orbiter attitude under the influence of gravity gradient.

This is a simplification of the problem in that the control is discontinuous and does allow
vehicle motion within the deadband, but it is considered to be sufficiently accurate for
vehicle design.

The work accomplished shows that the orbiting impulse requirements are very sensitive
to the specific orbit parameters and to the difference in principal moments of inertia.

Gas weight required for the mission, as a consequence, should be calculated for the worst
case orbit which could be obtained within the design tolerances. The results also indicate

that there exists a total system weight trade off based on packaging of the vehicle to obtain
near equal principal moment of inertia.

The specific results obtained for Mars 1969 were: with 1000 x 5000 N.M. orbit, a total

impulse of 1883 ft-lb-sec; with a slightly different orbit inclination and a 1000 x 19, 000

N.M. orbit, a total impulse of 216.3 ft-lb-sec, was obtained (for an otherwise consistent
set of input data). The total impulse required as stated in Paragraph 4.5.5. C is based

on the momental description for the proposed Mars 1969 vehicle in a 1000 x 5000 N. M.

orbit. The results, then, should be a conservative estimate of orbit gravity gradient
torques for the Mars 1969 mission.

A comparison of the above data with the computed data for a 1000 x 5000 N° M. Venus
orbit obtainable within the 1970 launch window illustrates the wide variance in total im-

pulse for the various Voyager missions. Here, with the same momental vehicle descrip-
tion, a total impulse of 5291 ft-lb-sec, was required.

Further discussion of gravity gradient is found in Appendix K.

B. Attitude Control System Errors - Maneuvers

Contribution to errors which occur in pointing the spacecraft roll axis to some arbitrary
position in space and thrusting come primarily from the following sources:

Control system deadbands
Sensor null shifts

Gyro drift

Spacecraft mass center location uncertainty

A discontinuous force, deadband system is used throughout in attitude control of the Voy-

ager vehicle. At any instant of time, in general, the attitude of the vehicle might be any-
where within the pointing deadband. Since these conditions prevail when the control is

transferred to gyro control and since the deadband is present under gyro control also, the
effects of deadbands are compounded.
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Sensornull shifts are baseduponbasic mechanicalstability of the sensor andits mounting
arrangementplus the electrical null shifts dueto intensity changesandagingof the photo-
sensitive materials.

Gyro drift errors are primarily dueto stability of randomdrift which occurs from one
use to the next whenthe gyro is permitted to cool to somelow ambient temperature be-
tweenusages. This effect producesdrift valueswhich completely maskother effects in
the gyros examinedfor this application. Drift errors are baseduponexpecteddrift in
i/2-hour operation undergyro control°

The individual error contribution appearsbelow:

Source Magnitude Maximum
3a errors Errors

Sunsensortotal error 5.25 mr
Pitch deadband
Canopustracker total error 7.0 mr
Roll deadband
Gyro randomdrift stability I0.2 mr
Pitch gyro control deadband
Yawgyro control deadband
Masscenteruncertainty 52.5

MaxinmmRMSerror 63.2 mr (3.6°)

4 mr

4 mr

4 mr
4 mr

The assumptionis madein the abovethat nopathcontrol is used. The anglethroughwhich
the thrust vector nmst turn to pass throughthe vehicle mass center thenbecomesa sys-
tematic error. Usingpathcontrol, it is possible in theory to remove this entire error.
Dynamicanalysisusedto estimate the expectedimprovement (seeParagraph4.5o5. F)
indicates that the masscenter uncertaintyerror will not exceedone-half of that without
pathcontrol,for short rocket motor burn times,andwill becomea negligible error for long
burn times.

Co Attitude Control Total Impulse Summary

For purposes of weight tradeoff studies, a computation of the total impulse requirements
was made for the Mars 69 Mission. The calculation may be summarized as follows:

SOURCE IMPULSE REQ'D. (LB - SEC)

Initial Acquisition

Mid-course maneuvers (5)

Solar Torque in transit
Reacquisitions (10)

Rocket Burning roll control
Orbit gravity gradient (3 mo)

Orbit Solar Torque (3 too)

139

210
842

538
65

96
263

The above results are based upon certain assumptions:

2
Vehicle average acceleration . 25 mr/sec

Moments of Inertia (Slog - ft 2) Transit Orbit

Ix 4294 1917

ly 4442 1443
I 2275 962
z

4-88



Engineroll

MomentArm X axis 100in,, _ axis 100in, , Z axis 45 in.

Transit Time 280 days
Orbit time 90 days
Jet minimum on time 30 ms
Position deadbands 4 x 10 -3 tad.

Initial rates 3• 0"/sec

Maneuver rates i0 mr/see

torque is scaled o11 a thrust basis from Agena D.

hnpulse for initial acquisition is based upon rate elimination in the most efficient manner
and acquisition under gyro control from worst attitude• Midcourse maneuvers are based

upon acceleration to basic mmmuver rate and deceleration for each axis concerned. Solar
torque impulse calculations are based upon the solar unbalance due to having a 12-ft disk

antenna extended at worst attitude to the Sun which produces about 2000 dcm unbalance. *

The system was checked for the minimum torque which would produce limit cycle com-
pression (that torque which would prevent the attitude error from reaching both sides of

the deadband). This was found to be well below the expected unbalance even without the

antenna extended so that calculation of transit total impulse is based solely on solar un-
ba lance.

Orbit impulse requirements are based upon simple addition of impulse required to main-

tain zero attitude error in the presence of gravity gradient torque and solar unbalance. It

is recognized that this is a simplification of the real mmlytical solution but is considered
to be somewhat conservative told surely valid for study purposes° An orbit about Mars
with minimum attitude of i000 NM and maximum attitude of 5000 NM was used for gravity

gradient torque calculation° This is a much more stringent requirement than for the

planned orbit.

Gas leakage rates should be about 30cc per hour or 1.06 SCF over a period of ii000 hrs.

Do Maneuver Time

The time required to rotate the vehicle about an axis is basically dependent upon the

angle change, the acceleration capability and the maximum gyro torquing rate. The time
to travel through 7r radians will be the maxinmm for each axis. To compute the time re-

quired, one assumes acceleration to the commanded velocity at full acceleration and
traveling at constant rate to an angle at which constant deceleration will place the space-

craft at the desired angle with zero residual rate. Under these circumstances, the total

time is given by

0 f 0max.
+

tf- Omax" _.

where

Of is angle change desired in radians
0 max. is desired gyro torquing rate in radians/second
0"is vehicle acceleration capability in radians/second 2

tf is total time required in seconds

*This torque used for sizing the pneumatics is greater than that used for studies of the
attitude control loop. A valve mininmm on time of . 03 seconds would not be used if 2000

dcm unbalances were expected since this would give a short period between valve openings

recurring very large total operations for the vaives. Minimum on time will be adjusted
for the level of disturbance torques expected, to bring the frequency of valve operations

to less than three per hour.
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The use of the equation above for an acceleration of 0025 mv/sec. 2 is shown on Figure

4.5.5-1 with valve on time for the maneuver. The validity of the assumption hinges upon
the mechanization of the controls.

As a quick check, a control system was synthesized as follows: an integrating gyro with
a differentiated output axis signal feeding the torquer as the reference, a precision current

to the torque as a rate command, and system deadbands set at _ 4 mr. Examples of the
initial transient for various gyro rate to position gains and a commanded rate of 3.0 mr/

sec. are shown in Figure 4.5.5-2. Here, hysteresis of 1 mr was used. It can be seen
that gyro rate to position gain of about 7 makes the results of Figure 4.5.5-1 very little
in error.

Actual selection of a commanded rate magnitude depends on the gyro torques and output

axis rotation capability. Basic maneuver rates nmst also be designed with time on
battery considerations. Carrently, maneuver rates of i0 mr/sec, appear to be reasonable

making the maximum time to achieve a commanded arbitrary angle about 12 minutes. This
should require a maximum torque capability of 15-20 mr/sec or no more than 4000 °/hr.

This appears to be well within the state of the art and should present no problem.

I000

• 25 MR/SEC 2

800 200

/m TIME TO TRAVEL

' _ RADIANS m
m

/v
600 150 _

, ,
E ON

TIME

40o lOO

200 50

/
0 5 10 15 20 2

ANGULAR RATE MR/SEC

E.

Figure 4.5.5-i. Maneuver Time vs. Gas Consumption

Lander Separation Disturbance

In the Voyager study, one of the designs required the ejection of a Lander by use of a

spring to impart a velocity relative to the mother vehicle such that after a time, a
rocket motor on the Lander could be fired without having the exhaust gases impinge on

the mother vehicle. Since, in this case, the spring force vector would not pass through
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the vehicle center of mass, it wasdesirableto determine the angular velocity of the
vehicle at the endof the ejectionprocess andsomethingof the nature of the spring re-
quired to impart the velocity to the Lander.

Schematically, the spring-mass system appearsas shownin Figure 4.5.5-3 below.

I
12 _ dl----_

IX

Assumingthat the anglesare
small, onemay write the dif-
ferential equationswhichgo-
vern the system motionuntil
the force in the spring is zero.

Figure 4.5.5-3. Spring MessSchematic

where

M1X1 = (d 2 - X 1 - X 2- d 1 02 ) K

M2X 2 = (d 2 - X 1 - X 2- d 1 0 2 ) K

I2 0"2 = (d2- X1- X2- dl _2 ) dlK

(i)

X1, X2, 0 2 are inertial coordinates

M1, M2, 12 are masses and moments of motion

d 1 distance between line of spring force and center

of Mass M 2

d 2 distance of spring original compression

The coupled differential equations may be uncoupled by use of a differential operator
and a method completely analogous to Cramer's rule to yield:

Xl
X2 IP2 M1 M2I+K(M2I+dI 2MIM2 +M1 I)l = d2 KMII

0 2 iP 2 M 1 M2I+ K (M2I+ d e 2M 1 M2+ NI 1 I) I = d 1 d 2 KM1M 2

(2)

where

d
P _

dt
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Theboundaryconditionwhich maybe appliedare:

t=o XI=X2 = 02=0

--=X --0 =o
1 2 2

X1 = d2 K/M1

X2 = d2 K/M2

2 = dl d2 K/I2

(3)

It should be noted that the boundary conditions of the second derivatives may be deduced

from the other boundary conditions and the differential equations (1), and further that
they are compatible. The solution of the equations (1) or (2) with boundary conditions
(3) is:

d2K
Xl - 2 (I - Cos a_nt)

M 2n

where

d2K
X2 - 2 (I - CosaJ nt) (4)

a_n M 2

d 1 d 2 K
0 - (1 - Cos_nt)

2 2
I

n

=_K(M2I+d 12M 1 M 2 +M 1 I)

n M 1 M 2 I

Results which may be obtained from (4) which are of interest are the following.

Time until spring force is 0 (separation)

/7

t

2 _/K(M2I+MII+d 1 2M 1 M2)

M 1 M 2 I

Spring constant for a desired velocity, Xld is

K z

(Xld) 2(M2I + M11+dl 2M1 M2 ) M1

d2 2M 2 I

(5)

(6)
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Angular velocity of spacecraft at separation:

dl Xld M 1
2f I (7)

As an example the angular velocity imparted to the vehicle by ejection of a Lander is
computed for the following parameters:

Xld = i ft/sec

d I = 5 ft

M 1 = 41.1 slugs

I = 2850 slug-ft 2

5xlx41.1
2f 2850

r/sec = 7.21 x 10 -2 rad/sec or 4.11 °/sec

For vehicle acceleration capability of . 25 mr/sec 2, almost 300 seconds would be required

just to kill the imparted rate, during which time the vehicle would rotate through
approximately II radians°

F° thrust Vector Control Design

The design of a thrust vector control system for Voyager is primarily a resolution of

interactions between the Guidance and Control Subsystem and the Propulsion Subsystem.
The fundamental requirements of the system for thrust vector control are

Maintenance of vehicle attitude stability under thrusting

Maintenance of thrust vector orientation in space

Reasonable response of the thrust vector control mechanism

Reasonable angular freedom of the thrust vector relative to the vehicle

Minimal structural comt)liance effects

Minimal fluid oscillation effects

Least total system weight penalty.

In Appendix I, the weight penalty for various means of thrust vector control and some of
the fluid oscillation considerations are examined in detail. The conclusions are that

engine gimballing has the least weight penalty ranging upward to liquid fuel secondary
injection imposing largest weight penalty° Frequency response of thrust vector deflection
to input electrical signal is fastest with liquid secondary injection and slowest with
electro-hydraulically actuated gimballing.

The analysis performed in Appendix I also gives a basis for estimation of the worst

magnitude of CG offset likely to be encountered° Natural frequencies of fluids ill spherical

tanks are presented and moment and force functions of fluids in disturbed cylindrical
tanks are presented°

It is concluded from the material of this section that it would be desirable to use an

electro-hydraulically controlled, gimballed engine whose gimbal freedom is over 5 °

in pitch and yaw and whose nominal location has the thrust vector passing through the

average location of the vehicle center of mass° It is further concluded that control loop
design must include the effects of fluid motion relative to the vehicle during burning.
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A simulation of an acceleration-compensated autopilot control, including fluid dynamics,
was set up on an analog computer to determine whether an autopilot could be practically
implemented for the general requirements listed above. Here, characteristics of the
gimballed engine were taken directly from Agena D user design data; fluid interactions
were estimated from data given in Appendix J and Items 5, 6, and 7 of Paragraph 4.8.
The details of this single axis solution are presented in Appendix J.

From this study, it was concluded that for 2 ° C.G. offsets (that angle through which the
thrust vector must rotate to pass through the center of gravity), an autopilot design can
be made which limits angular excursions to less than 2 °, angular rates to less than 2°/sec.
and will incur maximum normal velocities of 3 ft/sec. The voltage and mechanical gains
of the loop synthesized are practically achievable. The resultant vehicle angular ex-
cursions and rates appear not to present a problem in input axis freedom or torquer
capacity of the class of gyros considered for Voyager application.

In the final design process for the autopilot, it would be highly desirable to use physical
simulation of the tanks and structure along with the rocket motor and gimballing in that
pure analog simulation of these properties has an uncertainty associated due to lack of
comprehensive test results of fluids in spherical tanks.
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4.6 VOYAGER LANDER HI GAIN ANTENNA CONTROL SUBSYSTEM

4.6.1 INTRODUCTION

Each Voyager Mars Lander features an omnidirectional antenna and a 1 5 degree beam-

width high gain antenna to provide a direct communication link from Mars to Earth as a

backup to the Lander-Orbiter-Earth link. The antenna control subsystem is required to
orient the antenna through control of two gimbal motions so as to provide a minimum of

one-half hour communicating time each Martian day, which is considered adequate for
the data to be transmitted.

Other things being equal, it would be desirable to give the antenna its own earth tracking
capability. This would include earth identification as well as search and acquisition

sequence and tracking.

It is not considered feasible to provide a continuous beacon on earth for the Lander

antenna to track. Consequently, an earth tracker utilizing light will be required; or else
another approach must be used.

Appendix L describes the characteristics that have been inferred for the Martian atmos-

phere. From these it is concluded that the possibility of proper operation of an earth
sensor varies from excellent to poor, depending on the degree of cloud cover. This is

quite variable. Periods have been observed where a heavy cloud cover was almost contin-
uous for weeks. To insure the highest probability of providing the basic desired

communicating capability every day, with minimum interference from clouds, the following
system has been defined.

The subsystem proposed for orientation of the antenna is shown in the block diagram of
Figure 4.6. t-1. Three modes of operation are possible. Initial orientation of the

antenna to Earth is accomplished by first ac(luiring the Sun and then directing the antelma
through a conical search pattern using the known Earth-Sun angle . Acquisition of Earth

can be detected by an earth sensor or by listening for RF signals from Earth. The

former gives greater accuracy but it also has less reliability due to clouds, etc_ in the
Martian tdmasphere. When Earth is detected the antenna servo drives are deactivated

and the antenna remains in a fixed position relative to Mars. The planet's rotation then
will cause the antenna beam to sweep past the earth each Martian day. Allowing for

some error, the beamwidth of 10 degrees gives a minimum of one-half hour of communi-
cation each day. Centering of the antenna boresight to the earth as the beamwidth sweeps

across the earth may be improved over the position achieved at initial acnuisition, by
commands to the antenna servo drives via the Lander Programmer. This same mode is

proposed for long term update of the t)oresight of the antenna as the Sun-Mars-Earth
angle varies with the seasons.

In the second mode of operation Earth is acquired as above. The scan senuence is then
deactivated, but Sun tracking is continued throughout the day every day. The initial

earth acquisistion establishes the Sun-Mars-Earth angle in its correct orientation

relative tothe Solar System. Except for updating required by seasonal motion of the
planets, this angle remains constant and tracking the Sun removes the planet's rotation
from the antenna orientation.

The third mode can accomodate the days on which heavy cloud cover prevents accurate

Sun trackin,,g, providing there has been at least one previous day of good t,-,tekiu,,...... _.. This

is accomplished by recording the gimbal l)ositions at intervals of perhaps 15 minutes
throughout a day of good tracking (eithex" directly under earth sensor control or the

second mode described above). Having obtained this program it can be used for program-
ruing the antenna position on any subsequent day.
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For all three modes it will be necessary to update the Sun-Mars-Earth angle from time
to time. This can be done by command or by repeating the initial acquisition sequence.

One important feature of these ways of orienting the antenna is the fact that the Earth
sensor is not required to operate after a period of days or weeks in the Martian
environment, thus avoiding the problems of dust on the optics, etc. It is anticipated
that the Sun tracker will be much more immune to environmental problems. In addition,
of course, the Sun is such a highly visible object that its presence above the horizon
is sufficient to initiate the tracking sequence each day. Only the third mode requires
even the complexity of timing the initiation of the tracking function.

4.6.2 IMPLEMENTATION

The antenna will be provided with two gimbals each having a conventional servo drive.
Mounted on the antenna will be the Sun sensor which includes a wide angle and a narrow
angle (fine) sensory system. The wide angle system will probably consist of several
elements mounted so that they will sense the Sun from any initial position the antenna
may have. The function of the wide angle sensor is to control the antenna to drive until
the Sun is within the field of view of the fine sensor (approximately +50o). The wide
angle sensor is automatically disabled when the Sun is within the field of view of the
Fine Sun Sensor.

The fine sun sensor has the capability of positioning its null at any commanded angle
from the boresight of the antenna, and describing a conical scan with this cone angle
around the antenna boresight (eider electrically or mechanically). In operation the
antenna servos drive to maintain the sensor nulled to the Sun, thereby producing a
conical motion of the antenna boresight around the Mars-Sun Line.

The antenna gimbals are provided with pickoffs so that the antenna can be driven to a
desired position on command. Depending on the configuration it may be necessary to
provide a resolver for one of the gimbals for proper resolution of Sun sensory error
signals.

During the three month period following the Mars 1969 arrival, the Earth-Mars-Sun angle
exceeds 30 degrees which is sufficient to permit the use of an Earth sensor to avoid
direct sun impingement or reflections.
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4.7 ALTERNATIVES

4.7. 1 GENERAL

The Voyager Program is addressing itself to a high level of accomplishment. In addition,
it is capable of a high degree of flexibility not only in accommodating alternatives such
as choice of orbit plane and selection of desired landing spot, but also in choice of
planet and kind of mission. It would logically be expected that vehicle and system
simplifications could be made if each vehicle were to be designed for a specific mission,
and this is the case. Likewise, for those missions which have sufficient energy and
also have a requirement for higher performance, this higher performance can be
provided° Some of the alternatives which have been considered are discussed in this
section.

4.7.2 CAN.PUS VS EARTH SENSING FOR VEHICLE ATTITUDE REFERENCE

During most of the mission Earth would make a satisfactory reference for third axis
vehicle attitude control provided it could be adequately sensed. During the cruise
there is one period when the Earth-Sun angle is small, but this is of no great importance
if the antenna is oriented to Earth so long as mid-couree corrections are not required
at this time. The latter is a reasonable assumption.

The use of Can.pus as a vehicle reference has two advantages:

Can.pus i_ occulted less frequently than Earth for the orbits considered. For many
missions it can be assured that Can.pus will not be occulted at all. Also the Earth-Sun
angle becomes small enough to provide a hazard to reliable Earth sensing under all
conditions. In this case a Sun-Can.pus referenced vehicle provides the capability of

programming the orientation of the high gain antenna accurately enough to avoid severe
degradation in data rate.

With the vehicle configuration selected, the PHP articulation does not have to be changed
in order to accommodate both Mars orbits. All that is required is to rotate the vehicle
180 ° about the Sun line to change from one orbit to the other. A decision to do this
could be implemented at any time up to the point of the last mid-course correction that
can alter the approach asymptote by this amount. The only additional requirement
this imposes on the control system is to provide the capability for sensing Can.pus in
approximately opposite directions from the vehicle. This will preferably be done by
adding a second Can.pus tracker. However, it may be possible to locate the tracker
such that it can be done by flipping a mirror or prism°

It is not necessary to provide a second approach TV camera since it is not necessary
to invert the vehicle until after injection into orbit°

4.7.3 VEHICLE CONFIGURATION

In the course of the study a number of candidate vehicle configurations were examined
and studied in some depth to determine basic advantages inherent in each. Two of the
studies are summarized here.

Ao Effect of Vehicle Configuration on Resolution of Control Signals

Three vehicle configurations were considered which can satisfy the several orientation
requirements while in orbit about the planet. These are illustrated in Figure 4.7.3-1,
4.7.3-2, and 4. 7.3-3. Because of the kinematic complexity of these configurations
some of the proper control signals are not simply related to the sensor error signals.
The determination of the proper control signals is basically a matter of kinematics,
or coordinate transformation. The derivation of equations for these configurations is
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given in Item 8 of Paragraph 4.8o The control signals necessary to completely decouple

the various control loops are derived. However, it may not be desirable to completely
decouple all the loops because of the deadbands in the vehicle attitude control loops.
The equations were thus simplified so as not to decouple the vehicle motion from the

planet horizontal platform control loops.

From this study it is concluded that from the standpoint of control, configuration A

would be preferable to B or C. The final configuration is an adaptation of A.

(1) Configuration A

In this configuration the vehicle is held in an inertially fixed orientation using two

Sun sensors and a star tracker. The orbit axis sensor is used to align one axis of

the PHP (Yp) normal to the orbit plane and a horizon scanner is used to align the Zp
axis to the local vertical to the planet. If we do not decouple the vehicle motion from

the PHP control loops the proper control signals are:

e¢ = A _1

E4 = _ _2

e 0 = A _1

eA = - A a 1 sec B

_B = - _ a2

eC = A_I - A_ltan B

where the various quantities are defined in Figure 4.7.3-1.

The above equations indicate a singularity at B = 90 ° resulting from the coincidence of
the orbit axis and the line to the star° By properly selecting the reference star this

problem can be avoided for all orbits. If the star is chosen so that B is small, the

control equations could be simplified by letting sec B = 1, tan B = 0. For somewhat

larger values of B replacing tan B by sin B would be satisfactory and easier to

implement.

For this configuration the signals for controlling the antenna gimbal angles are:

(2)

(D = h _,2sec E

eE = - A'_2

Configuration B

This configuration differs from A in that the body-fixed star tracker has been eliminated°

While in orbit the attitude signal for control about the X axis is obtained from the PHP

sensors. Again assuming that we do not decouple the vehicle motion from the PHP

control loops, the proper control signals are:

_¢ = Ac_2secA- A'Y2tanA

e 4 = A,/2

_0 = AV I
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These equations indicate a singularity at A - 90 ° corresponding to the situation where
the Sun line is coincident with the orbit axis. Since this situation can be encountered

on some orbits it is a disadvantage of this configuration which cannot be entirely

avoided. A partial solution is to bias the Sun sensor to avoid concidence of the two
reference axes, and let sec A tan A = K, where K is some large constant.

The control signals for controlling the antenna gimbal angles are:

¢D = - At/1 sec E + A_ 2 tanE sec A cos D

(E : - A r)2 + Aa 2 sec Asin D

During midcourse it is only required to orient the solar collector toward the aSun and
the TT&C antenna toward the Earth. By locking the D gimbal angle (D = 180 _) the

Sun sensors and Earth sensors provide the necessary control i_iformation. Control

signals in this case are:

= A 71 cot E - A 71 csc E

(C = A7 2

_0 = A_ 1

_E = - (b_/2+ dX_")'2

Item 8 of Paragraph 4.8 also derives the necessary commands for pointing the planet

sensor at the planet during the midcourse or approach phases.

(3) Configuration C

This configuration was not analyzed as extensively as the other two. It differs from A
in that the solar collector rotates about one axis with respect to the vehicle and the PHP

has only two gimbals. Control signals for this case are:

1

4 2

((_ = 5 _1 cot G- A a

_C = _B1

_G : - AC_l

csc G
2

In order to point the antenna accurately at the earth it is necessary either to bias the
star trackers ol- provide a second gimbal on the antenna.

B_ Siml)ler Vehicles.

For a given mission it is possible to arrive at a simplified vehicle configuration. For
instance, it is possible to design a vehicle with two hinge angles which will continuously
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orient to the planet vertical and to the earth and will also orient the solar cells to within
45 ° of the sun (for some orbit planes the penalty in solar energy is negligible). This is

described in detail in Appendices A and B.

There are two penalties associated with such a vehicle design however.

. The vehicle configuration changes according to the mission. For instance,

in changing from the Mars 1969 to the Mars 1971 orbit one of the hinges
must be relocated to another side of the vehicle. This change is seldom

as simple as it sounds°

, To maintain continuous orientation of the high gain antenna to the earth,

the vehicle is required to oscillate about the planet vertical; with angles and
angular rates difficult to predict and in some cases quite high. This imposes

an attitude control task which can be solved only at the cost of an appreciable

increase in cold gas consumption or by adding a flywheel to control the
vehicle about this axis.

Rotation of the vehicle about the planet vertical also precludes the capability of obtaining

stereo TV pairs unless the cameras are mounted so as to unwind this motion. This

unwinding action is physically possible and since it is an oscillation rather than a
continuous rotation slip rings are not involved (it is for this reason that a flywheel would

be advantageous for executing the motion). The unwinding motion for the cameras is

complicated by the fact that it cannot be sensed and must be programmed; the program
varies in some instances rapidly enough to require up-dating perhaps from week to
week or oftener.

4.7.4 ON-BOARD COMPUTATION

The overall guidance problem presents by far the greatest computational problem to the

Voyager mission; on some missions it may be the only occasion for true computation.
It is not anticipated that Voyager vehicles will attempt to solve the guidance problem in

its entirety without the use of DSIF equipment and ground computation.

This does not totally preclude the possibility of utilizing some on-board computation

capability. Although the DSIF/ground computer combination has no rival for accuracy
in determining mid-course corrections, it is possible to handle the terminal problem,

beginning with the approach phase, completely with on-board observations and computations.

This may be desirable for several reasons.

I° It is possible to experience a DSIF failure or failure in the communication
and command systems. All of these require operation of vehicle-borne

equipment which could fail and on-board computation capability for the
final corrections and Lander separation could make at least a degraded

mission possible after such malfunctions.

. Circumstances can be envisioned where simultaneous requirements for
DSIF attention could tax the capability of the ground equipment: particularly

in periods of ground equipment modification.

. Where high accuracy is required in the orbit, or where enerf_:y management

considerations require maximum accuracy in orbit injection, last minute

observations may be required for the final computation, la_ this case ground
computation may not be useable either because the transit time from planet
to Earth and back cannot be accommodated or because the Orbiter is unable

to receive a command from Earth due to the high gain antenna being stowed.

a black-out of communication by the rocket plume, or occultation of Earth

by the planet°
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On-board computation will require the use of sensors whose outputs can be processed and
interpreted by the computer (perhaps no TV camera). Total system complexity will be
increased by the computer, sensor output conversion equipment, and storage required
for computer input and output data.

On-board computational capability cannot be justified on the basis that other subsystems
on board the spacecraft already have similar requirements so as to have the equipment
already available. The reverse may be true however. A computer capable of solving
the approach guidance problem will also be capable of performing general data processing
tasks, and will have a good size memory. Analog to digital and digital to analog converters
needed for guidance may then be used for other data processing taaks. It will therefore

be able to handle programming and sequencing functions and, by expanding the memory
capacity, it could perform some or all of the data storage function.

Although an on-board guidance computer is not included for the present Voyager, it
could become a worthwhile addition later in the program.

4o 7.5 NONCONVENTIONAL GYROS

Conventional integrating gyros have been considered for the system, along with the gas
bearing rotor designs for increased life. Two non-conventional gyros have also been

considered: the vibrating string gyro and the electrostatic gyro. Assuming it were
available, the vibrating string gyro appears to offer primarily reliability advantages.
With less power consumption than the gas bearing rotor integrating gyro, it can be operated
continuously for an extended mission. It thus eliminates the need for starting and stopping
with each use and it provides a ready reference during periods of occultation. Broadly
speaking it would be used more or less the same way as the present integrating gyros.

The electrostatic gyro opens a new area of gyro performance and characteristics as
described more fully under GE-LMED Subcontract Report, Volume VIII, Part 10. It will
provide a universal position reference for moderate periods of time. This will be highly
advantageous to the vehicle system. In executing all maneuvers, it will be possible
merely to command the vehicle to proceed to a specified orientation as read by the gyros,
rather than to compute and execute torquing maneuvers in order to achieve the same
result° In addition, the high drift rates assumed for conventional integrating gyros are
avoided.

This has several advantages. The accuracy of the maneuvers should be increased. In
addition, it can accept any possible vehicle transients and accelerations such as, for instance,
when the main rocket is ignited or when the Landers separated° These disturbances
present design constraints to a system utilizing integrating gyros and may require the
addition of wide angle gyros or other special techniques to guard against the possibility
of "bottoming" standard gyros.

A further advantage of the ESG is its low drift rate. Even in the earlier versions drift
can be expected to be low enough that it will not be necessary to re-align them to the Sun
and Canopus before each maneuver. Thus it may be sufficient to establish the orientation
of the gyros once at the beginning of the approach phase without having to recheck them
before orbit injection.

These operating advantages are substantial. If the ESG were now competitive in demonstra-
ted performance and reliability it would be seriously considered for Voyager (assuming the
costs were not prohibitive). For its earliest application it may be sufficient to utilize it
as a vehicle attitude reference only, in which case drifts in the order of one degree could
be allowed to accumulate before it would be necessary to realign the gyro or analytically
compensate. Consequently, the expected performance of the gyros currently being developed
for NASA would be adequate.
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For short periods of time these same gyros may be useful for reading star-planet angles by
orienting a body bound tracker to the two bodies sequentially and using me gyros as

position pick- offs.

When the ultimate anticipated gyro performance is reached this latter mode of operation
could be carried out over the entire approach period without requiring periodic checks of

the gyro alignment. In this case it would be possible to reference successive line-of-sight

planet fixes to the gyro alone after initial star readings, and eliminate the need for the
sequential fixes of the two reference stars for each subsequent observation.

4.7.6 PHP CABLE UNWINDING

Since the PHP rotates continuously relative to the vehicle in order to follow the planet

vertical, provision must be made for unwinding the cables; since hard wire connections

are preferred over slip rings or other means of communication from the PHP to the
vehicle.

This can be done simply by taking time out once each orbit and driving the PHP backwards

one revolution. This is not difficult to do and in the region of apofocus there will be time
available when the TV cameras are not in use. The unwinding sequence can be programmed

to occur when the PHP reaches a given azimuth position. The primary disadvantages are

the requirement for switching modes of operation of the PHP azimuth drive from the tracking
mode to the unwinding mode, and the fact that during the unwinding sequence the PHP

antenna is driven from the planet. It also results in one region through which the PHP

cannot track continuously which may be quite undesirable in some circumstances.

It is true that alternative unwinding points could be provided but this results in additional

complexity. A preferred alternative is to unwind the cables by a rotation at the PHP end
of the boom by rotating the head of the PHP one revolution about its axis (the planet
vertical) each orbit. It is then not necessary to drive the azimuth motion backwards.

The PHP head can be rotated continuously, in which case its rotation is equal to the
azimuth motion and it could be operated from the same drive. This would eliminate the

need for an additional motor and would avoid an unwinding sequence each orbit. However,
it would result in continuous rotation of the payload sensors about the planet vertical which

may be undesirable, as in the case of stereo TV pictures. The alternative is to rotate the
PHP head at specified points in the orbit. If this is done at apofocus the sequencing

requirements are the same as if the azimuth drive were reversed for unwinding at the same

point. On the other hand, since the only requirement is that the PHP head rotate a total
of one revolution during each orbit, it is possible to rotate 180 ° at each of two points in the

orbit. If these two points can be selected to coincide with the points at which major items

i,_ the PHP are turned on and off, it allows the PHP to present one thermal control surface
to the sun during periods of high dissipation and another during periods of lower dissipation.

At the same time the capability for continuous PHP tracking and continuous orientation of
the PHP antenna to the planet are realized.
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APPENDIXA. COMPARISONOF PROPOSEDTWO HINGECONTROLSYSTEMSFOR
VOYAGER SPACECRAFT

The following is a comparison of two two-hinge control systems for the Voyager space-

craft. Configuration A (Figure A-l) is identical to the present design except one of the
antenna and one of the PHP hinges axe eliminated. Configuration B (Figure A-2)

is different from the present design in that the main body is oriented to the planet during
orbit and a solar paddle is added. The PHP is an integral part of the main structure.

Abstract

As is shown in the following pages for the specific orbits under consideration configmra-
tion B (Figure A-2) has a number of advantages over configuration A (Figure B-l).

In addition preliminary investigations show a possible decrease in total present configura-

tion weight by 6 lbs. if configuration B is selected.

The above plus the relatively high solar efficiency and the simplicity of the system makes

configuration B attractive. Detail efficiency figures for each mission are found in

Appendix B.

To accommodate the possibility of not achieving the desired orbit plane, the following
alternatives are possible:

I. Design for worst case orbit in which case the weight penalty due to the additional

solar cells may be prohibitive.

2_ Incorporate a back-up hinge on the solar paddles so as to allow two degrees of
freedom. Note that thishinge and associated controls is strictly a reliability

feature and it will not be activated except in enlergency.

Discussion

Configuration A.

Configuration A, shown in Figure A-l, is essentially the present Voyager structural
design with one of the Earth Antenna hhlges and one of the P. H.P. hinges eliminated.
The requirement exists for the m_tenna to point to the Earth and the P. H.P. to Mars at

all times during orbit. However, having only one degree of freedom on the Antenna

and PHP imposes the additional constraint that the Roll-Yaw plane of the vehicle
include the Mars Earth Vehicle plane at all times.

To achieve this the Earth tracker signal will control motions about the roli axis, the

planet tracker motions about the yaw axis, mid the pitch axis (solar cells will be con-
trolled to the sun.

Due to this method of control the only fixed requirement in ine,'tial space is that the
pitch axis is always perpendicular to the Earth-Mars-Vehicle plane. The other two axes

perform complicated motions not easily predictable and not fLxed to any of the known

references i.e., Mars, Earth, Sun.

Under these circumstances it is mandatory to place the Solar Cells on o1" parallel to the

vehicle pitch axis and control lhis axis to the Sun.

Advantages

1. Use of present vehicle configuration.

. Solar cells always perpendicular to Earth Mars vehicle plane, there;ore good

efficiency for near ecliptic orbits (Mars 1969 mission).
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Disadvantages

1° Due to methodof control the cross COul)ling problem needs intensive investiga-
tion.

2° Low solar cell efficiency for orbit l)lanes near polar to ecliptic plane when the
Sun Mars line of sight Iorms angles (:lose to 90 ° with tile line of nodes of the
orbit to tile eciiptic l)lane (Mars 1971, 1973, Venus-Missions).

Configuration B

In Configuration B (Figure A-2), tile vehicle Roll-Yaw t)lane is again coincident with the
Earth-Mars-Vehicleplane; ill addition, however, the Yaw axis of the vehicle is always
controlled to the Mars local vertical.

Summarizin<, it can then be stated that two fixed references exist. The Pitch axis is

ahvays perpendicular to the Earth-Mars-Vehicle plane and the Yaw axis is always
coincicent witil the Mars local vertical. For more details on the actual control el)era(ion

ot this system see Reference 1.

Aciumta_es

1. Even though Structural redesign ix required, preliminary calculations indicate
thal there is no weight l)cnalty over and above the existing design.

°

°

No ma,ior problems ave anticipated due to cross coupling since this approach

was previously studied on other in-house designs.

High ei'i'iciencies can be el)rained in near ecliptic orbits (Mars 1969 mission)
or on near l)olar orbits (Mars 1971, 1973 and Venus missions) by placing the

paddies on the Pitch or Yaw axes respectively.

Disadvantages

1° New vehicle configuration.

. Flexibility to l)lace the paddles on Pitch or Ya\v axis depending on mission is
required.

Figure A-I.

Reference for Appendix A

Configuration A High Power Effeciency

on Near Ecliptic Orbits Only

Reference 1. "Voyager Attitude Control" F.E. Xydis, GE-MSD Document ii9211-239.
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Figure A-2b. Configuration B for Near Polar Orbits
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APPENDIX B. SOLAR EFFICIENCY - SINGLE DEGREE OF FREEDOM SOLAR PADDLES

This study develops the efficiency of a single degree of freedom solar paddle for a

vehicle which constrains the roll yaw plane to the planet-earth-vehicle plane for various

orbit inclinations, eccentricities, and alignment in the ecliptic plane.

Abstract

The efficiency of a single degree of freedom solar paddle, on a vehicle with the above

control system constraint, is maximized by making the freedom about the yaw axis for

orbits inclined > 45 ° to the ecliptic and about the pitch axis for orbits < 45 o, for line
of nodes to sun line 45 ° .

The average efficiency over an orbit is shown below. The efficiency as a function of

time is shown on Figures B-3, B-4, B-5 and B-6. The line of nodes (the line through
the points on the orbit where it intersects the ecliptic) and sun-planet earth angle were
chosen to present worst case efficiencies.

Orbit Incl. to SPE LN Average Efficiency
Ecliptic To Sun Line Pitch Axis Yaw Axis

1 30° 49° 95 °90 .55

2 70 ° 49 ° 95 .70 .95

3 77.5 ° 490 128 .68 .96

4 68 ° 60 ° 60 ° .75 .90

The yaw axis freedom system has an additional constraint, namely that the yaw axis
lie on the local vertical.

Discussion

Two systems are under investigation: those designated as Configuration A and B in
Appendix B. Both systems have a single degree of freedom of the solar paddle about

the one axis and both systems constrain the vehicle roll yaw plane to be in the Planet-

Vehicle Earth plane throughout the orbit.

A vehicle which has one degree of freedom on its solar paddle about a given axis has a
solar efficiency which is a function of the angle that axis makes with the direction of

the sun's rays, which are parallel to the planet-sun line.

The relative power, or efficiency of a solar cell, as a function of the angle of incidence,

is shown on Figure B-I. Since the effect of the cover glass is only 1% above . 5 relative
power, the cosine relationship will be used in the studies described herein.

Orbit Designation

For the purpose of the study it will be assumed that the planets all lie in one ecliptic
plane. The line of nodes, in this study, refers to the line through the points where the

orbit interrupts the ecliptic plane. Occultation of thc vehicle by the planet is ignored,
although this factor should be considered in future studies as the orbital angle at which

occultation occurs could significantly alter the average efficiency if it occurred for a

significant period of time. It should be recognized that this limitation is applicable to
any system.
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For zero inclination and 900 line of nodes, the angle to the sun line is equal to the true
anomaly. Since only acute angles were plotted in this study, a discontinuity occurs for
the ecliptic orbit at 90 °. These points occur near the perifocus and are more exag-
gerated the higher the eccentricity. This effect can be seen in orbit #4 where the
eccentricity is lower, and hence less severe a discontiniuty.

In the case of the pitch axis freedom, the same phenomenon occurs near the perifocus.
The sharp breaks in the curves result from the limited number of data points taken. The
lack of data at these points does not detract from the results since they comprise only a
small part of the total orbital time.
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Figure B-1. Solar Power Efficiency vs. Orientation

4-117



The orbits investigated are tabulated below:

Orbit #i

Inclination

Orbit Eccentricity

Line of Nodes to planet-sun line
Sun- Planet- Earth angle

30°

.9

95°

49°

Orbit #2

Inclination

Orbit Eccentricity

Line of Nodes to planet-sun line

Sun-Planet-Earth angle

70°

.9
95°

49°

Orbit #3

Inclination

Orbit Eccentricity

Line of Nodes to Planet-Sun line

Sun-Planet-Earth angle

78 °

.956

12_ °
49_

Orbit #4

In clination

Orbit Eccentricity
Line of Nodes to Planet-Sun line

Sun-Planet-Earth angle

68°

•428

600
60°

The angle of the line of nodes and the Sun-Planet-Earth angle have been chosen to
represent worst case conditions.

Development of Solar Efficiency Expression

The efficiency of a flat solar panel is approximately the cosine of the angle the normal to
the paddle makes with the sun's rays. If the solar paddle is free to rotate about an axis

which lies in the plane of the paddle, the normal to the paddle will lie in a plane which
contains the sun line when the axis of rotation is 90o from the sun line. Since the free-

dom of rotation exists, the paddle may be rotated such that the normal to the paddle

is at an angle to the sun line which is the complement of the angle the axis of freedom

makes with the sun line. For the systems being studied the solar efficiency is therefore
the sine of the angle the axis about which the paddle rotates is inclined to the Planet-
Sun line.

With reference to Figure B-2, the line MP represents the pitch axis of the vehicle, MS

represents the Planet-Sun line, and the plane AMS is the ecliptic plane. The angle

is the angle between the axis of rotation and the Planet-Sun line. The lines MP' and
MP" are the projections of the pitch axis into the ecliptic and the MBS planes respectively.
Therefore, the efficiency of the solar paddle can be calculated from the projection of the

axis of freedom onto the ecliptic and the vertical plane which includes the Planet and the
Sun.

These projections are developed for the various orbits and the constraint that the vehicle

roll yaw plane lie in the Planet-Earth-Vehicle plane•

The results for the several orbits are shown on Figures B-3, B-4, B-5 and B-6.

Some discussion should be made to explain the shape of the curves of angle versus the

orbital time increments. In the case of the yaw axis rotation, the angle to the sun line

is a constant 90° for a 90° inclination to the ecliptic and the line of nodes to the sun line.
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y(U/) = tan-l_ tan 2 c_ (e) + tan 2 B (¢)'

_(0) = Angle between rotation axis and Planet-Sun
line when rotation axis is projected into
ecliptic plane.

fl(¢) = Angle between rotation axis and Planet-Sun
line when rotation axis projected into plane
n_ to eciiptic and containing the planet and sun
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Figure B-2o Geometry
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APPENDIX C. INTERPLANETARY ERROR ANALYSIS PROGRAM

An essential step in the design and analysis of guidance systems for lunar and interplane-
tary missions is a consideration of the effects of statistical errors. The uncertainties of

the injection conditions and estimates of the biases of the instruments employed plus the
noise on the tracking and navigational data lead to uncertainties in the orbit determination.
Midcourse corrections yield additional statistical errors due to the uncertainties in the

attitude of the vehicle and the magnitude and duration of the thrust. Additional uncertain-

ties are caused by our imperfect knowledge of the length of the astronomical unit as

measured in laboratory units, the mean radius and mass of the earth, the gravitational

constant, the speed of light, locations of the radar sites in our coordinate system, the
density of the upper atmosphere, and the refraction of the radar signals by the atmosphere.

The overall effect of all such statistical errors is to introduce uncertainties in the deter-

mination of the actual trajectory conditions which in turn produce ellipsoids of probable
error in position and velocity at the target. A digital computation program has been pre-

pared which computes the covariance matrix of the uncertainties in trajectory conditions

due to several sources of statistical error assuming a mmximum likelihood trajectory
determination. The types of errors considered by the program are:

a_ errors in estimating the trajectory conditions at injection

b. noise on the observations (both ground tracking and on-board navigation)

c. uncertainties in the trajectory conditions due to midcourse corrections.

The maximum likelihood estimation is derived in Re ference 1 while Reference 2 is an

example of the application of this type of estimation to an actual ground tracking network.

The program makes several assumptions about the statistics involved.

a. The errors on each observation are independent, that is, there are no correla-
tions between the errors in different observations.

b. All probability distributions are normal.

c. All probability density functions have zero means.

d. The covariance matrix of uncertainties in injection conditions are known°

e. Standard deviations of the noise on the observations are known.

f. The analysis is linear, i.e., the uncertainties in the trajectory are assumed to
be small compared with the trajectory variables.

The statistical error analysis program has been written as aaa adjmlct to the Generalized

Interplanetary Trajectory Study (the N-body program) developed by the Space Sciences

Laboratory, MSVD-GE (Item 1 of ParNraph 4.8). The N-body program computes
lunar and interplanetary trajectories when given a set of injection conditions and time of

injection. Ephemerides for the Sun, Moon, and all the major planets except Pluto are
carried on magnetic tape for the years 1960-2000. The basic coordinate system is rec-

tangular, geocentric, equatorial with the vernal equinox of 1 January 1950 as the priucipa!
direction. The program provides for a choice of either Encke's or Cowell's method of

special perturbations or both. Numerical integration is Runge-Kutta with a doubling and
halving routine for choosing the proper length of the computations interval. The output

of the N-body program is the position of the vehicle in geocentric, heliocentric, m_d

target planetocentric coordinates and the velocity of the vehicle in geocentric coordinates

at the beginning, midpoint, and termination of each computing interval. This information
is part of the input of the statistical error analysis program.
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The error analysis program provides for the simulation of both a ground tracking system

and an on-board navigational system. The ground tracking system may contain up to ten
stations located anywhere on a rotating oblate Earth. Each station reads any or all of the

following types of observations:

range rate

range

elevation

azimuth

At each sampling interval, each station is checked to see ifthe vehicle is above its hori-

zon by a stipulated angle. Ifthis is so then it is assumed that the station makes an

observation during that interval and this observation is accumulated in the data processing.

The on-board navigational simulation provides for the following observations:

2 star-planet angles

i planet-planet angle

1 planet radius angle

Itshould be noted that both the ground tracking and on-board navigation can be expanded

to include other types of observations. Any physically realizable type of observation, for

which the geometry coefficients can be derived, may be incorporated in this program.

Some other types of observations which could be used are:

a. Rate of change of angle between a star and a planet.

b. Time of occulation of a star or the sun by a nearby planet.

Thus, the program can be adapted to most guidance schemes and furnishes an additional
criterion for judging the scheme. This criterion would be the speed with which the
guidm_ce scheme reduces the ellipsoids of probable error at the target. Conversely, the

program can determine the specifications on the sources of statistical error of a pro-

posed guidance system needed to meet the accuracy requirements of a given mission.

Inputs :

a. InitialInjection Conditions and Epoch

This is an input to the N-body program. The N-body program in turn furnishes

the statistical error analysis program with the position and velocity of the vehicle

at the beginning, midpoint, and termination of each computing interval. The N-

body program also provides the ephemerides of the solar system.

b. List of Celestial Bodies

The N-body progrmm can include the effects of the Sun, Moon, and all thc major

planets except Pluto in its computations but some saving in machine time is

made by eliminating those bodies whose perturbing forces are small.
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C°

1.

Ground Tracking

Location of stations

i. elevation above mean sea level (meters)

ii. geodetic latitude (degrees)

iii. geographic longitude (degrees)

2. Types of observations

Each station may make any or all of the following observations:

i. range rate

ii. slant range
iii. elevation

iv. azimuth

3. Standard deviations of observations

At the present time, these quantities are being treated as constants. However,

the program can be modified so that these quantities can be made to be func-
tions of the trajectory conditions.

4. Time cutoff points

A station ceases to make a particular type of observation when the elapsed

time exceeds a specified time cutoff value.

d. On-board Navigation

1. Star locations

i. Right ascension
ii. Declination

2. Choice of planets

The N-body program will furnish the ephemeris of a chosen planet even ifthe

plm_et is not being employed in the summation of forces.

3. Combinations of observations

4. Standard deviations of observations

5. Time cut-off points

The program employs a new combination ofon-board observations when the elapsed time

exceeds the specified time cut-off value.

e. Printout Times

At the times specified in the input, the covariance matrix of the uncertainties in

trajectory state variables based on all observations up to that time is printed out.

This matrix is subsequently propagated by means of sensitivity coefficients to the
final time.

METHOD OF COMPUTATION

The error analysis computation is performed concurrently with the trajectory integration.
At the end of each integration interval, the partial derivatives of the observables with
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respect to the trajectory state variables are evaluatedat the position just computed. The
partial derivatives for anyoneobservablecanbe consideredas the componentsof a vec-
tor U. The incremental certainty matrix for N observationsmadeat this time is obtained

(U U! 1----) where _ is the standarddeviati°n °f the err°rfrom the expression j J J
J aj2 "

in the jth measurement. This matrix is thenaddedto the matrix obtainedby propagating
the certainty matrix existing at the endofthe previous computinginterval aheadto the
present time. This propagationis accomplishedby meansof multiplication by sensitivity
coefficients. The wholeoperation canberepresentedby the following recursion formula:

N

Jk ---4, Jk- +E Uj J
tk, tk-1 1 tk, tk- 1 j

where Jk and Jk-1 are the certainty matrices existing at the times tk and tk-1, respectively

and _b tk, tk lis the sensitivity coefficient matrix relating errors at the time tk to the
time tk-1. ]?hese sensitivity coefficients are obtained by integrating the linearized

(variational) equations of motion from tk_ 1 to tk. The covariance matrix of the uncertain-

ties in position and velocity at any point along the trajectory can be obtained by inverting
the certainty matrix representing the accumulated certainty resulting from all the measure-
ments taken up to that point.

REFERENCES FOR APPENDIX C

I° "ANALYSIS OF RADIO-COMMAND
MID-COURSE GUIDANCE "

JPLTech. Rep. 32-28

A. R. M. Norton, E. Cutting,
F.L. Barnes

. "TRACKING AND ORBIT DETER-

MINATION PROGRAM OF THE JET

PROPULSION LABORATORY"

JPL Tech. Rep. No. 32-7
R.E. Carr R.H. Hudson
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APPENDIX D. EFFECT OF A.U .UNCERTAINTY ON TRACKING ACCURACY

Of prime importance in the analysis of the overall guidance system accuracy is the accuracy
with which the vehicle trajectory can be predicted at the start of the approach phase based
on DSIF Tracking during the heliocentric transfer phase. An error analysis based on a

maximum likelihood estimate of the trajectory assuming unbiased ground based measure-
merits of range rate would not be realistic due to the fact that the measurements are

necessarily made in terrestrial units and therefore must be considered to be subject to a
bias error stemming from the uncertainty in the conversion factor between A. U. 's and kilo-

meters. This bias error will be proportional to the measured range rate and will, of

course, be perfectly correlated with that portion of the uncertainty in initial conditions

which is due to uncertainty in the A.U. If this effect is ignored in the error analysis, an
overly optimistic result will be obtained; that is, the variances of the errors in the tra-

jectory estimate will be much smaller than they should be.

There are two ways of incorporating this systematic error into the error analysis. The
A.U. uncertainty can be considered to be another variable which will be estimated in the

same manner in which the trajectory variables are estimated, or it can be considered a
random variable, not to be estimated, whose variance is known a priori. Both of these

approaches are valid. The first is to be preferred since it results in smaller variances

for the uncertainties in the trajectory variables. However, it may be that the presence of
other model errors makes the validity of the estimation procedure questionable. In this

case the second approach is more realistic and therefore preferable.

Because of the fact that a meaningful error analysis of the midcourse phase of the mission

must be based on the concepts described above, the Error Analysis Program was modi-
fied so as to include the effect of biases in the observations. Either one of the two

approaches mentioned above can be selected. This modification was completed at the end
of the study, permitting some preliminary results to be obtained which can be considered
typical.

The following procedure was used with the Mars 1969 trajectory described in paragraph
4.4.1.

The trajectory was divided into three segments: an Earth departure phase from injection

to a point one million miles from the Earth; a midcourse phase to a point two million miles
from Mars; and an approach phase to the point of closest approach to Mars. The covariance

matrix of uncertainties in position and velocity at the end of the first phase was computed,
assuming the injection errors listed in Table D-I and assuming tracking from three ground

stations measuring range, range rate, azimuth and elevation with the accuracies also
listed in Table D-I.

TABLE D-I

INJECTION ERRORS

h = 1 n. mi. 8 = 0.06 degrees

y : ln. mi. _ = 30ft/sec.

R 5 n. mi. V 7 ft/sec.

where h is altitude, (_ is flight path angle, R is down range distance, V is total velocity,
and Y and Y are out-of-plane distance m_d velocity, respectively. The correlations between

these errors were not known so they were assumed to be zero.
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The standarddeviations at the endof first phasewere:

aX = 31n. mi. _ = .46 ft/sec
y = 36 n. mi. _ = .52 ft/sec

Z = 22n. mi. (_ = .31ft/sec

The coordinate system used here is the earth equatorial system, where X is the direction
of the vernal equinox and Z is the direction of the earth's polar axis. The covariance

matrix of trajectory uncertainties at the end of the first phase was then augmented by:

1. the variance in the midcourse velocity correction error (assumed to be 2 (ft/
sec) 2 in all three coordinates)

2. a covariance matrix representing the uncertainties introduced by converting the

position and velocity from terrestrial units to astronomical units

With these initial conditions, an error analysis of the second phase (midcourse) was per-
formed assuming range rate tracking only from a single ground station. In addition to the
usual random noise, the range rate data were assumed to include a bias error proportional

to the range rate, introduced to account for the fact that the range rate is measured in

terrestrial units (meters/second) while the trajectory is determined in astronomical units
(A. U. 's/hr). This approach allows an evaluation of the effect of uncertainty in the value

of the A.U. on guidance accuracies without the necessity of treating this uncertainty as a

model error, resulting in considerable simplification in the program. This procedure

results in a covariance matrix representing the accuracy with which the trajectory can be
predicted based on DSIF tracking at the beginning of the approach phase.

Measurements of range rate were assumed to be made with a standard deviation of .016

mi/hr at intervals of 64 hours. The proportionality constant for the range bias error and

the initial condition uncertainty was . 00002, corresponding to an A.U. uncertainty of
about 1600 miles. The standard deviations of the trajectory uncertainties 5951 hours

after injection are shown below (again in earth equatorial coordinates).

ax = 210n. mi. a_} = .56 ft/sec

ay = 1360 n. mi. _ = .96ft/sec
az = 630 n. mi. _ = .52ft/sec

At this time the vehicle is two million miles from the planet.

Using this covariance matrix as an initial condition, an error analysis of the approach

phase was performed, assuming on-board measurements of two star-planet angles as
described previously (measurement accuracy was one milliradian). The results are
tabulated below.

Time after

First

Observation

(hrs)

0

160
224

240
256

264
268

274

279
280.125

Number of

Observations

Radial Distance

from Planet

(nm)

2,091, 000

Standard Deviations in Predicted

Altitude of Closest Approach
(nm)

Out of
Radial

Plane

917 63.2

Tangential

2630

3
6

7

9
10

11
13

18
25

900, 000
424 000
305. 000

185. 000
125 000

95. 000

49. 000
lO, 000
2 870

508
252

191

114
83.6

62.6
34.8

18.6
3.0

46.0
38.2

36.6

33.6
31.1

27.9
19.2

4.9

1.4

1460
730

560
346

265

212
153

92

2.6
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APPENDIX E. MARS APPROACH GEOMETRY

The Mars approach geometry is illustrated in Figure E-1. Table E-1 lists the corre-

sponding values of the known angles for each end of the launch window for the Mars 1969
opportunity. By solving the spherical triangles involved in the approach geometry, the

value for the angle between the approach asymptote, OA, and the radius vector to the
landing site, OL, can be computed for the two cases given in Table E-1. This angle is

designated by AL. The problem now reduces to a problem which is confined to the plane

of the approach trajectory, as shown in Figure E-1. In this figure,

AO II PN

AOL = ONP

-1 1
¢ = COS --

e

0 = 180 ¢ -
I

where e is the eccentricity of the hyperbola

AOL

Thus the location of the landing site at point L has been related to the perifocus radius

vector, OT, by the angle 0 i.

VALUES FOR ANGLES, MARS 1969 APPROACH GEOMETRY

Mars 1969 Opportunity, r = 2000 N.M.
P

10 Jan. 1969 9 Feb. 1969

TABLE E-I.

Angle

AP = - Y* 16 ° 19 °

AS = SOA=IS0 - ( 90 ° 120 °

i M 24.5 ° 24.5 °

ES 52 ° 82 o

i 55 o 55 o
o

ML 24 ° 24 °

AL AOL 67.2 ° 72.0 °

67.8 ° 71.3 °

0. 45 ° 36.7 °
1

*Values for y and _ are obtained from the following reference

REFERENCE FOR APPENDIX E

1. "TYPE IIMARS TRAJECTORIES JPL Tech. Memo 312-293

1964-1969"
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Figure E-1. Mars Approach Geometry
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APPENDIX F. LINE-OF-SIGHT GEOMETRY

Line-of-sight limits for a landing site are assumed to be defined by the plane tangent to

the surface of the planet sphere, with the point of tangency coinciding with the landing site.
Line-of-sight from Orbiter to landing site, therefore, does not exist when the Orbiter is

located below the tangent plane. The limiting line-of-sight position for the Orbiter cor-

responds to the point in the tangent plane at which the Orbiter trajectory pierces the tan-
gent plane.

The geometry involved in the computation of time from loss of line-of-sight to perifocus
is described for the following two cases:

(1) In-plane landing sites

(2) Out-of-plane landing sites.

Figure F-1 illustrates the geometry for in-plane landing sites. Then, with reference to
Figure F-l,

r -

r (1 + e)
P

l+ecosn
(1)

where

r = radius vector to a point on orbiter trajectory

r = perifocus radius vector
P

e = eccentricity of orbiter trajectory

_7 = true anomaly corresponding to the radius vector.

R _ R (I +e cos rl)
COS 0 (2)

r r (i + e)
P

0 + 77 : 0 i (3)

where

R = radius of planet

0. = angular position of landing site with respect to the
1

perifocus radius vector.

The simultaneous solution of equations (2) and (3) determines the true anomaly at which
line-of-sight is lost with respect to the in-plane landing site.

Figure F-2 illustrates the geometry for out-of-plane landing sites. A designates the in-
plane landing site while B designates the out-of-plane landing site in Figure F-2(a). If the

relative coordinates of the landing sites are known, the sides of a spherical triangle,
ABC, can be determined such that angle ACB is a right angle and side AC lies in the

orbiter trajectory plane. If the tangent plane is then moved from A to C through an
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Figure F-1. Geometry for In-Plane Landing Sites
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PLANE OF 1

APPROACH
TRAJECTORY

EOUATOR

A DESIGNATES IN-PLANE LANDING SITE

B DESIGNATES OUT-OF-PLANE LANDING SITE

(a) LANDING SITE GEOMETRY

\_
_A,_o_---/ _y--/_ __--_

/

TRAJECTORY PLANE
COINCIDES WITH PAGE

R

(b) TRAJECTORY PLANE GEOMETRY

(c)

B

TRAJECTORY PLANE

.I_ TO PAGE

GEOMETRY IN PLANE PERPENDICULAR

TO TRAJECTORY PLANE

Figure F-2. Geometry In-Plane Perpendicular to Trajectory Plane
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angle a, and then from C to B through an angle B, the radius vector of the point on the
orbiter trajectory which lies in the plane tangent to the out-of-plane landing site can be
determined as follows:

From Figure K-2 (c)

OD - R (4)
COS

From Figure K-2 (b)

r (1 + e)
OD R p (5)r -- =

cos/_ cosB cos O I + e cos ,]

then

R sec f_ (1 + e cos 7)
cos 0 =

r (1 + e)
P

(6)

and

O +_? =Oi +a
(7)

The simultaneous solution of equations (6) and (7) determines the true anomaly at which

line-of-sight is lost with respect to the out-of-plane landing site.

Time is then determined for both cases using Kepler's equation for the hyperbolic orbiter

trajectory.
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APPENDIXG. LINEARIZEDORBITERERRORANALYSIS

Errors in the parameters describing an orbit are functions of errors in the injection
conditions. Thepurposeof the analysis to bedescribed here is to relate these two sets
of errors. More precisely, givena statistical description of errors at injection, the
problem is to find a statistical description of errors in the orbit parameters.

There are two sources of the errors whichexist at injection: (I) guidanceerrors up to the
point of injection, and(2) errors in executingthe thrusting maneuverat injection.
Statistics of the guidanceerrors canbe foundfrom the results of the GuidanceSystem
Error Analysis Program; they will be functionsof the errors in the basic navigational
sensorsused (earth-basedtrackers or on-boardsensors). Statistics of the thrusting
errors must beassumed,baseduponthe presumedcapability of the control system.

Combinationof these two sets of statistics will produce the statistics of the total errors
at injection; this is what is to be related to the statistics of errors in the orbit para-
meters.

This analysis will bebasedupona small-error assumption, so that linear expansions
are valid. That is to say, the effects of thevarious injection errors uponany orbit-
parameter error are assumedto be independentof oneanother. Furthermore, each
injection error is assumedto produceaneffect in orbit-parameter errors which is
directly proportional to the size of the injection error° The small-error assumptionis
justified for the relatively small errors that havebeenindicatedby results of the
GuidanceSystemError Analysis Program.

Coordinates

The most convenient set of coordinates for this analysis is a right-handed inertial

Cartesian set centered at the point of injection: one axis radial, one axis perpendicular

to the orbit plane, and one axis horizontal in the orbit plane. This set ( _ , 77 , _ ) is
defined as follows:

= radial, positive downwards (toward center of planet)

,) = perpendicular to the orbit plane, positive to the left as viewed from
the direction of travel at injection

= horizontal and in the orbit plane, positive in the downrange sense at

injection.

This set of coordinates is shown in Figure G-lo

Fortunately, the Guidance System Error Analysis Program is arranged to print out the
covariance matrix of the guidance errors transformed to just this system.

Nomenclature for Orbit Parameters

Symbols for various quantities involving linear distance are as follows:

a - semi-major axis of orbit

r = radius from center of planet to any point on orbit

r
a

r
P

= radius at apoapsis

= radius at periapsis
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Symbolsfor the anglesusedto definethe orbit are as follows (seeFigure G-2):

i = inclination angle

ft = longitudeof line-of-nodes (measuredin planet equatorial plane)

co= angle (measuredin orbital plane) from line-of-apsides (periapsis end)
to line-of-nodes; true anomalyof line-of-nodes

_9= angle (measuredin orbital plane) from line-of-nodes to point of injection

v = general true anomaly(anglein orbital plane, with vertex at center of
planet_from periapsis to a general point on the orbit)

POINTOF
INJECTION RESULTING

ORBIT

ORBITAL
PLANE

TO CENTER
OF PLANET

Figure G-1. Coordinatesfor Linearized Orbiter Error Analysis

Symbolsfor other orbit parameters are asfollows:

T = period

e = eccentricity

5 = energyratio, kinetic energydivided by potential energy

V = velocity

a = path angle (angle from the horizontal to the velocity vector)
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The subscript "o" attachedto any symbolrefers to the valueof that quantity at the point
of injection. Thus, vo is thetrue anomalyof the injection point, r o is the distancefrom
theplanet center to the injection point, go is the energy ratio at injection, etc.

ZERO
MERIDIAN

n

LINE

OF NODES

POINT OF

INJECTION

ORBITAL

PLANE

PLANET

EQUATORIAL
PLANE

PERIAPSIS

Figure G-2. Angles used to define Orbit

Definition of Error Vectors

Position and velocity of the vehicle at injection are sufficient to define its orbit. There-

fore, six injection errors (three components each of position and velocity error) will
define the errors in the orbit parameters. Define the injection error with its six

components by the vector el:

ei: {e (_), e (_7), e(_), e(_), e(_), e(_)} t , (1)

where "t" denotes the transpose, and the dots denote time differentiation (thus

is velocity in the _ direction).

Another set of six injection quantities sufficient to define the orbit are as follows:

ro, radius at injection

v . velocity at injection
O"

ao, path angle at injection

i, inclination angle of orbit
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F/, longitude of line-of-nodes

/3, angle from line-of-nodes to injection point

It should be noted that these six quantities are independent. Define the errors in these

injection quantities by the vector _e1:

e I = {e(ro) , e(Vo) , e {ao) , e(i), e(12), e(a_)} t (2)

Finally, consider the orbit parameters. The following seven were chosen as being of

interest:

a, semi-major axis

T, period

radius at periapsis
rp,

ra, radius at apoapsis

i, inclination angle

12, longitude of line-of-nodes

(u, true anomaly of line-of-nodes (location of line-of-apsydes)

As there are seven quantities listed, they obviously cannot be independent. Define the

errors in these orbit parameters by the vector e :
-p

e = {e (a), e (T), e (rp), e (ra), e (i), e (i_) e ((u)}t--p

The problem at hand is to find a statisticaldescription of e in terms of a statistical
The vector el merely serves as a convenient intermediate step fromdescription of e..

-i
e. toe .
-I -p

(3)

Matrix Equations

Consider a set of variables Yi, and focus attention upon a particular one yk o Let each of

the Yi be a function of another set of variables x.. Then y, can be expressed as follows

by a Taylor's series, provided that Yk is continuous and _as continuous derivatives:

, bYk ,

Yk- Yk = _j b xj (xj -xj)

b2

1 _ Yk ' '
-x. )(xj_ -x. )+ .......... , (4)2 : L._ (Xjl ]1 2 J2

+

]1' J2 ?Xjl _xj2

T

where the primes denote reference values of the variables, i.e. Yk is the vaiue obtained

for Yk when each xj is set equal to xj .

Now redefine the reference values of the variables as the true values, unperturbed by
errors. The variables themselves then will consist of true values plus errors.
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The error in Yk is thus given by

' _Yk

e(Yk ) _- Yk- Yk = Z _ e(xj) + ..... o (5)
] J

For small errors, the higher terms contain second and higher powers of errors, so that

these higher terms may iegitimately be neglectedo

Now define a matrix A, whose element in the k th row and the j
th

column is 5yk/ 5x.:]

r ' tI

I

3 Yk
A = bx. (6)

, ]
I
I

If -ye" is the vector of errors ill the Yi variables and -xe is the vector of errors in x.j, then
equation (5) may be written in matrix notation as

e = A e (7)
-y - -x '

_ toe.valid for small errors. Matrix A is the "transformation matrix" relating ey -x

Since the errors in e I are functions of the errors in ei, and likewise the errors in ep are
functions of those in el, by analogy to equation (7) we may write

e I = A 1 _ei , (8)

e = A e I ° (9)-p p

Here the matrices A 1 and A must be defined asP

f 1i

(_el)k

A 1 = _ (ei) j
I

I
I

, (10)

A
P f ' t(el) j

Combination of equations (8) and (9) shows that e
-p

e =A Alei,-p p

which is hardly a surprising result.

is given in terms of e i by

(Ii)

(12)
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Thecovariancematrix E of anyvector e is definedas
y -y

t
E = e e , (13)

y -y -y
where thesuper bar denotesthe ensembleaverage. Substitutingequation(12) into (13),
the covariancematrix of errors in orbit parametersE is foundto be

P

t t A1tE = e e = A Ale i(ApA A A _eiei t A tp -p-p p 1-e-ei): p 1 p

t I t t= A Ale. e. A Ap -1 -1 p '

where the last operation is permissible because Al) and A 1 do not vary over the
ensemble of errors. However, equation (13) show_ that the covariance matrix of

injection errors E. is given by
1

(14)

t
E. = e.e. , (15)

i --i --i

so that (14) becomes

t t

El) = A A 1 E iA A (16)p 1 p

This is the fundamental equation of the linearized orbiter error analysis. El, the
covariance matrix of the errors at injection, is known from the results of the Guidance
System Error Analysis Program and from statistics assumed for thrusting errors during

injection° Therefore Et) , the covariance matrix of errors in the resulting orbit para-

meters, can be found if Ao and A 1 are specified. The transformation matrices AD and A 1
are specified by equations_ (10) and (11). The expressions for the partial derivatiCes

which are indicated as the elements of the A. and A 1 matrices can be obtained by
forming expressions for ro, Vo, Xo, i, fl andVfl as functions of _, _, _ , £, n and i and

differentiating these expressions with respect to these variables. If this is done and
only first order terms retained, the following matrix is obtained.

TABIE G-1. THE A 1 "ATPIX

A 1

J

0

e(<)

I

0 0 0 0 0

0 0 - sin ao 0 cos a o

1 - sin %'
0 - cos a 0

O

r o , V o

sin _' - tan a cos t8 Vo

o 0 0 cos /3 0

r o

, T ,

cos 13 + tan a sm /3
0

- r sin i
o

cos/3 + tan a sin
o

tan i
r o

e(,I)

0 0

1
-_ 0

r o

_,(_) e (4")

V COS a
0 0

sin /3 , 0

V ° cos a ° sin i

' l- Sill _ 0

V cos a tan i
o o

e(@) e(_)

e (r o)

e (Vo)

e(%)

e (_)

e (fl}

e(/a)
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The Elements of A 1 Related to e ( n )

Consider first the elements of the A 1 matrix, and first of these consider the six eit_ment_;

(e_t)k/ Be(_). Figure G-3 shows the effect of a perturbation e( _ ) in the injection
portion, i.e. the effect of an out-of-plane position error.

From the side view in Figure G-3, it is evident that

;_= - arctan e 01) . (17)
f

r
o

From the top view, it is seen that e (_) induces a velocity component out of the new
orbital plane:

! )

Vout_of_p_an e = Vradial sin ;_= V sin a o sin h, where a o is the intended path angle at
mjecuon tangte _om horizontal to the velocity vector). This causes the horizontal com-
ponent of the velocity vector to be shifted through an angle ( ,/2 - _1):

rr/2 - _1 = arcsin (Vout_of_plane/Vhorizontal)_

?

V sin a sink
o ' (18_= tan a sinX

COS g l = V' ocos a
o

The A Matrix
_p

Transformation from injection errors as stated by e 1 to errors in the orbit parameters

ep is effected by the A n matrix. The elements of A_," as defined by equation (11), are
now to be found. This _vill be done by starting with_tandard orbit equations, as written

to make use of the energy ratio8. By the definition of 80,

2
(KE) o r o Vo

uS-- _j'PE_° - 2 GM ' (1_)

where O is the universal gravitational constant and M is the mass of the l)lanc't in
question. The standard orbit equations then read

a (1 - e 2) (eqn. of ellipse)
r = 1 + e cos v

e = + 1-480 o

r
o

2(1- 8o)
(2 2)

a3/2
t- t o - GM [(u - Uo) - e (sin u - sin Uo) I (Kepler's eqn. )

a3/2 - 1/2whence T = 2_ (GM)

V = @2 GM 8o/r ° = _GM ( 2 1 1

r a
o

(vis-visa)

(23)

('24
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Here u is eccentric anomaly, v is true anomaly, r is radius, a is semi-major axis, e is
eccentricity, a is the path angle, t is time, T is period, and V is velocity.

The vector ep contains the errors in a, T, r , r , i, gl, anda). Errors in i and _l are
components-_f the e I matrix directly, so no furtt_er development is needed for them.
From Figure H-2, it is seen that

= v o fl o (25)

Errors in/3 constitute another component of el, so the present concern is with Vo.

Therefore, expressions are needed for a, T, rp, ra, and v o. Now a is given by (22),

T is given by (23), and v o is given implicitly by (20). Also, rp and r a may be found from
(20); periapsis occurs at v = 0 and apoapsis at v = rr, which produce from (20)

r : a(1 - e) , (26)
P

r = a (1 + e) (27)
a

The elements of Ap can now be found by differentiation of equations (_0), (22), (23), (26),
and (27): also the auxiliary equations (19), (21), and (25). Results are as follows:

odSo= 8° + 2 (28)

E 2 1de - e4 (2 80 = 1) cos ao dSo + 8o (1 - 80) sin 2ao dao (29)

dr r d 8
O O o

da = 2 (i -8o) + 2(1 = 80)2 (30)

dT = 3r, IG--M da (31)

dr = (1 - e) da - a de (32)
P

dr a = (1 + e) da+ ade (33)

da_ = dv ° - d/3 (34)

a (1 + e 2) - r
_ 1 _a _(1_- e 2) dr + o

2 o 2
dVo sin Vo -1 e r ° r ° e

1 - e2 |

daJ (35)r° e

Combination of these equations produces

dr dV
a (__o + 2 8 _ (3_da = 1-_ "r o v ' " '

0 0 0
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Vo3n 8o 18o)2 (dr +2 8°dT - 2V ° 6o (1- o dVo)
(37)

1 I[ l-e 2 1-25 ]drp - 1 6° 2(1 _o ) + 8 cos a o dr- - 0 0 e 0

ro [ 6o 2 1 - 2 60- -- COS a+-V-- (1 e) 1- 6 +28o o e
0 0

dV
0

dr
a

8 (1-%) Io sin 2a . r da
e o o o

'll e 2- 2(1 8o ) - 8 cos a dr1 - 6° - o o e o

(38)

vr° [ i 8°8 2 1-28 ]o+ .-v-- (1 +e) 26 cos a dV
- o o e o

0 0

d_ --

In general, _ Yk

6o (1-e 6o) sin2ao " rodao / (39)

2
6 sin 2 a

O O

3
e sin v

0

- sin 2a
O

+ 2 [1 2 (1 6O)cos2 ]- - ao (40)

is a function of xj, then

+2

da° I - dj3

bYk

dy k = ._ dxj.
] ]

(41)

Furthermore, if a linear relation between dy k and the dxj can be found, then the coeffi-

cient of any particular dx]. must be just byk/bXj. Consequently, equations (36) through (40)

serve to uniquely determine the partial derivatives which are the elements of A .
P

The A matrix is thus completely determined. Its elements are given in the array of
P

Table H-2.

The A Matrix for Injection near Periapsis
P

If injection should occur near periapsis, then v and a must be very small. Then the
o o 2

sin 2a sin 2a
o or --------Q become

first three elements in the last row of Ap, which contain sin v sin v
o o

nearly indeterminate (completely indeterminate if injection is exactly at periapsis). This
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is a very likely situation. The trouble will be circumvented by developing approximate

relations, which are valid for injection near periapsis.

From equation (20),

a (I - e) 2
ro I -_ e £os v

0

(42)

Substituting (21) and (22) into (42) and solving for Vo,

2
2 _ cos a -1

o 0

cosy o= _/1 4_o (1 _o )cos 2- - a 0

there is found

(43)

For small v ° and ao,

2 %2)v 2_ (1- -1
1- o - 0 (44)

2 _/1- 45 ° (1- 60 ) (1- ao 2)

This may be rewritten as

i p -- --

2
V

O

2 -
125

O

2 50

2
25 a

0 0

26 -I
0

- i I --l/ 45 (1- _o ) ao2
1+ o

- 1 T (2_o_ 1)2

I 2
a250 o

2s -! 2s -1 1'2J0 0 -

I 2_ (1 - 5o) ao 21- o

[250 - II

2_ - 1
0

I 22]26 0 a o

(260 - _2

(45)

For
O

> 1/2, equation (45)

2
2_ a

0 0
v

o (2 _o - 1)2

(46)

Use of equation (46)

rl

sin k 2 a

° =0,
sin v

0

(47)
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sin 2a 2_ - 1
0 = 0

sin v
0 0

(48)

Thus, for injection near periapsis, the A matrix becomes
P

A
P

[

I

I
0

2_o (230- 1)2
0 0 0

3
e

i]I
I
I

I

-1

(49)

If the nominal injection point is exactly at perigee, certain other elements of A can be
shown to simplify. The result is given in Table H-3. P

The A Matrix for Near-Circular Orbits
P

If the orbit is nearly circular, then the quantities e, (2 50 - 1), and ao are all nearly equal

to zero. It is seen that the following elements of A are then becoming indeterminate:
P

3rp/bro, brp/bVo, _rp/3ao, 3ra/3ro, 3ra/_Vo, 3ra/3a o. Approximations have been de-

rived, valid for small e, which circumvent these indeterminacies. However, the Voyager
vehicle is presently planned to have orbits of high eccentricity. Therefore, the approxi-
mations for small e are not of interest here.

A Numerical Example

Assume that the following orbit parameters are desired:

r = 3000 statute miles for Mars; 5000 for Venus
P

r a = 19, 000 statute miles for Mars; 21, 000 for Venus

i = 60 °

_=¢o=45 °

Injection at periapsis

The standard orbit expressions, equations (19) through (24), can be used to calculate the
remaining orbit parameters:

1 (50)a = 2 (ra + rp)

e = ra/a - 1 = 1 - rp/a (51)

3o = 1 - ro/2a = 1 - rp/2a for injection at periapsis (52)

Check with e _/1 450 (1 5o) cos 2= - - {ZO

= 128 - 11 for inj.at periapsis (53)
0
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V0 = _/2 GM 8o/ro = CGM (2/r ° - l/a) (54)

T = 2_ a 3/2 (GM) -I/2 (55)

These expressions assume an inverse-square central force field (spherical homogeneous
planet, with all other bodies neglected). Values taken for GM are as follows:

I 84, 500 statute miles3/second 2 for Venus
GM II0, 300 statute miles3/second 2 for Mars

Use of equations (50) through (55) yields the following values for the unspecified orbit
parameters:

Quantity units venus Value Mars Value

r
o

a A.U. 0.000, 151 0.000, 129

= r A.U. 5.37 x 10 -5 3.23 x 10 -5
P

8o 23/28 7/8

e 9/14 3/4

V A.U./hr 2.04x 10 -4 9.5 x 10 -5
O

a 0 0
O

Here "A. U." refers to Astronomical Units, and "A. U./hr" to A.U. per hour.

The quantities thus obtained for the various orbit parameters were inserted into the A 1
and Ap matrices, as given by Tables G-1 and G-3. These two matrices were then multi-
plied together to yield the product matrix Ap A1. Table G-4 gives (Ap A1) as thus found
for Venus, and Table G-5 gives (Ap A1) for Mars.

Finally, equation (16) was carried through for the Mars case. The covariance matrix of

errors at injection Ei was taken from a run of the Voyager Guidance System Error Analy-
sis Program: so-called Mars Run 2, which assumed two star-planet measurements per
step with a standard deviation of one milliradian; initial certainty matrix established by
extimated A.U. uncertainty. For this run, rp = 2874 nautical miles, and periapsis pas-
sage occurs at 280. 125 days from launch. The covariance matrix of guidance errors was
taken as the value at 279.00 days (range of 10, 436 nautical miles), transformed forward
to periapsis.

Table G-6 displays the E i matrix thus obtained from Run 2 for use here. Being a covari-
ance matrix, it should be symmetric; the minor deviations from symmetry result from
computational errors in the Guidance System Error Analysis Program. Standard devia-
tions of the errors at injection are the square roots of the diagonal elements of E :

1

_ = 2.5358618x 10 -7 A.U.

= 6. 3588280 x 10 -8 A.U.
T1

_ = 1.2802489x 10 -6 A.U.

= 24 stat. mi. = 21nm

= 5.9 stat. mi. = 5.1nm

= 119 stat. mi.=103 nm
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_i = 1.3952967 x 10 -6 A.U./hr = 190 feet/second

_ = 7.9416903 x 10 -8 A.U./hr = 10.8 feet/second

_i = 3.3607338 x 10 -7 A.U./hr = 46 feet/second

Table G-7 displays the Ep matrix obtained from equation (16) by using E i from Table G-8
and Ap A 1 from Table G-5. Standard deviations of errors in the orbit parameters (square
roots of diagonal elements of Ep) are thus:

= 1.8122104 x 10 -6 A.U. = 168 stat. miles
a

_T = 0.47550747 hours

cr = 2. 5358618 x 10 -7 A.U.
r

P -6
= 3.3845410 x 10 A.U. = 315 stat. miles

r
a

(r = 0.81463095 milli-radians
1

_ = 2.2809711 milli-radians

(r = 18.384552 milli-radians = 1.05 degrees
k)

= 23.6 stat. miles

Table H-8 shows the normalized Ep matrix. This was obtained from Ep thusly"

_E_ ij

[Ep norm] ij = _ EEp] ii [Ep] jj
(56)

It is interesting to compare the standard deviations of orbit-parameter errors with "non-

statistical" errors. Define (ep)max" and ..(ep)mi n as follows:

= 5ep (ei)j i(ep)max j_l b (ei)j
(57)

(ep)min = C°mbinati°n°f_ I_j ]the minimum value. (el) j which gives
(58)

Here ep refers to any component of the _e.pvector (the various orbit-parameter errors),
and the summation is to be taken over all components (ei)j of the _%ivector (the errors at

injection). The partial derivatives 5ep/5(ei) j are the elements of the Ap A 1 matrix, which

is given by Table G-5 for the Mars example. Assume that the errors (el) j are equal to
the standard deviations found from the E i matrix.

Results are shown in Table G-9. Note that, for all quantities except _, the standard de-

viation in the orbit-parameter error is very near to (ep)mi n. This occurs because of the

high correlations which exist between certain components of e_i, as may be seen by exam-
ination of the off-diagonal terms of E i as given in Table G-6. For instance, it appears
from the table that radial error e (4) and downtrack velocity error e (_) are highly cor-
related; in fact, a little calculation shows that Cov (4, _) = 0. 9961. That is to say, when
the injection point is too close to the planet, the forward component of velocity (which is
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TABLE G-9. COMPARISON OF STANDARD DEVIATIONS WITH
"NON-STATISTICAL" ERRORS

Orbit
Parameter (ep)max _p (ep)mi n

Semi-major axis, a 14.53 I. 812 i. 695 A.U. x 106

Period, T 3. 826 0. 4755 0.4447 hours

Periapsis radius, r 2. 536 2. 536 2. 536 A.U. x 107
P

28. 814 3. 385 3. 138 A.U. x106
Apoapsis radius, r a

Orbit inclination, i 1. 9850 0. 8146 0. 8001 milli-rad.

Line-of-nodes long., f, 2. 2878 2. 2810 0. 9171 milli-rad.

True anomaly of line- 88. 354 18. 385 17. 139 milli-rad.
of-nodes, ¢_

the principal component) will be too fast. _luation (19) shows that these two errors have

effects upon _ o which tend to cancel. Therefore, one expects the _'s to be near (ep)mi n.

Summary

The linearized orbiter error analysis relates statistics of errors at injection to statistics

of orbit-parameter errors, in accordance with equation (16):

Alt tEp = Ap A 1 E i Ap

Expressions have been derived for the elements of the transformation matrices A 1 and Ap,
as listed in Tables G-1 and G-2. If injection occurs near periapsis, the Ap matrix ele-
ments must be used in an approximate form shown in Table G-3. Other approximations
must be used if the orbit is nearly circular.

A numerical example has been given, with values listed for the elements of (Ap A1) for
both Venus and Mars. The covariance matrix of orbit-parameter errors E is given for

P
the Mars case.
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APPENDIX H. GRAVITY LOSSES INCURRED WHEN INJECTING INTO ORBIT ABOUT
MARS

It was found that the gravity losses incurred in injecting a spacecraft into a circular
(altitude = 1000 nautical mile) or ellit)ticai (perigee = 1000 nautical mile, apogee = 5000

nautical mile) orbit were negligible in the case of thrust to weight ratios greater than

one. That is, the gravity losses were less than one per cent of the needed velocity in-
crement. The gravity iosses for severalcases can be seen in Figures H-1 and H-2. For

thrust to weight ratios less than one the gravity losses tend to mount rapidlyo

In all the above, a gravity turn was employed to control the attitude of thrust vector° this

is not always practical, however, so several other modes were examined° A constant
pitch rate system and a constant thrust angle system were the choices due to their reia-

tive ease of implementation° Figure H-3 indicates the gravity losses in these two cases
are comparable with the gravity turn case and therefore also negligible for thrust to

weight ratio greater than one. No effor_ was made to optimize the choices of angular rates

or angle. The quantities used were chosen by examining the data from the gravity turn
case and taking average values. The theoretical optinmm, however, is the gravity turn
case.

Also in the previous examples, orbit was achieved at about the point of perigee on the

initial hyperbolic trajectory by starting lo thrust as the spacecraft approached the planet.

In the case of separating a Lander to precede the main spacecraft, the spacecraft's
engines may not be fired until the spacecraft reaches perigee. Analysis also indicates

in this case that the gravity losses are negligible.

Analysis of Gravity Losses

The gravity loss is represented by the difference in the needed velocity increment for the

impulsive velocity case and the finite thrust case. The finite thrust trajectory and the

impulsive trajectory are shown in Figure H-4. The finite thrust trajectory was found by
using the circular or elliptical orbit as the initial condition for the computer program

and putting in a negative time increment and negative exhaust velocity.

In the case of unpowered flight the total energy stays constant. The engine could be
started at any point on the backward trajectory, each point would correspond to a different

hyperbolic trajectory and velocity at infinity° The velocity at i_ffinity is computed as
follows :

where :

V_ = _/Vs2 r2P (1)
s

= gravitational mass constant for Mars

V
s

r
s

= velocity at point where engine was started

= radius from center of Mars at point where engine was started

'File fueI fraction is computed at the point where tile engine is started. Tile weight is in-

cluded in the trajectory data. The weight of the payload is held constant at W F. The
program adds the weight of the fuel needed as it moves backward along the trajectory.
From the fuel fraction the velocity increment was computed as follows:

AV : Isp go in (1 - Wp/W c) (2)
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where:

I = specific impulse
sp

go = gravitational acceleration on earth

W = propellant weight
P

W e = Wp + W F

The velocity increment in the impulsive case is then computed by computing the velocity
at the perigee of the hyperbolic trajectory for a velocity at infinity previously computed
by equation (1).

_V2+ 2UVp = rp (3)

The velocity increment needed to achieve orbit is just

AV I = Vp V ° (4)

where V is the velocity necessary to achieve the desired orbit.
O

In circular case

v o = (5)

In elliptical case for injection at perigee

V ° = _(2/r - l/a) (6)

a = length of semimajor axis.

The gravity loss is then just the difference between the velocity increment for the two
cases

AVGL = AV- AV I (7)

h V I will always be less then AV since the impulse case is the theoretical optimum case.
The gravity loss was plotted versus the velocity at infinity for several thrust to weight
ratios. See Figures H-5 and H-6. These curves were then used to plot the gravity loss
versus the thrust to weight ratio for various velocities at infinity.

Thrust Orientation

Throughout this analysis the thrust magnitude was held constant. However, several modes
of thrust vector orientation were used. In most cases a gravity turn was used since this
mode uses the least fuel because the thrust vector is aligned with the velocity vector so
all the thrust gives toward decreasing the velocity magnitude.

The next best mode was a constant pitch rate. Here the thrust and velocity vectors are
always nearly aligned but the thrust vector has components perpendicular to the velocity
vector and so does not tend to decrease the velocity.

The worst case is a constant angle mode. In this situation the component of the thrust
vector perpendicular to the velocity vector can be reasonably larger thus a larger
portion of the thrust does not aid in reducing the velocity vector.
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The constant angle and constant pitch rate used in the analysis were chosen by examining

a gravity turn trajectory and taking the average angle and angular rate. Even in this case

the gravity losses are small.
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APPENDIX I. VOYAGER PROPULSION SYSTEM INTER-RELATIONSHIPS

1o0 SUMMARY

This study summarizes investigations of certain aspects of the propulsion system for Voy-

agero The objectives of these studies were to provide foundations for the design selections

and specifications of the propulsion system and to assure compatibility with the vehicle
mission and with the guidance and control system° Aspects covered relate to the thrust

vectoring system, thrust sizing, propellant tanking and supply, propellant oscillation and

sloshing under both low gravity space environment and thrusting conditions, and the inter-
actions with the guidance system° Parametric data suitable for design purposes are pre-
sentedo

2°0 CONCLUSIONS

Some conclusions to be made are as follows:

An interface exists between the guidance and control system and the thrust vector

control and tan_ng systems°

Design selections of the TVC and tanking systems cannot be finalized until the

guidance control frequency is firmly established from attitude stability and path
accuracy considerations°

Propellant natural frequencies and dynamic and static unbalances must be com-

patible with the attitude stability and path error requirements°

Unbaffled tank natural frequencies are in the range of 4 to 12 rad/sec for the first

harmonic (fundamental) at 1 "g". By baffling, the frequency can be increased in-

versely as the square root of the baffling space.

Only the fundamental frequency is of major concern because of lower masses

disturbed at the higher harmonics.

With a guidance scheme providing path control through attitude measurements

only, the tanking mass unbalance causes a direct path error contribution and con-
sequently should be minimized through close tolerances on reactant ratio varia-

tions (but only through passive means, not direct ratio control)°

The TVC system selection is strongly influenced by requirements of frequency

response and vectoring amplitude°

If low TVC response of a gimbaled chamber is not compatible with guidance re-
quirements of control (above unbaffled tank frequency), weight penalties must be

paid for alternate faster responding TVC systems and/or adjustments of tank

frequencies by compartmentationo

The Voyager low L/D configuration with tanks offset from the centerline compli-

cates the control problems°

- Lower thrust levels are advantageous to minimize attitude control response.

Force and moment values from an oscillating propellant are functions of (1) the

ratio of control frequency-to-natural frequency, (2) the disturbance amplitude,
and (3) the acceleration field. However, for a fixed ratio value of thrust vector

side force-to-axial thrust, force and moment values are normalized to be inde-

pendent of the axial thrust ("g" level). This latter statement is true only for a
fixed frequency ratio; since the propeliant natural frequency is g-sensitive, then
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at a fixed control frequencyvalue,the higher "g" thrust valuesproducehigher
natural frequencies andhigher control-to-natural frequencyratios.

The off-center-line tank arrangementcancausevertical (parallel to thrust axis)
displacementamplitudescomparablein size to lateral displacementamplitudes
under thrusting° Force andmomentvalues for this vertical displacementmode
havenot beenanalyzed°

The combinationsof low resultant specific impulses andhightank weightsmake
bothsecondaryinjection andauxiliary nozzle TVC unattractive from a weight
standpointfor moderatelyhigh TV angle requirements° The high amplification
factors of secondaryinjection gasesare offset by high tank weightsassociated
with the low densitygases° Furthermore, complexities of hot gascontrol are
unattractive°

A constrainedbellows,or equivalent,is considerednecessaryfor propellant po-
sitioning until the beginningof final burn phase(at about3//4full).

3.0 THRUSTVECTORINGSTATIC REQUIREMENTS

Thevectoring requirements arise from a numberof sources° Thesesourcesmay be
groupedin two categories, (1) thos(...._'" ",,,ac,, _fect predominatelystatic requirements and
(2) thosewhich affectpredominately dynamicrequirements. This groupingis only relative,
since the "static" requirements are actually for quasi-steadyconditions of tt_etime vary-
ing vehicle parameters. Hence,by this grouping,the static sources include the construe-
tion andoperational tolerances for the various flight phases;andthe dynamicsources in-
clude the dynamicresponsesof coupledoscillating propellm_ts,structural vibrations,
course maneuveringandengineignition transients°

Factors influencingstatic requirements are definedin the following discussion° The ad-
ditional requirements for d_mamicconsiderationare discussedin section 6_0of this ap-
pendixo

Static requirements for the magnitudeof thethrust vectoring system are determinedby
the geometric configuration of the vehich_a._vmu,y,'""by *'¢,1_massm_"ihu*in,,,............. locations,
andunbalancesaboutreference thrust axes,by variations from thesenominals, andby
externaldisturbances_ Thevariations from nominal arise from thrust malalignments,
structural assemblytolerances, propellant tanking errors, and consumption of propellant
at off-ratios.

The Voyager config-uration has a uniquely small length to diameter ratio with tanks off-set

from the longitudinal axes_ As a consequence, the mass shift of propellants and structure

is of greater concern for the Voyager configuration than for conventional in-line tankage
arrangements which have longer LID and greater distance between vehicle center of mass

and point of thrust application.

Static vectoring requirements for one configmration of those studied for Mars 1969 are

shox_ql in Figure I-1. Vectoring magnitudes are shown for two flight conditions, one at

the beginning of orbit injection and other at the end of orbit injection. Requirements are
shown as a function of configuration bias and of propellant ratio error which results in an
unbalance of propellant weights. With perfect ratio control, a maximum bias error of 0°84

inches occurs du(_ to the coni'ig_aration's packaging arrangement. This config-uration bias
requires a 2.2 ° thrust vector angle (reference to an injector-end gimbal point). This null

thrust vector value c:m be reduced to a much lower value, through a more astute arrange-

ment of components by an iterative assembly layout procedure.

Next the temperature and pressure variation effects on propellant ratio are examined in
Figures I-2 mid I-3 mid summarized by Table I-2. It is shown that the density variations
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of the oxidizer andfuel are not matched° Thus, for an equaltemperature changein both
tanks, the percent changein reactant ratio is 0°028%per deg Fo If a temperature differ-
ential occurs, then the extremesoccur asshownin Figure I-2 . With a 20OFtemperature
differential, the ratio changeis 0°86%°This variation producesa massunbalanceand re-
quires 0°64degreethrust vectoring aboutthe null point°

Similarly the influenceof a differential pressurebetweentanks may be found° For ex-
ample, a 6 psia pressure variation for the 150psi pressure drop (tankto chamber)design
causesa 2%changein ratio andproducesa 1.2 degreevectoring requirement aboutnull.

4.0 POTENTIALTHRUSTVECTORING METHODS - ADVANTAGES AND

DISADVANTAGES

Within the industry, a large number of thrust vectoring methods have been studied and

utilized° Potential systems are categorized and discussed briefly below.

Gimbaling

This is the method which has held prominence for liquid propellant usage° Its primary

advantages are high performance (minimum impulse loss), availability of developed tech-

nology, vectoring development largely independent of engine flow characteristics, and no
unbalanced loadings (torques) on the chamber nozzle and skirt except for accelerations.

Disadvantages include high actuation torque and control power, necessity of flexible pro-

pellant lines, and actuator force feedback into the guidance control loopo A limitation for

the Voyager application may be speed of response too low for the guidance and attitude
control scheme and sensor implementation° Complexity and reliability of an actuator

power source for multiple restarts present further disadvantages°

Variations of the gimbaling method include gimbaled nozzles and rotatable chambers or
nozzles° Problems then include thrust balancing, cooling, sealing, and mechanical com-

plexity°

Mechanical Flow Diverters

This group is categorized by movable surfaces in the main nozzle jet° It includes vanes,

paddles, and jetavators located at the nozzle exhaust and mechanical spoilers located
nearer the throat. This group has also had wide usage.

Although the movable surfaces must transmit high forces, designs permit low actuation

torques and high speed of response relative to that obtainable with gimbaling. Disad-
vantages are drag losses, thermal and erosion problems, and additional structural sup-

port particularly as required for high expansion ratio nozzles. Drag loss values are indi-
cated by a jetavator design requiring 12 degrees surface rotation into the jet to accomplish

4 degrees vectoring and causing a 4% drag losso For the long duration burning and con-
tinuous nulling of anticipated propellant mass unbalance, the material life of flow diverters

is questionable.

Secondary Injection

This method has an analogy to mechanical flow diversion° A gas or liquid is injected into
the nozzle to divert the primary fluid° Lateral forces are produced by pressure differ-
entials on the nozzle walis and by momentum changes° Research and development pro-

grams have been conducted for numerous liquids and gases, inert and reactive. Applica-

tion now include 2nd stage Polaris, Lance Missile, and the solid Titan engines.
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5.0 WEIGHTLESSNESS EFFECTS

The behavior of propellants under very low gravity fields is of importance for predict-

ability of fluid location if the fluid is contained under free surface conditions° Predictable

location is essential for such considerations as propellant feed at engine start, attitude

control corrections of mass unbalance_ and heat transfer computations. Forces acting upon
a fluid in space environment include graviational forces between liquid mass and vehicle

structural mass, aerodynamic drag, forces from heat input, intermolecular capillary

forces, and vehicle control forces or mechanical disturbances°

Where the sum of the dynamic gravity field is very low and other forces are of even lesser

order, the stabilizing forces of surface tension are expected both to position the fluid in a
predictable location and to prevent fluid oscillations under low disturbances. Figure I-6
shows the acceleration values above which fluids will oscillate and below which no oscilla-

tion will occur for the Voyager spherical tanks and propellants. The boundary is defined

by unity Bond No. which equates surface tension and acceleration forces on the fluid mass.

However, this boundary is not an abrupt transition. As a consequence, predicted attitude
control forces are likely to be within the oscillation region.

By utilizing a baffle or series of baffles (capillary tubes) the fluid can be positioned regard-

less of baffle orientation relative to the acceleration field. Much work on such techniques
has been done in recent years and demonstrated in near zero "g" drop tests and by the Mer-

cury MA-7 experiment. In the latter, a partially filled 300 ml flask with centered capillary

tube was photographed under various "g" conditions of the Mercury flight.

The zero-g positioning techniques are regarded as still in experimental stage with inade-
quate definition of behavior of space environment° Thus, complete assurance cannot be

given of precise centering of mass within the tank or absence of oscillation of fluid par-

ticularly for nearly full tanks° For these reasons, it is concluded that the attitude control
requirement for the operational phases through midcourse correction will necessitate a

fixed location mass attainable only through the medium of a constrained bellows or equiva-
lent°

6°0 DYNAMIC COUPLING OF PROPELLANT OSCILLATION AND CONTROL SYSTEM

The oscillatory and sloshing modes of propellant under forced vibration are of concern for

potential coupling with the attitude control system° The Voyager control presents a par-
ticular concern in that a high response system is desired to prevent saturation of attitude

error sensors° Thus, the value of control frequency required may be above, rather than

below, the tank fundamental frequency°

Operation of a control frequency at resonance _Sth the lower harmonics must be avoided
as an essential° As a consequence, the parametric relationships of propellant frequency,

forces, moments, and masses are presented in Figures I-7 through 1-14. In that force
.and moment data are not attainable for the spherical tank, relationships are presented for

.an upright cylindrical tank vibrated in the transverse mode° The similarity of natural fre-
quencies over a major region of fullness is shown by Figure I-7.

The natural frequencies of the spherical tanks are shown in Figxlre I-8 as a function of
acceleration and of percentage filled. The frequency for each harmonic is a function of

the tank radius, fluid height to radius or percent fullness ratio, m_d dynamic acceleration
as shown by Figlares I-9 and 1-10.

The oscillating mass is a w_riable percentage of the total propellant As shown by Figure
1-11, the oscillating mass increases from about 25(_ for high values of height-to-radius

ratio to approach the totaI mass at near empty conditions° The percentage of osciilating

mass is markedly reduced for the higher harmonics such that the fundamental is generally
only of serious concern°
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Momentsandforces are shownin Figures 1-12 and 1-13 as functions of control frequency
ratio. Thevalue of force or momentmustbe computedfor the particular condition of exci-
tation. Abovea maximumamplitudefor eachfrequencyratio, the force will be limited by
the sloshingphenomenon°In sloshing, thecrest of the wavebreaksuponitself creating a
dampingaction. The slosh regions andoscillating regions are shownby Figure 1-14.

The datahavebeenpresentedfor disturbancesin a transverse mode° Actually, the tank
excursionsfor the Voyagerconfigurationhavelongitudinal components(parallel to vehicle
centerline) comparableto the transverse components. Thesedisplacements(resulting from
a step input of vector angle)are shownin Figure 1-15 and 1-16 with nomenclatureas de-
fined by Figure 1-17. Existenceis not knownof force andmomentdatafor longitudinal
excitation of the tanks (relative to the movingreferenceframe).

Within the abovelimitations of the mathematicalmodel (limitations of availability for both
modeof excitation andwall boundaries)successivelygreater interaction studies may be
conducted. Additional references are foundat the end of this Appendix.

TABLE I-l. MARS 1969 CONFIGURATION* ASSEMBLY CG BIAS AND NULL

THRUST VECTOR ANGLE REQUIREMENT

Null Gimbal

Event Assembly Bias Longitudinal Shift Angle

X (Distance
from logitu-
inal axis)

0

+0. 001

-0.396

Y (Distance from X/Y 0

Chamber) (Inch)

Before midcourse 40

After midcourse 41

After Landers 16.9

Ejected and nitorgen
trans.

After Orbit -0.84 21.7

Injection

*Early Study Configuration with 2.34 reactant ratio.

-0.023 - 1.3 °

-00387 -2.22 °
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Figure 1-18. Oscillating Fluid Amplitude at Wall as Function of Fluid Height Ratio

and Control to Natural Frequency Ratio
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TABLE 1-2. SUMMARYOF PROPELLANTSYSTEMVARIATIONS

Changein Ratio of oxidizer to fuel flow ratio dueto temperature change:

dRw 1
Rw 2 tdP°/ P°-I 1 (dPf/P fl dTf

dTo dTo - 2 \ dTf /

Residual or excess propellant resulting from off-nominal flow rate is:

dWo dRw dRw
- for < 0

Wo Rw W

dWf dRw

Wf Rw

dRw
for > 0

Rw

Change in Ratio due to tank pressure changes"

dRw dPTo dPTf

Rw 2 (PTo - Pc )

For N204: do o/ P o
dT

2 (PTf - Pc

- . 00086/oF or 0.086 %/oF

For 50% N2H 4 50% UDMH: dT
d#f/pf

- o00058/oF or 0. 058%/oF
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APPENDIX J. ANALOG COMPUTER SIMULATION OF THE EFFECTS
OF FUEL SLOSHING ON THE VOYAGER CONTROL LOOP

The block diagram of the control loop that was used is shown in Figure J-1. The control

loop was simulated and parameters adjusted until constants were found that resulted in a

minimum integral of spatial angle when recovering from a two degree C.G. offset. Half
full fuel tanks were assumed.

Three disturbances due to the fuel were introduced to the loop. These were:

1. The moment about the control axis due to fuel oscillations.

. The effect of the transverse force due to fuel oscillations as picked up by the accel-

erometer simulated in the control loop.

. The effective offset of the vehicle C.G. due to the rotation of the fuel in the spherical
tanks°

To obtain the force and moment due to fuel oscillation a pendulum analogy was used. See
item 4.9o 8 in Bibliography (Section 4.9).

2 2

112 s wM = -m 1 2 2 @

s -_w 1

2 2
s w 1

F = mll 1 2 2 @
s +w 1

where the lever arm is a function of engine angle.

11 : a cos @E + b sin e E

The natural frequency used was obtained from Item 7 of Paragraph 4.8. A damping factor

of . 02 was added to the pendulum analogy. This value of damping was derived from curves

in Item 6 of Paragraph 4.8.

The offset of vehicle C.G. as a function of engine angle was obtained in the following

manner. In the absence of a gravitational field it was assumed that the fuel will always

be forced against that part of the fuel tank which is opposite the direction of the engine
thrust vector. In Figure J-2, as the engine gimbals from position 1 to 1' the C.G. of
each half full fuel tank rotates about the center of the tanks from 2 to 2'. This causes the

vehicle C. G. to shift from 3 to 3'. The effective shift will be measured by the angle ¢.

When the engine thrust angle, @E, is zero, point 3 represents the C.G. of the entire
vehicle mass, My. Mv can be broken into two mass systems, Mv - 2 Mf, and 2 Mf, where

Mf represents the total mass of the fuel and oxidizer in the two half full tanks. 2 Mf is dis-
tributed so that half of it is at the center of mass of the fuel in the tanks (points 2) and the

other half is at (points 4) an equal distance on the opposite side of the original C.G. Point
3 now remains the C.G. of bothMf- 2 Mfandthe fuel system 2 Mf.

When the thrust angle is @E, the C.G. of each tank moves to _2'. This_ results in a shift of

the fuel system to point 3'2 Because Mf sJlifted a distance a x + b z, the center of the total
fuel system, 2 Mf, will shift 1/2 (a x + b z). Considering the weight of the fuel sy_stem and
total weight of the vehicle, the C.G. of the vehicle moved 2 Mf/Mv • 1/2 (a x + b z).
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The angle 0 can be determined:

tan

Mf
b

Mv

Mf
K+ -_-_ a

where b = 3/8Rsin 8 E

a = 3/8R (i- cos 8E)

For small angles:

Mf 1 3
= M-"_" Z 8 ReE

Computer traces are attached showing time history traces of various angles and rates with
and without the disturbances due to fuel oscillation (Figures J-3, J-4 and J-5).

An attempt was made to limit the rate of the engine. It was found that the engine could be
rate limited to seven degrees per second. Possibly this rate could be lowered if loop
parameters were chosen specifically to accommodate a rate limited engine.
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APPENDIX K. GRAVITATIONAL IMPULSE ESTIMATES FOR MARS 1969
AND VENUS 1970

An estimate of gravitational torque for a Mars 1969 mission was performed. The total
description of the orbit configuration available was periapsis altitude of 1000 nm and

apoapsis altitude of 5000 nm and inclination to the planet equatorial plane of -65 ° . It was
assumed that the orbit was initially established with the ascending node at 90 ° to the sun

line with periapsis in the planet equatorial. Rotation of the satellite orbit line of nodes

was ignored° As per the nomenclature of Reference 1.

e = °42

a = .29184 x 108 ft

= 24 °

i = -65 °

1016GM = .150 x ft3/sec 2
n

I = 1104 slug ft2
x

I = 1104 slug ft2
Y

I = 535 slug ft2
z

The values of the variables corresponding to the midpoints of fine 40 day intervals were:

a 1 = 79.6 ° a 2 = 58.8 ° 0, 3 = 38.0 ° _4 = 17.2 ° _5

"_1 15.2 ° ), = _aa 6 ° A : -76 0 ° _ . = -106.4 ° X_2 "_" 3 " _ o

@pl : 0 Op2 = 0 O : 0 S : 0 @P3 P4 P5

corresponding to J = 2.58 x 10 -3

= _3.6 °

= -136.8 °

= 0

= -.52°/day

O

X = -.76°/day

O
0 = 0

P

and an orbit period of 6.96 hours.

(1)

(2)

H = . 766 ft lb sec/orbit
x

H = 1. 389 ft lb sec/orbit
Y

H = . 631 ft lb see/orbit
z

H = . 868 ft lb see/orbit
x

H = 1o466 ft lb see/orbit
Y

H = .512 ft lb see/orbit
z

The computation resulted in
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(3) H = .872 ft ib see/orbit
x

H = I. 399 ft ib see/orbit
Y

H = .582 ftlb see/orbit
z

(4) H = I.068 ftIb see/orbit
x

H = o 824 ft lb sec/orbit
Y

H = . 265 ft lb sec/orbit
z

(5) H = . 658 ft lb sec/orbit
x

H = 1. 569 ft lb sec/orbit
Y

H = . 581 ft lb see/orbit
z

Since there are 3.5 orbits per day or 140 orbits in 40 days

HxT = 140 (4.232) = 592.48 ft Ibsec

H = 140 (6.647) = 930.58 ft ib sec
yT

HzT = 140 (2.571) = 359.94 ftIb sec

H T = 1883 ft ib sec

The next calculation was for Venus 1970. The orbit description given was periapsis alli-

tude of 1000 nm and apoapsis of 5000 nm. Itwas assumed that the inclination would be

144 °. Itwas further assumed that the orbit was initiallyestablished with the ascendin_

.......tnode at _u_ _ to the sun line with perapsis in _"_,,_ -' ........ _'_"_

e = .316

a .38456 x 108 ft

0

i = 144 °

1016GM = 1. 147 x ft3/sec2
v

Venus is assumed to have no flattening.

°1 : 2730 _'2 = 2090

X1 :: 0 ° X 2 = 0 °

0 0° 0 = 0°

Pl P2

5

x
3

P3

= 140 °

= 00

= 00

P4

)'4

P4

= 81 °

= 00

= 0O

C 5

5

P5

17 °

= 0°

0°

corres_)onding to J = 0

= -I. 6°/day

= 0

= 0
P
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and an orbit period of 3.86 hours. The computation resulted in

(1) H = 1.056 feet pound second/orbit
X

H = 2. 288 feet pound second/orbit
Y

H = 1.029 feet pound second/orbit
z

(2) H = 1.236 feet pound second/orbit
X

H = 1. 875 feet pound second/orbit
Y

H = 1.062 feet pound second/orbit
z

(3) H = 1.205 feet pound second/orbit
x

H = 1.908 feet pound second/orbit
Y

H = 1.070 feet pound second/orbit
z

(4) H = 1.059 feet pound second/orbit
x

H = 2. 266 feet pound second/orbit
Y

H = 1.033 feet pound second/orbit
z

(5) H = 1.296 feet pound second/orbit
x

H = 1.827 feet pound second/orbit
Y

H = 1.043 feet pound second/orbit
z

Since there are 6.22 orbits/day or 249 orbits in 40 days

HxT = 249 (5. 852) = 1457.1 feet pound second/orbit

H = 249 (10. 164) = 2530.1 feet pound second/orbit
yT

HzT = 249 (5. 237) = 1304.0 feet pound second/orbit

H T = 5291 feet pound second/orbit

For Mars 1969 it was requested that the orbit configuration be changed to periapsis altitude

of 1000 nm with apoapsis altitude of 19000 nm and inclination of -55 ° . It was assumed that
the orbit was initially established with the ascending node at 90 ° to the sun line with

periapsis 270 ° from the line of nodes.

e = .763

a = .71744 x 108 feet

= 24 °

i = 55 °

= 1016GM M .150 x feet3/second 2
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fil = 79.6 °

}'1 = 8"24°

0pl = 274.74 °

corresponding to

J = 2.58x 10 -3

ll 2 = 58.8 ° 123 = 38.0 °

k 2 =-24.7 ° }`3 = 41.2 °

0p2 =284.2 ° {}p3 = 293.7 °

_l 4 = 17.2 ° 125 = 356.4 °

)_4 = 57"6° }`5 = 74"1°

0p4= 303.2 ° 0p5 = 312.7 °

= 52°/day

_,= .412°/day

ep : .237°/day

and an orbit period of 42.8 hours. The computation resulted in

(1) H = .435 feet pound second
x

H = .903 feet pound second
Y

H = .494 feet pound second
z

(2) H = .559 feet pound second
x

H = .794 feet pound second
Y

H = .480 feet pound second
Z

(3) H = .593 feet pound second
x

z

Hy .882 feet pound second

H = .455 feet pound second
z

(4) H = . 574 feet pound second
x

H = 1. 014 feet pound second
Y

H = .440 feet pound second
z

(5) H = .634 feet pound second
x

H = 1. 044 feet pound second
Y

H = .355 feet pound second
z

Since there are ° 561 orbits/day or 22.4 orbits in 40 days

HxT

H
yT

HzT

H T

= 22.4 (2.795) = 62.608 feet pound second

= 22.4 (4.637) = 103.869 feet pound second

= 22.4 (2.224) = 49.818 feet pound second

= 216.3 feet pound second
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The assumptions 12o is 90 ° and epo is 270 ° are of necessity uncorrelated with reality.
For a given nominal trajectory with nearest approach of 1000 nm once the inclination is

fixed, 12o and 0po are determinable from the geometry. No such determination has been
attempted.

Reference for Appendix K

Reference 1. "Gravitational Torque History for an Attitude Controlled Satellite Vehicle
Stabilized to a Reference other than Planetocentric" P.D. Holthenrichs, GE-MSD Docu-
ment #9752-CSA-013.
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APPENDIX L. ESTIMATE OF MARTIAN ATMOSPHERIC EFFECTS ON SIGNALS FOR
TRACKING EARTH AFTER VOYAGER [ ANDING

Optical Properties of the Martian Atmosphere

The optical properties of the Martian Atmosphere are determined by its constituents and

their phases of state. There are but a few basic facts known about the Martian atmos-
phere, so that our present knowledge is inferred from these facts and the lack of evidence

to supply other definite information. Carbon dioxide has been detected in the atmosphere

but no other gas has been detected directly. On the other hand, the white polar caps
which appear seasonally are believed to be ice or frost and so the presence of some water

vapor is inferred. Attempts to measure atmospheric water vapor absorption have been
unsuccessful so that it is concluded that the water vapor present is below the measurable

level. By these means, there has evolved accepted characteristics of the atmosphere

which are stated here as compiled from some twelve references.

The clear atmosphere consists of 98. 5% nitrogen, 1.2% argon and 0.25% carbon dioxide.
This leaves 0.05% for unestimated constituents such as water vapor. Attempts to

measure absorption spectra of other possible gases, e.g., oxygen have been unsuccessful,

in large part, due to the fact that many of the lines to be sought lie in the ultraviolet

where the earth's own ultraviolet absorption makes measurement impossible.

The atmosphere is only occasionally "clear", there being blue clouds at high altitude, a

violet layer beneath their level, and yellow clouds close to the surface. Besides, white
clouds are seen in the vicinity of the polar ice caps. These cloud formations have the

generalized effect of decreasing ground visibility or obscuring it when they are suffi-
ciently dense. They are most highly absorptive in the blue wavelengths and least in the
red.

In attempting to visualize the problem of tracking the earth from the surface of Mars, it
should be realized that the Martian sky will appear deep blue. Most of the sun's light

that fails on the planetary surface will be weak in blue light so that the reflected sunlight

will be enhanced in red. Thus, the longer wavelengths of visible light viz. those greater
than 0.5 microns will have lesser attenuation. The values of physical albedo as a

function of wavelength are given in Table L-1 from a graph by G. Vaucouleurs. The
total albedo is usually given as 0.15. The scatter of yellow light is estimated at 5%.

It would seem then, that the limitations on tracking from the surface of Mars through the

clear atmosphere would be determined by the mild to severe scattering and the refractive
properties of nitrogen and carbon dioxide.

TABLE L-I. ALBEDO OF MARS

microns .40 .45 .50 .55 .60 .65

albedo .04 .07 .11 .13 .17 .20

To explore this latter point, the structure of the atmosphere must be at least roughly
determined. Because of the lesser gravity, the Martian atmosphere extends to higher

altitudes, but its surface pressure is much less than that of earth. Model atmospheres

by active investigators have large differences. One, G. Schilling, has indicated ex-
treme models. A worst case for optical paths would be one having the densest atmosphere.

The Graph of Figure L-I is an approximate plot of the data for that case. The density
profile for the earth is also shown on this graph for comparison.

The results differ but slightly from the NASA recommended model of G. Schilling de-
scribed in R-402-JPL report of August, 1962. In particular, the graph of Figure L-la
extends beyond 80 Km whereas the data in the reference just cited indicates zero density
at that altitude.
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An attempt was made to determine the scattering of the Martian atmosphere by a quick
calculation using the data ofFigure L-1 and a simplification of the composition to 95%

nitrogen and 5_c carix)n dioxide. The results were not compatible with the graphs given

by Coulson and Lotman in R62SD71. For this reason, a simpler estimate was made by

an alternate reduction of the basic data in that report (R62SD71). The results are given
in the graphs of Figure L-2. These show the estimated transmission through the Martian

atmosphere as a function of spectral wavelength, angle of elevation above the Martian

atmosphere, and detector spectral sensitivity. These curves were prepared by taking
the product at each wavelength of the earth's spectral flux by the spectral transmission

of the Martian atmosphere by the spectral response of the detector. The results for
normally received radiation were modified in accordance with the secant function for the

low elevation angle. Data is given for S-4 and S-20 photocathodes, 10 and 90 degrees

elevation, over the spectrum from 0.25 to 0.85 microns. Both spectral flux and detector

response were normalized to unity before multiplication. Areas under these curves are

indicative of the relative total energy available to a given detector due to its spectral
response, attenuation of the Martian atmosphere and elevation angle above the Martian

horizon. Table L-2 lists the pertinent relative areas. Due to the simplifying assump-
tions and the rough form of the basic data available, these results should be considered

only as a first approximation.

TABLE L-2. RELATIVE RESPONSE OF DETECTORS TO SIGNALS FOR TRACKING
EARTH FROM TIIE SURFACE OF MARS

Detector Angle of Relative Percent of Relative

Sensitive Elevation Response Spectrum Change in

Surface Used Magmitude

S-4 10 55.3(; 20.7% +. 64
S-4 90 76.0 _' 28.6% +. 30

S-20 10 79.2% 29.8(_}, +. 25
S-20 90 100(_ 37.5% 0

The 10(_ response points for a S-4 surface are 0.3 and 0.5 microns; for a S-20 surface,
0.3 and 0.75 microns. The simplified relationship used (secant law) is probably mis-

leading at angles below 10 degrees. Relative response is referred to the S-20 surface
with incoming radiation normal to the Martian surface. The percent of the spectrum

used is based on uniform spectral energy between 0.25 and 0.85 microns and included

the fact that incoming radiation is also a function of wavelength. The relative change in

stellar magnitude is simply the relative response translated into units of magnitude.

While the effects on earth visibility of atmospheric attenuation are small as a function of
elevation angle, the effects of clouds in the atmosphere will be much more severe.

Since white cloud cover occurs mostly at the Martian poles, attenuation by white clouds

can be avoided by locath_g the earth tracker close to the equator. The effects of yellow
clouds will be severe when yellow clouds _c(-ur. 'Fhe probability of yellow clouds is

not presently known, but it is known that they have persisted for days at a time. Thus,
there will probably be periods of several days when, due to atmospheric conditions

coupled with suitable viewing hours, that _arth tracking is not practical.

Sum mar y

Based upon the few quantitative nleasuretuents of tile constituents of tile Martian atmos-
phere and the failure to detect the level of presence of other constituents, the approximate

identity and structure of the Martian almost)here has been deduced. Using this atmosphere,
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the relative change in apparent magnitude of the earth as seen from the surface of Mars
is calculated for S-4 and S-20 photo-cathodes for angles of elevation of 10 and 90 degrees
over the spectral range of 0.25 to 0.85 microns. It is shown that the S-20 surface is
superior, using 37.5% of the available spectrum at 90° elevation compared to 28.6% for

the S-4 surface. Apparent magnitude of the earth increases but 0.25 magnitude at 10°
elevation.

While the effects on earth visibility of atmospheric attenuation will be small as a function
of elevation angle, the effects of clouds in the atmosphere will be much more severe.
Since the white-cloud cover occurs mostly in the polar areas, attenuation by white clouds
can be avoided by locating the earth tracker close to the equator. The effects of yellow
clouds will be severe whenever they occur. The probability of yellow clouds has not
been estimated but it is known that they have persisted for days at a time. Thus, there
will probably be periods of several days when, due to atmospheric conditions coupled
with suitable viewing hours, earth tracking is not practical.
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SECTION 5. PROPULSION

5.1 INTRODUCTION

The propulsion systems required for the Voyager mission are the Lander propulsion, the

Orbiter propulsion, and the attitude control propulsion. The study anaiyzed th, ,'equire-
ments for the three systems and selected basic system designs to meet these r.._quire -

ments. The Lander propulsion system selected is suitable for all missions with the

exception that the case must be off-loaded for the smaller Landers. The Orbite_ propul-
sion system is sized for the maximum mission with only tankage and propellant quantity

changes required between missions. The missions which require a small total impulse

are subject to a heavy propulsion system dry weight in order that a single design may be
used. If subsequent requirements dictate a heavier payload for these missions, con-

siderable weight can be eliminated by developing a secondsystem with a smaller thrust
level. The attitude control propulsion system can be used for all missions except for a

change in tankage capacity.

5.2 SUMMARY

5.2.1 ORBITER PROPULSION SUMMARY

Propulsion for in-transit adjustments and orbit insertion is provided by a single bipropel-

lant pressure-fed engine utilizing N204 as one propellant and 50% UDMH-50% N2H 4 as the
other propellant. The thrust chamber is ablative with a radiative skirt and produces 2200
pounds thrust at a chamber pressure of 100 psia and an area ratio of 100. It is sized to

produce sufficient impuIse for the Venus 1970mission, which is the maximum impulse
required for all missions. For this mission, the total burn time is eleven minutes_ Pro-

pellants are contained within spherical tanks, one for each propellant, and are pres-
surized to a regulated 200 psia with stored helium. Propellant expuision and propellant

Co G. shift are controlled through the in-transit adjustments and through a large portion
of the orbit injection burn by means of laterally constrained partial bellows in the pro-

pellant tanks. When these bellows are neariy extended, the pressurization is stopped

and reinstated directly on the liquid. Controls are redundant so that no single failure
except a structural failure or thrust chamber burnout will cause the mission to fail.

For the Mars 1969 & 1971 missions, an orbit adjust is possible by exhausting residual
helium gas through special nozzles.

Solids, hybrids, monopropellants, and bipropellants were considered for the Voyager
missions. Monopropellants were rejected on the basis of low impulse for developed

propellants. Hybrids were rejected on the basis of low development level with attendant

high risk. Solids appeared competitive from an overall payload capability standpoint and
superior from a reliability standpoint, but the complexity of on-pad off-loading (requirea

to maximize payload) and the low development status of restartable solids eliminated
soIids from further consideration.

A number of bi-propellant combinations were considered including high energy cryogenic

and non-cryogenic combinations. Cryogenics considered included combinations utilizing

flourine and OF 2. These high energy combinations showed non-propulsive payload increases
up to 25% for theVenus 1970 mission and correspendingly lesser advantages for the lower

,_V missions. These high energy systems were rejected, since it was determined that

the contemplated missions could be achieved with highly developed current earth storables.
In the event higherpayloads became a requirement, a very serious development risk in

going to higher energy propellants would be involved.

Of the current earth storable oxidizers and fuels, N204, MON, N2H4, MMH, UDMH, and
50% UDMH-50% N2H 4 were considered. Thermal analysis of the vehicie showed that it
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waspossible to adjust temperature within the liquidus rangeof all thesepropellants. The
N204/50-50combinationwaschosenon the basis of a high level of present and contemplated
near-future experience, since other considerationsappearedto be aboutequal to the
earth-storables.

Of the manythrust chambertypes, the radiative, ablative, and regenerativewere
seriously considered. The regenerative chamberhasanadvantageof considerable
developmentexperience, but in order to getsufficient cooling from the limited propellant
flow, a high chamberpressure (small chamberarea) thrust chamberwould be required.
This wouldnecessitatea pumpedsystem. Althoughother disadvantagesexist, this com-
plexity was theprime reasonfor rejection o; the regenerative system. The radiative
chamberappearedvery competitive with theablative chamber, since for this application,
a lower thrust couldbe utilized with a radiative chamber. This wouldgive an added
weightadvantageover the ablative chamberof lighter control components. Three dis-
advantagesof the radiative chamberwere consideredof major importance. First,
althoughburial of the chamberwasnota requirement, a radiation shield wouldbe re-
quired to protect the solar cells. This shield wouldprobably block somesolar cells.
Second,the radiative chamber is especiallysusceptibleto off-design injector operation
andattendant"hot spots". Althoughthe ablativechamber is also susceptible, it appears
to be soto a lesser degree, since circumferential andaxial heat flow, dueto thethick
ablative material, will help transfer heat to adjacentareas. Thus, partial pluggingof
an injector wouldprobably be catastrophic to a radiative chamberbefore it wouldbe to an
ablative chamber. Third, althoughthe developmentstatus of ablative chambers is low,
it is more advancedthan is the radiative chamber, andprojections indicate it will con-
tinue to havemore emphasisplaceduponit.

Primarily for thesestatedreasons, the ablativechamberwaschosenover the radiative
chamberat a considerableweightdisadvantage.

Thrust level from a weightstandpointoptimizedat a fairly low level. For the ablative
chamber, this wasapproximately750-1000pounds. From a chamberweight, momentof
inertia, thermal radiation to vehicle, controls weight,andpressurantsystemweight standpointa
low thrust is desirable; but belowabout750-1000pounds, gravity losses becomeexcessive.
Past experienceandprojected near-future experiencefor ablative thrust chamberswithin
this general rangegive little firing history above600-700seconds. To keepdevelopment
risk minimum, a thrust level of 2200pounds,correspondingto a run time of about650
seconds,was chosen. Considerablework hasbeendoneby Aerojet-General at this thrust
level, althougha chamber cannotbe consideredfully developed. The nearest projected
fully developedchamber is the LEM Descentchamber, projected at 3500poundsthrust,
burning the samepropellants as projected for Voyagerandalmost exactly coincidingwith
the total impulse required for the maximumimpulse mission. Useof this chamber, how-
ever,would entail an increase in total systemsweight of about40pounds.

Ona weight basis, there was little difference in propulsionsystem weight for chamber
pressures between100and 150psia. The increase in tankageandgasweight necessaryto
raise chamberpressure from 100psia to 150psia wasoffset by a decreasein thrust
chamberweight. Thelower chamberpressure of 100psia wasselectedprimarily on the
basis of industry experience. Further, lower heat transfer to the chamberwould result
thus, less overstressing wouldoccur in theeventof off-design injector operation.

The mixture ratio chosenwas I. 65. This selectionwassomewhatarbitrary, since the
actual maximum impulse ratio is dependentuponexperinmntal factors° Although the I. 65
allows a commontank size, experimentaldatamay showthat an increase in mixture
ratio is desirable from anoverall weight standpoint,and equaltanks cannotbeused.

Thrust chamberarea ratio is optimized in excessof 100from an overall vehicle payload
capability standpoint. However, at this ratio, increasing the ratio gives little additional
payloadadvantage. Although in accordancewith criteria establishedfor the program,
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there is nopackagelimitation, handlingandseparation complexity might be increased
with a large motor. Also, heat radiation to the vehicle will increase with a possible
blockageof solar cells with increasedradiation shielding. For a gimballedenginethe
additionalmomentof inertia of the motor couldincrease weight of the actuationsystem.
Therefore, expansionratio couldchangewhendetailed hardware designshavebeencom-
pleted andsomedevelopmenttests run. This changecould exceed40points.

Propellant pressurization systems whichwere consideredinclude the pumpedsystem, the
solid propellant chargepressurization, stored liquid systems, andstored gassystems.
A stored gassystem waschosenbasedonreliability, simplicity, and development
experience,but the solid propellant chargesystem hada considerableweightadvantage.
Considerationwasgivenfor heatingof theheliumpressurant; weight is savedandthe
risk of freezing the propellant is eliminated. Thepossibility of freezing occurring in the
Voyagervehicle is enhancedby the expulsionmechanismarrangementused. Weight
savedby heatingwouldbe i0 to 15poundson theMars1969mission andapproximately
twice this on theVenus1970mission. Disadvantagesof the heatedsystem are the added
complexity to the system, difficultyin maintaining acceptable temperatures, and the

addition of contaminants to the system ifheating is accomplished by a helium tank enclosed

solid propellant grain. The unheated system was selected, except that tank temperature

is raised back up to the highest transit value prior to firingfor orbit injection. Itisrecognized

that detailed heat transfer studies on the final design,and development testing may show

the necessity for adding additional heat to prevent propellant freezing, although this is not

considered likely. In this event heat would be added by close proximity of helium lines
to the thrust chamber.

A large number of devices were considered to provide positive expulsion of the propellant

and to prevent excessive C.G. shift due to propellant sloshing. Although a diversity of
opinion existed among propulsion companies as to the suitability of various mechanisms

for controlling C.G. shift, it was felt that the laterally constrained partial bellows pro-
vided the most conservative approach and would provide sufficient propellant control and

damping. The volume of the partial bellows in the extended position is approximately

half of the propellant tank volume. The bellows is cylindrical in shape, and has a diameter slightly
larger than the radius of the tank. It is constrained from moving laterally bv four rods

placed in the tank external to and parallel with the bellows. At the point in time shortly

before the bellows reaches its extended length, pressurization into the bellows is stopped,

and pressurant is fed directly on top of the propellants. This precludes higher stresses
being placed on the bellows and assures lOOC/_mechanism expulsion efficiency.

All controlls are redundant so that no single malfunction other than a structural failure or

thrust chamber burnout will cause a systems failure. In general, redundant circuits are
of different designs, so that failure mechanisms will not be identical and manufacturing

or handling errors affecting all pieces of a lot will not cause a double failure in identical

parts. One parallel set of propellant controls will be hermetically sealed off (dry) from
the rest of the system and will be operated only in the event of failure of the primary

controls, as indicated by chamber pressure. Propellant controls are linked to prevent
loss of propellant in the event of failure of a valve to open.

The selection of a thrust vector control system is an open item, although for consistency
and weight purpose, it is shown as a gimballed system. The gimballed system is much

preferred from the standpoint of propulsion system weight and development risk, but its

slow response time may not be compatible with system requirements. If secondary
injection were required for fast response time, additional development risk would be
incurred.

5.2.2 LANDER PROPULSION SUMMARY

The Lander engine is a spherical,case-bonded,solid propellant motor. The titanium case
is sized to provide sufficient impulse for the largest Landers. Smaller Landers will use

the same case off-loaded to provide the lesser total impulse. All components will be heat
sterilizable.
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The chamber has been sized based on a vacuum specific impulse of 230 seconds. This

conservative figure was based on the possibility of the necessity for using the lowest

performing propellant of the four candidate propellants considered. It is probable that a

higher impulse propellant can be used. A detailed discussion of the various propellants

considered is presented in the classified appendix.

5o 2.3 ATTITUDE CONTROL PROPULSION SUMMARY

The Voyager attitude control propulsion subsystem is a cold gas, gaseous-stored system.

The propellant is Freon-14 stored at 1700 psia and regulated to 50 psia. Thrust is pro-

vided by couples to impart pure rotational motion and to provide redundancy in a slightly
degraded mode. The nozzles, using an area ratio of 100, produce a thrust of 0. 047,

0.043, and 0. 066 pounds for motion about the roll, pitch and yaw axes. Redundancy is
achieved by using two separate systems to provide the couple halves and by using solenoid

valves and regulators in series. The total system weight is 82 pounds.

The other systems that were considered are cold gas, liquid-stored; cold gas, solid-
stored, hot gas; cap pistol; and electric propulsion.

From a weight standpoint the two systems that are decidedly better than the chosen

system are the cold gas, solid-stored system, and the cold gas, liquid-stored system.
The former has a weight advantage of 25 pounds, but the thermal control problems

readily outweighs this advantage. In addition, little work has been done on such a system,
and development risk would be high.

A cold gas, liquid-stored system was not chosen, since it could present an even greater
development risk, although it does represent a weight saving of 36 pounds. This system

also has the temperature control problem pIus a phase separation problem. These pro-
blems would reduce the reliability of the system to below that of the gaseous stored
system.

Hot gas systems, either liquid or gaseous stored, were rejected onthe basis that due to

the minimum impulse bit requirement the specific impulse would be exceptionally low.
This, in turn, would increase the system weight to where it had no advantage over the

chosen system° In addition, reliability is considerably decreased due to the necessity for
more control components and for a high temperature combustion chamber.

A solid encapsulated pulse engine, the "Cap Pistol" under development by Curtiss Wright,
was considered° This engine is not in a sufficient state of development to be chosen for
the Voyager mission without prohibitively high risk.

Electric propulsion systems have been rejected, since they present too great a develop-
ment risk for the early opportunities.

5.3 ORBITER PROPULSION

The system selected for the orbiter is shown schematically in Figure 5o 3-1. System

details and reasons for choosing this system over other candidate systems are given
in the succeeding sections°
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5.3o 1 SELECTED SYSTEM SUMMARY - MARS 1969

Propulsion System

Propellants

Oxidizer N204

Fuel 50_ N2H4J 50_ UDMH

Mixture Ratio 1.65

Instantaneous Specific Impulse (Seconds) 308

Total Delivered Impulse (Pound-Seconds) 638, 000

Residual Control (_) 3

Gross Weight (Pounds) 2489

Burnout Weight (Pounds) 417

Oxidizer Weight (Pounds) 1290

Fuel Weight (Pounds) 782

Thrust Chamber

Thrust (Pounds) 2200

Chamber Pressure (psia) 100

Firing Duration (Seconds) 290

Firing Duration Capability (Seconds) 646

Mixture Ratio (Wo/@f) I. 65

Area Ratio 100: I

Specific Impulse, Instantaneous (Seconds) 308

Specific Impulse (% Theoretical) 88

C* Efficiency {o_ of TheoretlcalShifting) 96

C F Eflicieney (_ of Theoretical Shiftillg) 92

Oxidizer Flow Rate (Pounds/Second) 4 45

Fuel Flow Rate (Pounds 'Second) 2.69

Pressurization System

Pressurant Helium

Initial Tank Pressure (psi) 3000 psi

Final Tank Pressure (psi) 300

Gas Temperature Prior to Final

Firing (OF) 170

Expansion Process Assumed Polytropic

Pressura.nt Weight (Pounds) 7o 2

Tank Safety Factor (Burst/Working

at 70OF) 2.0

Tank Material Titanium 6AL-4V

Propellant Feed System

Number Tanks 2

Type Expulsion Partial Bellows

Tank Shape Spherical

Tank Pressure (psi) 200

Design Safety Factor (Burst Pressure/

Working Pressure) > 2

Tank Material Titanium 6AL-4V

System Pressure Schedule

Pressurant Storage Pressure (psia) 3000-300

Propellant Tank Pressure (psia) 200

Chamber Pressure (psia) 100

/_ P, Propellant Lines, Filters,

Calibrating Orifices (psi) 15

P, Propellant Control Valves (psi) 20

P, Injector (psi) 65

SYSTEM WEIGHTS (Less Gimballing) 417.4

Pressurization System

Tank 68 4

Pressure Shell to Withstand

2 x Nom Pressure(20_leakage) 61.6

Mountings, Fittings, Welds,
Environmental Load Material 6o 8

Pressurization Systems Controls 18.1

Fill and Dump Valve, with Cap 0, 3(1)

Hegulators; 2 with Filters i0, 2(4)

Pressurizing Valves 6o 6(6)

Test Connector and Cap 0. 3(1)

Shut- off Valve 0. 7(1)

Brackets 2° O

Helium 7.2

Lines, Fittings 3_ 5

Propellant System

Tanks 100 6

Pressure Shell to Withstand

2 x Nomo Pressure 34.6(2)

Mountings, Fittings, Welds,

Environmental Load Material 30. 0

Bellows 36.0(2)

Plopellant System Controls 36 7

Check Valves 3.6(4)

Test Connector and Cap 0. 6(2)

Fill Vent and Cap 0o 3(I)

Relief Valves 6_ 0(4)

Level Detectors 3o 0(2)

Isolation Valves i. 0(2)

Solenoid Control Valves 2.0(4)

Propellant Control Valves

with Filters and Burst Discs 12. 5(4)

Pressure Switch 1.0(1)

Harness 3 5

Transducers 3.2(8)

Lines, Fittings 14.5

Brackets 5.0

Orbit Adjust System 4 2

Isolation Squib Valves 1 7(4)

Orbit Adjust Valves I, _',_,

Nozzles 0 4(3)

Lines, Fittings, Brackets 0_ 4

Thrust Chamber Assembly 95 0

Residual 62.2
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5.3o2 SYSTEM TYPE SELECTION

A bi-propellant system was selected for the Voyager mission in preference to a mono-
prepellant, hybrid, or solid system. A further discussion is included in the classified
appendix.

5o 3o 3 USE OF DUAL PURPOSE SYSTEM

Of the total impulse required for orbiter /_ V in the high impulse missions, all but about
10% is required for orbit injection° It has been determined (as discussed in detail in

Section 5o 3.5) that a system producing 3500 pounds thrust or less can meet the require-
ments of a cut-off accuracy of 5 feet per second and a minimum velocity increment of

10 feet per second° It would at first appear that there was no advantage to having a
separate smaller system for the 10% total impulse used for transit adjustments. With

the same propellants the total propellant weight would not be reduced, and the required

addition of extra control components would boost the total weight° From the standpoint
of reliability, however, there is a possible advantage to using a dual system, especially
insofar as degraded performance is concerned°

Failures can be segregated into off-time failures, on-time failures, and cycle failures

(this is discussed in further depth in Section 5.3.5) With two systems the total cycles
would be the same, so the probability of failures would be equal° On-time failures

would be essentially the same, increasing very slightly due to longer total on-time,
assuming the transit adjustment engine is a lower thrust. Off-time failures would be

doubled, since two systems would be used instead of one_ If the probability were high
that an acceptable trajectory could be obtained early in transit, the unreliability due to

the second system on-time would be diminished° Off-time unreliability of the orbit

injection system could be further decreased by sealing propellants from the control valves,
thus making it a "dry" system° Such a system might be competitive with a single system
depending upon the probability of acquiring an acceptable trajectory at an early time°
However, a redundant set of propellant valves stored dry in a single system would

achieve much the same effect plus the added feature of redundancy on the transit adjust-
ment phase. Another possibility of increasing reliability by use of two systems would

be in a case where the cycle failures of the thrust chamber were extremely high compared
to the overall reliability of the other components° For this case the transit adjust system
could be operated at a nmch lower mixture ratio to decrease cycle failures. Present

studies indicate that overall reliability of the other combined components is not high
compared to the thrust chamber; hence, such an arrangement would not contribute to
overall reliability.

On the basis of the foregoing a single propulsion system will be used° Redundant

propellant valves, stored dry, will be utilized to decrease off-time unreliability caused
by possible corrosion effects of the propellant°

5.3o 4 PROPELLANT SELECTION

The propellant selected for the Orbiter propulsion system is nitrogen tetroxide and a
blend of 50% hydrazine and 50% unsymetricaldimethylhydrazineo This selection is
discussed in the classified appendix°

5o 3o 5 SYSTEM DESIGN AND OPTIMIZATION

Selection of an optimum propulsion system involves the varying of pertinent parameters

and the selection of those values which give minimum vehicle weight, taking

into account the influence of constraints imposed by reliability, development risk, cost

and other considerations° Because of the interelationship between these operating

parameters and the required iterative method of solution, the calculations required

become very time consuming even when a computer is utilized° For this reason known
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constraints shouldbe imposedas early in theanalysis as possible_ In the following
analysespertinent parameters are exploredandthe constraints imposedutilized in the
succeedinganalyses.

Ao Pressurization System

Pressurization systems which can be actively considered for Voyager are pumped system,
solidpropellant cartridge(s) system, propellant injection pressurization system, stored
liquid pressurization system, and stored gas system° Other systems, including stored

solid (non-reactive), mechanically operated pistons/bellows, propellant vapor pressurized,

liquid gas-generators, and many combinations of the foregoing systems, were not actively
considered due to obvious problems or because of the similarity, but inferiority to others

studied. With the exception of the pumped system the weight of the pressure medium and of
the tank required to contain it will be almost directly proportional to the propellant tank

pressure chosen and to the propellant tank volume. Therefore, a comparison between the

systems can be drawn without having chosen the tank pressure or having sized the
propellant tank. This comparison is summarized in Table 5.3.5-i and is discussed in

detail in the following paragraphs° This comparison shows that all systems except the

stored gas pressurization system can be eliminated from further consideration.

TABLE 5.3.5-1. PRESSURIZATIGN SYSTEMS COMPARISON

Weight of

System
(Index)

Complexity
(Index)

Development
Experience
(Index)

Thermal

Problems

(Index)

Gas

C o mpat ibility
(Index)

Development
Risk

Pumped

System

Good

Poor

High

Good

Excellent

Moderate

Risk

Solid

Cartridge

Good

Good

High

Poor

Poor

High
Risk

Propellant

Injection

Good

Poor

Low

Poor

Poor

Very High
Risk

Stored

Liquid

Fair

Very Poor

Very Low

Poor

Good

Very High
Risk

Stored
Gas

Poor

Best

High

Good

Excellent

Very Low
Risk

(I) Pumped Pressurization System

The pumped system is unique among the systems considered, in that the weight of a medium

pressure system (600-800 psia) is little different from the weight of a low pressure
system (100-150 psia)o This is so since the difference in weight of the propellant needed

to run the turbine and its attendant tankage weight is small compared to the weight of the

turbine, its controls, and the pressurization system needed to supply a positive suction
head to the turbine inlet. This additional available pressure is of questionable value for

k
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radiation or ablatively cooledthrust chambers, since an increase in chamberpressure
will increaseheat transfer to the chamberwith a resultant increase in risk of catastrophic
hot spotsdeveloping° Conversely, a high chamberpressure is advantageousfor a re-
generativelycooledchamber, since for a giventhrust level the total heat rejected to the
chamberwalls by the combustiongases(whichmust beabsorbedby the coolant)decreases
as the chamberpressure increases (this is discussedfurther in ParagraphD ) There-
fore, a significant advantageof a pumpedsystem is that it allows usageof a regeneratively
cooledchamberwith little additionalweightpenalty°

Pumpedsystems, andespecially pumpedsystemswith regenerative chambers, havebeen
widely used; therefore, muchanalytical andempirical data, at least for short-term,
earth-boundenvironments, exists on them° Their prime advantage,that of weight, is
obtainedat the cost of increasedcomplexity. This is illustrated in the simplified
schematic, figure 5°3o5-1o A stored-gas pressurized system is shown, andthe
additional componentsneededfor a representativepumpsystem are superimposed
andshaded° It canbeseenthat no componentsneededfor the pressurized system have
beeneliminated, but manyadditional components,includingpumpsanddrive, havebeen
added°

Thrust level control, probably neededfor thepumpedsystem, is not shown° For a
given developmenteffort, therefore, reliability will beconsiderably lesso

Theweight advantageis not so great as mightat first appear, especially for systems
utilizing chamberpressures of approximately100psiao Propellant tanks must be
pressurized to at least the vapor pressure of the fluid plus the net positive suctionhead
required for the pumps° Theymust beof at least a minimum wall thickness for structural
and manufacturability considerations°

There are other disadvantagesto the pumpedsystem asidefrom the increased complexity.
Small, controlled impulse bits are difficult to achievedueto the complexstarting
transient° Mixture ratio cannotbecontrolled as accurately as with a pressurized
system, since the two pumpscannotbe matchedprecisely over their operating range°
Thepropellant residual will therefore begreater.

Basedon the foregoing, with primary emphasisondecreasedreliability for a given
developmenteffort, the pumpedsystem is rejected for the Voyager missions°

(2) Solid Propellant Cartridge(s) Pressurizing System

This is defined as a system wherein the cartridge is used as the prime gas source; not

where it is used as a heat source to raise the temperature of a cold gas. This system
is shown in a simplified schematic below:

SOLID

CARTRIDGE

GAS

GENERATOR I}
VALVE [_

OVERBOARD

JET

TO PROPELLANT TANKS
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Figure 5.3.5-I. Simplified Pumped System Schematic
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So-called "cool-burning" gas sources have been developed and are in wide usage on

"packaged" engines° The prime advantage of this system is weight; not only is the gas
stored compactly as a solid, but itis used at a relatively high temperature. An additional

advantage is that regulators are not requiredc

Disadvantages of this system are the inability to accurately control gas flow; the

relatively high temperature of the gas exposed to expulsion mechanisms and/or

propellant; the possible chemical effects of combustion products on the propellant where
expulsion mechanisms are not used; the effect of the hot, contaminated gas on controls
(if required); the necessity for a relief mechanism where thrust duration cannot be

accurately forecast; and the complexity required for nmlti-start applications

Since the Voyager is a multi-start application, it would appear that a start-stop solid

cartridge(s) would be required. This application is unique, however, in that only about
10% of the total impulse will be required for all maneuvers except the final burn (for

the high impulse missions). The propellant tanks could be made slightly oversize, the
void space pressurized with nitrogen prior to launch, and the earlier maneuvers made

with decaying nitrogen pressure. A 20% void space would result in less than a 25% drop

in thrust for the earlier maneuvers, and these drops in thrust would be predictable. A

dump valve could be actuated at the time of thrust termination dumping the gas through
anti-reaction jets° Conceivably, other controls could be eliminatedo The tanks could be

made slightly heavier to allow for off-nominal burning rate. A varying thrust level
would result, but this is permissible for the Voyager missions,

The most applicable trade-off factors that remain are the low weight and elimination of

regulators against the effects of high temperature exhaust products on the propellant

and expulsion devices. Although considerable experience exists with such pressurization

systems, most are for very short durations and for moderately high tank pressures°

Based on the foregoing, this system is a strong contender_, However, because of the
increased development risk involved with the hot gas, this system is rejected unless

subsequent studies indicate a critical systems weight problem exists.

(3) Propellant Injection Pressurization System

This system of pressurization is inherently complex, and very little development

experience exists. The advantage is storage of pressurant at high density and low
pressure. In this system hypergolic liquids are injected directly into the tanks where a
gas-producing reaction occurs. Although it is possible that a single fluid would be

suitable for both tanks, in general, two separate fluids are used, One type of such system
is shown in the schematic below.
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This systemhas a number of significant disadvantages° Positive expulsiondevices
which dependuponbarrier separationof thepropellant andthe pressurizing gascannot
beused. Extra tanks are required, as are extra controls. The combustiongases could
havecorrosive effects oncomponents. Gastemperature is high, comparedto other
systems, especially at the endof the run.

Somedevelopmentworkhasbeendoneonpropellantinjection systems. Aerojet-General
Corporation hasdonetesting with N204and50/50under Contract NumberNAS5-1108o
J. P.L. andThe Martin Companyhavedonesomework in this area. At the NASALiquid
PropulsionSystemsAdvancedResearchand TechnologyProgram Review, 27 May 1963,
it was reported that two Corporal vehicleshadbeenflight testedusing propellant
injection pressurization. Comparedto thestored gassystem, however, development
experienceis very low. Theassociatedhigh developmentrisk, therefore, eliminates
this systemfrom further consideration°

(4) Stored Liquid Pressurization System

Storing the pressurant as a liquid gives the joint advantages of high density storage and

relatively low pressure storage° The outstanding disadvantage is the necessity for

heat addition at high rates to change the phase of the pressuranto Also, molecular weight
has a very significant effect on system weight. A fluid with a molecular weight of

approximately 50 would weigh nearly as much as the combined tm_k and gas in a helium

stored gas system°

Stored liquid systems may be either unregulated or regulated, In the unregulated system,
shown below the pressurant is selected such that its vapor pressure at the stored

temperature is equal to a permissible propellant tank pressure°

VENT PORT FILL PORT

N] N]

LIQUID HEATER

PRESSURANT j

GAS PERMEABLE PLUG

TO PROPELLANT TANKS

The liquid must continually be stored at a temperature below the propellant tank and aii
associated controls and lines, or condensation outside the st_)rage tang: will take place

Heat must be fed into the liquid tal_ during propellant expulsion, and the pressurant

temperature controlled within limits compatit)le with tank pressures Electric heaters
would require amounts of power totally in,practical, and other heat sources (such as
thrust chamber bleed-off) would require hot gas control wdves.
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In the regulated systemthe liquid is selectedsuch that the vapor pressure at the stored
temperature is abovethe required propellant tank pressure (schematically shownat left,
below);or if lower, the liquid is in turn pressurized with anothergas (shownat right,
below).

VENT PORT FILL PORT

-_ REGULATOR

HEAT EXCHANGER

TO PROPELLANT TANKS

AUXIL-

IARY

PRESSURE

VEN_

PORT

NI

FILL DORT

()
g _ REGULATOR

FILL PORT

N

HEAT EXCHANGER
!

TO PROPELLANT TANKS

The liquid is fc-eed through a heat exchanger, normally utilizing thrust chamber heat°

Pressure is regulated to required propellant tank pressures, either before or 'after the

heat exchanger, by means of a pressure reducing device° Problems with this system
are, (1) the control of temperature of the heated gas, (2) availability of propellant and

systems compatible low molecular weight pressurant fluids with the desired vapor

pressure, or storage problems with cryogenic fluids, and (3) the necessity for a positive
expulsion device when pressurized by another gas.

Because of the many stated problems associated with the various liquid pressurization

systems, such systems are not considered further for the Voyager missions.

(5) Stored Gas System

This system is defined as one in which the pressurant is stored as a gas under pressure,
whether or not heated in the storage tank or after leaving the storage tank.

Under isothermal conditions for a given mission the pressurant weight would be directly
proportional to the molecular weight of the gas (neglecting c_m_pressibility), and the

pressurant tank weight would be the same regardless of the gas used° If it is assumed

that expansion in the tank is isentropic (conservative), that flow through the system is
pure throttling (realistic), and that no heat transfer takes place in the propellant tank
(conservative), the weight of the pressurant and of the tank will be influenced by the gas

properties° Under these assumed conditions weight comparisons for a given prope[laut
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tank volume can be made for the lowest molecular weight gases. For this comparison,
storage of 3000 psia and usage at 200 psia with initial gas temperature of 70°F is assumed.
Titanium tanks with safety factors of 2/1 for burst/working are also assumed.

WEIGHT FACTORS

(helium gas set at unity, for comparative purposes)

Hydrogen Helium
Gas Tank Total Gas Tank Total

Isothermal o 5 9.5 10o 0 1 9, 5 10o 5 7 9. 5 16, 5

Nitrogen
Gas Tank Total

Isentropic in tank,
throttling, no heat
transfer in propel-
lant tanks .7 13.5 14,2 1o7 16.0 17,7 10o0 13.5 23.5

It can be seen that if the process were isothermal a hydrogen system would be 5% lighter
than helium and a nitrogen system 57% heavier° If the process were isentropic in the
tank and there was no heat transfer in the propellant tanks, a hydrogen system would
be 20% lighter and a nitrogen system 27% heavier, The actual process will be in between
these two, but it can be seen from these extremes that nitrogen is a!ways appreciably
heavier and hydrogen somewhat lighter. Hydrogen could be used in the Voyager
configuration only for the fuel, and even there considerable development and safety
problems would exist° The choice of helium as the pressurant becomes obvious.

There are a number of distinct types of stored gas systems. The simplest type, the
blowdown system shown below, consists of gas stored under pressure in the same

container as,or in direct communication with,the propellant°

FILL

PORTS

The advantage of this system is its simplicity, and therefore reliability. The prime
disadvantages are weight and pressure drop in the injector° The propellant tanks must
be made strong enough to take the increased pressure° If the fluid itself is not
regulated, the thrust level varies as tank pressure drops and the A p across the injector
drops° Since there is no throttling, final gas temperature is less. This necessitates a
larger initial stored v_lume, with associated weight increase°

The most common stored gas system is the regulated stored gas system° In this system
the pressurant is stored at a higher pressure and is delivered to the propellant tank
either through a regulator or an orifice° A system using a regulator is shown below°
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FILL PORT

REGULATOR

TO PROPELLANT TANKS

Another system considered is the regulated-blowdown system, which is a combination

of the two previous systems. The component arrangement is exactly the same as that
used with a regulated stored gas system, but an insufficient supply of pressurant is

provided to expel all the propellant at normal tank pressure° Therefore, once
pressure has equalized between the pressurant tank and the propellant tanks, tank

pressure and therefore chamber pressure decays° The advantage of this system over

the pure blowdown system is that the propellant tanks need to be made only strong enough
to take the lower regulated pressure. It is difficult to compare this system with the

regulated system on a weight basis, since chamber pressure drops and the rest of the
system is effectedo It might appear at first inspection that if a lower chamber pressure

could be tolerated, the system would have been initially optimized at that point° Lower
chamber pressures result in slightly less specific impulse and considerably heavier
chambers. It is possible, however, that for a system where chamber pressure decays at
the end of a run, the weight saved on pressurant and pressurant tank will be more than

the increase in weight of the thrust chamber and propellant. Analysis shows that this is

the case for a Voyager system with an ablative chamber. The disadvantage of this system
is that as chamber pressure drops the system _V and injector _V drop a much larger

amount. This makes the system impractical, unless the injector is throttled, with the

associated great increase in complexity of injector and controls. For this reason the
regulated-blowdown system is not considered further.

A fourth type of stored gas system is the heated regulated stored gas system. This system

has two distinct advantages over the unheated regulated gas system. The weight of gas and

tank is less. The actual gas and tank weight saving varies with the system used. Weight
saving is maximum under conditions where heat transfer from the tanks to the gas would

be minimum if not heated, where storage pressures are high, and where the gas is heated
to high temperatures both in the pressurant tank and in the propellant tanks. Conditions
which contribute to low gas temperature are tanks with low specific heats, gases with high

molecular weight, short burning times, storage at high pressures, and operation under

zero gravity conditions. The second advantage of the heated system is that temperatures
can be raised to completely preclude all possibility of freezing of the propellant. The mass

of the propellant is large compared to the gas, and heat transfer within the propellant is

high compared with heat transfer between the gas and the propellant. This indicates that
the possibility of freezing would be remote. It is possible, however, that the propellant

film adhering to the wall could freeze, drop into the propellant, and clog a filter. However,
such a possibility is considered extremely remote.
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There are several types of heataddition arrangementsapplicable to the Voyager system.
Thefirst is heatingthe tank andgasprior to the start of the propulsion system firing.
This couldbedonewith low wattageheaters over a period of manyhours during low power
demandson the power sub-system. The amountof temperature rise which couldbe tolerated
wouldbe limited by the strengthof the tank. For the 1969mission the equilibrium temper-
ature of the tank is about175°F. This graduallydrops to a value of 70OFfor the final
system firing. The tank could, therefore, obviouslybeheatedbackup to 175°F prior to
the final firing. This wouldhavea significant effect on systemweight with little increase
in systemcomplexity. A potential disadvantageis that the tankwouldhaveto be insulated
andwouldnot haveheat transferred to it from the vehicle during the final firing. However,
this heattransfer is relatively low in avacuumfor the relatively short firing times contem-
platedso this disadvantageis not consideredsignificant.

Anotherheat addition methodis to route the highor low pressure tubing adjacentto the
thrust chamber. Theprimary disadvantageof this type system is that temperature is
difficult to control. If the lowpressuretubingis usedfor this purpose, the heat transfer
to the tubing is relatively constantduring therun, comparedto the increasing heat transfer
rate required; therefore, the gaswouldbe toohot at thebeginningof the run and/or too
cold at the end. If the high pressure tubingwere used the problemwouldbe slightly wors_
since heat transfer woulddecreaseas pressure decreased. Onearrangementis to have
a separatehigh pressure tankconnectedto the main tankthrough a control valve anda
heatingcoil. This wouldbea closed-loopcontrol system; a temperature sensor in the
main tank wouldsignal whentemperaturewasbelow limits, andthe control valve would
opensupplyinggasat very high temperaturewhich wouldmix with the gas in the main tank.
This system has the disadvantageof additionalactive controls andthe necessity for piping
very hot, high-pressure gas. This systemwithout the control valve couldalso beusedas an
open-loopsystemandwouldbe superior to theother open-loopsystems in that heat is added
directly into the tank. Another modification of the heat-exchangersystem which is somewhat
novel is to imbed theheating tube in the ablativematerial of anablative chamberor to adda
special ablative ring ona radiation cooledportion. Temperatureat the tubing would increase
as the run progressed, This wouldprovidesomeheat-transfer control with a passive system,
but the tubeposition within the ablative material wouldhaveto bechangedfor eachmission
time.

A third heat additonmethodis to fire a solid cartridge into the pressurant tank at some
point during the run in order to heat the pressurant. This system addsheatat the ideal
place, the tank, but has the disadvantageof additionalactive componentsandthe production
of particulate andother contaminantswhichcouldbedetrimental to the control components
andmight causedecompositionof the residual propellants during the orbit lifetime.

A fourth heataddition methodis to adda heatexchangerwithin the propellant tank and
transfer heat to the pressurant from the propellants. Theprimary disadvantageof this
system is the possibility of freezing the propellantandcloggingvalves or filters. A
modification of this methodis a separatelycontainedheatexchangerwherethe heatof
fusion of a substancesuchaswater is usedto provide heat to the gas. In practice this heat
exchangercouldbe simply a concentric light-wall tubearoundthe pressurant tubewith the
substancecontainedbetweenthe tubes. This arrangementcouldresult in someweight
savingsdependinguponthe efficiency of theheatexchangerandthe amountof pre-heating
appliedto the heat source substance.

Basedon complexity and other disadvantagesas noted, the heated, regulated, stored-gas
systems are eliminated from further consideration, except for the heatingof the tank prior
to firing. If it is subsequentlyshownthat additionalpayloadweight is needed,a heated
system could beutilized with only a small amountof additionaldevelopmentrisk.

(6) SelectedSystem

On the basis of elimination the system chosen is the stored gas system with tank heated

prior to firing. A summary comparison is given in Table 5.3.5-1. Weights for the chosen
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systemfor Mars 1969are givenbelowusingthree different assumedconditions. Thefirst
conditionassumesnoheat transfer from thehelium tank, throttling throughthe regulator,
andnoheattransfer in the propellant tank. The secondcondition assumesvery conservative
polytropic expansionwith someheat transfer in the propellant tanks. Thethird assumes
completeisothermal conditions. All assumea leakagefactor of 20%,a safety factor of
2.0, andtank weightsconsistentwith actualqualified hardwareweights.

(1) Isentropic in tank,
throttling, noheat
transfer in propellant
tank.

Gas Weight Tank Weight Total Weight

8.5 80. 8 89.3

(2) Polytropic, heat transfer
in propellant tank

(3) Isothermal

7.2 68.4 75.6

5.05 47.8 52.8

The process assumed for the Voyager configuration is the second one shown. As noted
before, the heat transfer assumed is believed to be conservative.

B. Thrust Level Selection

Thrust chambers may be broadly classified into two categories: those that are life limited
due to material being expended during operation, and those that have essentially unlimited

life. The ablative chamber is an example of the former category and the radiative chamber
an example of the latter. For purposes of thrust level selection these two chambers may,

in most instances, be considered representative of the two categories.

(1) Effec t of Thrust Level on Firing Duration

For a given total impulse firing duration is essentially inversely proportional to the

thrust. This is not completely true, due to changes in specific impulse as noted later in
this section. However, this change is not critical insofar as it effects firing
time and is not noted in the thrust/firing duration curve shown in figure

5.3.5-2. Of particular significance, however, is the effect that long firing
duration has on an ablative cooled chamber. It is generally accepted that charring in an
ablative chamber is proportional to the square root of time, or nearly so, at least for

the early portion of the burn time. That is, for a given chamber with constant combustion
conditions char depth = a constant x elapsed time 0. 5. This is inherent in the ablative

cooling mechanism. As the char/virgin-material interface moves back radially from the

combustion zone the increasing thickness of charred material serves as an insulation and
causes a temperature rise of the charred material at the gas side. Since the temperature

difference between the material and the gas is reduced, heat transfer to the ablative
material is reduced. Since the charring temperature is constant for a given material,

charring rate drops. This trend continues until the surface temperature reaches the
point where the charred material at the surface melts and flows. Actually, the material

may be heated considerably above its melting point before it is expelled from the chamber.

This melting or "glassing" has two detrimental effects. First, the flow of the gases

given off by the charring may be restricted, thus reducing somewhat the cooling in that
area. Second, if "glassing" occurs at the throat the throat area will be increased,

thus reducing the area ratio with an accompanying loss in performance. If a throat

insert is used to prevent this area increase, temperature of the insert may become
excessive or the mechanical bond between the insert and the ablative material may fail

as the insulating effect of the charred material continues to raise temperatures at the

surface. The practical limit for run duration is very dependent upon the materials,

configuration, injector design, and other factors and can be determined with assurance
only by experimentation. A long burning chamber is inherently less reliable, since the
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higher temperature surface is more susceptible to failures due to off-design conditions

in the thrust chamber itself and, even more important, to high temperature or oxidizer-
rich regions in the combustion chamber due to partial plugging or other off-design

conditions in the injector. There is little ablative experience at present, or projected
for the immediate future, for chambers in the 500-10, 000 pound thrust class operating

much in excess of ten to eleven minutes. In order to keep the development risk within

acceptable values, firing duration should not exceed this time. Propulsion contractors
almost universally concur.

Non-expendable chambers, by definition, are not limited in firing duration, and the
thrust level should be set based on other considerations. The regeneratively-cooled

chamber is generally considered completely non-expendable within the time reference
of missile and spacecraft firing durations.

The radiative thrust chamber is also generally considered non-expendable, but experience
has shown that in actual use a chamber may burn out after having performed successfully

as high as 100 minutes, with no apparent change in interface conditions° There are a

number of possible reasons for this occurrence. The external emissivity may change due

to sublimation of the outer coating or of the parent metal, or to oxidation or other chemical
reaction on the surface. Internal oxidation protective coatings may change due to flaking

or to chemical effects of propellant gases at high temperatures. They may change due to

sublimation caused by the high temperature, since buildup of partial pressure of the coating
substance is made difficult due to continued loss out the nozzle. The base material may

become oxidized from admittance of an oxidizing gas through microscopic discontinuities

in the coating. It is doubtful that a firing duration in excess of 40 minutes would be

desired for the maximum Voyager mission, due to other considerations. Within this
time reference a radiative chamber could be considered non-expendable.

(2) Effect of Thrust Level on Gravity Loss

Gravity losses are dependent upon the hyperbolic excess velocity, the orbit selected,

the angle of thrust with respect to the vehicle velocity vector, the point in the trajectory

at which firing is begun, the firing duration, and the planet being orbited_ For the Mars
1969 and Venus 1970 missions gravity losses, as measured in feet per second, would
be within the shaded portion of Figure 5.3.5-3.

For the 2,200 pounds thrust equivalent to about 10 to 11 minutes firing duration as noted
in figure 5.3.5-2, for an ablative chamber, the extra propellant carried to offset this

loss would be approximately 2 pounds. For the radiative and regenerative chambers,
where thrust can be reduced to save chamber weight and heat flux to the vehicle, the

thrust could be reduced to as low as 750 pounds and still have a gravity loss equivalent

to only approximately 10 pounds. As thrusts are reduced much below this value,

however, gravity losses become quite pronounced.

(3) Effect of Thrust Level on Specific Impulse

It has generally been assumed in the past that thrust level (for a given chamber

pressure) had little effect on specific impulse within a broad thrust range such as
between 500 and 3500 pounds. Some small difference could be predicted in gas

viscosity losses and losses due to heat transfer to the chamber walls, but these
differences would be very small. It is probable, however, that in changing from one

thrust level to another the optimum chamber pressure would not remain constant but

would change slightly. This changing chamber pressure would have an additional effect,

also small, on the specific pulse.
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Recently, it has been determined that at low chamber pressures recombination in the

nozzle does not occur to the extent heretofore expected (see section 5.3.5, paragraph
G, for detailed discussion). This represents a kinetic "loss" which reduces the

specific impulse. This recombination changes with, among other things, the stay time

in the chamber for a given density_ The higher the thrust for a given chamber pressure
and configuration the longer the stay time and the less the kinetic loss. Insufficient

empirical data are availabel to determine a quantitive value for this difference, but
there are some indications that it might be very significant. The theorectical difference

in specific impulse between shifting equilibrium and frozen composition for the pro-
pellants selected is 29 seconds (at a chamber pressure of 100 psia and an expansion

ratio of 100). A change in thrust level from 500 pounds to 3500 pounds could conceivably
c,_use a considerable shift within this 29 second band.

(4) Effect of Thrust Level on Vehicle Minimum &V and Cutoff Accuracy

Larger thrust level chambers have larger cutoff inaccuracies out of proportion to the

thrust level. The flow rates are proportional to the thrust, so the amount of propellant
flowing between signal and valve closure is increased proportionally. The valves are

larger, and the increased inertia causes longer closure time for valves normally

utilized in this application A larger downstream volume will produce a larger tail-off

impulse. For a 2,000 pound thrust chamber the total impulse after shut-off signal
has been measured to be below 200 pound-seconds. Repeatability was measured to be
within 10 pound-seconds, which is less than 0.1 feet per second for the Mars 1969

Orbiter. This does not even approach the 5 feet per second determined by systems

analysis to be an acceptable figure. Within the frame of reference of the Voyager
mission, then, thrust level has no effect on cutoff accuracy. If it is assumed that the

total impulse can be kept down to twice the value of the impulse after shut-off signal,

a conservative assumption, then the total impulse could be limited to 400 pound-seconds
for a 2000 pound thrust chamber. This is equivalent to about three feet per second.
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The smallest _V required, as determined by system analysis, is 10 feet per second°

Again, within the frame of reference of the Voyager mission, thrust can be assumed
to have no effect on vehicle minimum t_Vo

(5) Effect of Thrust Level on Pressurant System Weight

The amount of heat transferred from the vehicle to the tanks and from the tanks and

propellant to the gas increases as thrust is decreased, since the time available for

heat transfer to occur is increased. As thrust approaches infinity heat transfer

approaches zero, and the pressurant system weight is maximum. As thrust approaches

zero the process approaches an isothermal one, and the pressurant system weight is
minimum. As noted in section 5.3.5 the actual amount of heat transferred is difficult

to predict within broad limits, and testing must be depended upon to get final design
data. Firing times representative of thrusts of 500 pounds and 3500 pounds for the

Venus 1970 mission could have some effect on the pressurant system weight, but this
difference would probably not exceed 15 pounds.

(6) Effect of Thrust Level on Chamber Length

With the present Voyager configuration much of the length of the thrust chamber is

external to the spacecraft. In accordance with the ground rules of the study interstage
structure weight is not to be considered; therefore, a high thrust level chamber would

impose no weight penalty other than the increase in the propulsion system weight. In

actuality, a chamber protruding from the spacecraft may impose an interstage
weight penalty. Fi_ure 5o 3.5-4 gives chamber length for varying thrust levels and

can be used as an indication of additional interstage length required for increasing
thrust levels.

(7) Effect of Thrust Level on Hardware Weight

For a given total impulse, a given expansion ratio, and a given chamber pressure,

thrust chamber weight wili increase as thrust level increases. Theoretically, however,
for an optimum weight system, the expansion ratio and chamber pressure would not

remain constant as thrust ievel was increased. From a practical standpoint chamber

pressure is set by factors other than weight for both ablative and radiative chambers,
and the change in optimum expansion ratio has little effect on overall system weight.
Weights for radiative chambers and for ablative chambers with radiative skirt are

shown in figures 5.3.5-5 and 5.3.5-6.

Pressurant gas controls, propellant controls, and line weights are also somewhat

dependent upon thrust level. This difference would be about 15 pounds between thrusts
of 3500 pounds and 500 pounds.

(8) Effect of Thrust Level on Heat Flux to Vehicle

Higher thrust level chambers present a larger high temperature area to the vehicle,
with a resultant higher heat transfer to the vehicle. Radiation from the exhaust plume
will also have an effect, but this is small compared to the chamber radiation. The

area is directly proportional to the thrust; but since the view factor changes, the total
heat input to the vehicle is not directly proportional. The heat transfer calculations are

quite complex, and only a representative case was calculated. These calculations and

work done on radiative chamber programs indicated that for the Voyager configuration
selected, with the thrust chamber mounted partially or wholly external, radiative skirt

chambers up to 3500 pounds thrust and radiative chambers up to 750 pounds thrust

can be used with a relatively small heat shielding weight penalty°
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(9) Effect of Thrust Level on System Reliability

Section 5.3.5, discussed the effects of long burn times on thrust chamber "wearout"o

Apart from this it can be shown statistically that longer firing times have a greater
probability of failure than shorter firing times. Failures can be classified into three

broad categories: a) off-time failures, which are failures during non-operating periods
(such as leakage) or failures caused during non-operating times regardless of when

they manifest themselves (such as corrosion of controls); b) on-time failures, which
are failures caused by firing, regardless of when they manifest themselves (such as

failure of a regulator due to wearout or loosening of a connection due to vibration

which causes subsequent leakage of the system); and c) cycle failures, which are failures

due to starting and stopping the system (such as failure of a valve to open when called

upon, or failure to close when called upon)° It is conceivable that design changes
necessary to change the firing time could have an effect on off-time and cycle failures;

but except for this possibility, long firing times will always be less reliable than

short firing times due to the increased on-time failures. However, if the off-time and

cycle failures are very large compared to the on-time failures, the overall reliability
is effected very little° It is felt that such is the case for bipropellant systems, with

the exception of the thrust chamber mentioned previously.

(10) Thrust Level Selection

Table 5.3.5-2 summarizes the relative advantages of low and high thrust for ablative

or ablative/radiative skirt chambers. It can be seen that low thrust, approximately

TABLE 5.3.5-2. THRUST LEVEL COMPARISON , ABLATIVE CHAMBER

OF ABLATIVE/RADIATIVE SKIRT CHAMBER

FACTOR LOW THRUST ADVANTAGE HIGH THRUST ADVANTAGE

Firing Duration

Gravity Loss

Specific Impulse

Minimum _V and

Cutoff Accuracy

Pressurant System

Weight

Chamber Length

Hardware Weight

Heat Flux

Reliability

Higher thrust allows short

firing time with more

l_redietable ablating process.

Present experience equiv-

alent to about 2200 pound

thrust for '70 Venus mission.

Gravity loss negligible above 750 pounds thrust.

Longer stay time in chamber
may have a very pronounced
effect in reducing kinetic
losses.

No effect within thrust range considered.

Maximum heat transfer to

gas, thus n_inimum gas

weight.

Minimun] interstage struc-
ture weight.

Minimum weight. Very sig-

nificant eilect.

Heat flux millinmm. Ap-

proximately proportional
to thrust.

Insignificant difference, except for thrust chamber as noted above.
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750 pounds, is desirable from all standpoints except for the reduction of kinetic

losses, and the more predictable performance obtained by operating within the time limits

established by current and projected firing times. This time limit establishes the

lower limit of thrust at 2200 pounds. At this thrust level, with an ablative chamber,
the weight penalty imposed by going to higher thrust levels would more than off-set
the performance gain in the reduction of kinetic losses. If a separate chamber were

developed for the 1969 Mars mission and the firing time kept the same, thrust could
be reduced to 1000 pounds with a weight savings in the chamber and controls of

37 pounds and possible additional savings in heat shield, pressurant tank, and

interstage structure. At this thrust level an increase in thrust level could conceivably
gain more in reducing the kinetic losses than would be lost by the increase in weight,
but this is probably not true. Much data is being generated on current programs
relative to kinetic losses. This will allow a much more accurate tradeoff between
kinetic losses and other parameters.

Table 5.3.5-3 summarizes the relative advantages of high and low thrust for radiative
chambers. This shows that about 400 pounds would be the minimum thrust to avoid
possible life problems but that below 75() pounds gravity losses are encountered. In

order to minimize heat flux the lowest thrust level would be desirable. The effect of

reduction of kinetic losses could not be expected to offset additional chamber weight by
increasing thrust; therefore, a thrust level of 750 pounds would be a reasonable value for
a candidate radiative chamber.

TABLE 5.3.5-3. THRUST LEVEL COMPARISON RADIATIVE CHAMBER

FACTOR LOW THRUST ADVANTAGES HIGH THRUST ADVANTAGES

Firing Duration

Gravity Loss

Specific Impulse

Minimum _V and

Cutoff Accuracy

Pressurant System
Weight

Chamber Length

Hardware Weight

Heat Flux

Reliability

Extremely low thrust would result in firing time in excess of

present experience. One hour firing time is reasonable. This
is equivalent to approximately 400 pounds thrust for Venus 1970.

Gravity loss negligible above 750 pounds thrust.

Longer stay time in chamber

may have a very pronounced
effect in reducing kinetic losses.

No effect within thrust range considered.

Maximum heat transfer to gas,
thus minimum gas weight.

Minimum interstage structure

weight.

Mininmm weight.

Heat flux minimum

Insignificant difference, except for thrust chamber as noted

above. I

C. Chamber Type

Thrust chambers are normally typed according to the means used to control or reject the
heat transferred to the chamber walls. In practice, a combination of two or more meth-

ods are often used, with one method having the predominating influence. Types in gener-

al use, or which show considerable promise for specific applications, are regeneratively

cooled, heat sink, film cooled, transpiration cooled, radiation cooled, and ablatively
cooled.
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(1) Regeneratively Cooled Chambers

In the regenerative system, one or both of the propellants are circulated around the cham-

ber walls to remove the heat transferred from the combustion gases. This adds to the

energy content of the propellants and produces a slight increase in the exhaust velocity.
This type of chamber has the maximum development and operational experience.

The amount of heat which can be absorbed by the propellant is directly proportional to the

flow rate, and thus to the thrust level. For a given thrust level, the heat input is propor-

tional to the heat transfer rate and the wall area. As chamber pressure is decreased, the
heat transfer rate decreases, but the wall area increases at a much faster rate. Thus, at
some chamber pressure the heat transferred to the wall exceeds the amount which can be

absorbed by the propellant, resulting in boiling in the injector with loss of combustion con-

trol and ratio control, and_ subsequently, burnout of the chamber wall. A cursory analy-
sis was performed by one of the supporting propulsion companies to determine the mini-

mum allowable chamber pressure for various thrust levels. The analysis was based upon

an integrated Bartz equation over the regeneratively cooled portion of the engine, assumed
to be to an expansion ratio of 10:1. An overall heat flux, 9 Btu/sec, was thus obtained and
compared to the fuel (50-50) cooling capacity, Qmax = w Cp (TSA T- Tin); PJAC = 1.5 Pc.

where:

TSA T = Saturation temperature at jacket pressure

Tin = Inlet temperature of propellant

PJAC = Jacket pressure

If Q/Qmax is greater than one, then regenerative cooling is not feasible.

Bartz' gas film coefficient can be approximated by

h
g 0.026 t/*0"2Ct_Pcg_0"8 _Dt _0"1 @._)0"9

=(Dt ,0"2 pv-- 6/\--O-_/ \re/

where

D t = dia of throat

= gas viscosity

C
P

= gas heat capacity

P = Prandtl no.
v

P
C

= chamber pressure

A = area of interest
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where
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= recovery temperature
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Considering the conventional chamber shown below
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andtherefore Q/Q max

C4

FO. 1p 0.1
C

Q/Qmax was calculated for a number of chamber pressures at varying thrust levels, as-

suming coolant inlet temperatures of 70°F and 150 °F. The results are shown in Figure
5.3.5-7. Extrapolation indicates that even with a thrust level of a relatively high 2200

pounds, a chamber pressure below approximately 300 psi would not be feasible. Cooling
with both propellants would help some, although the oxidizer heat capacity is only about

one-half that of the fuel, and the allowable temperature rise is only about one-half. These

calculations are based on an homogeneous combustion gas, when in practice, injectors are
usually designed to provide a cooler gas at the wall. Addition of gas-side oxide coatings

also reduce the heat transfer, but these coatings to the present time have not been very re-
liable insofar as resistance to flaking is concerned. These factors would have the effect of

lowering the allowable chamber pressure. Another propulsion company considers that

chamber pressures as low as about 180 psia are feasible for a 2200 pound thrust chamber.

Rejecting pumped systems, as discussed in section 3, this increase in chamber pressure
would increase pressurant and propellant tankage weight by about 125_o for the 300 psi

chamber pressure and about 50% for the 180 psi chamber. This would result in a weight
increase in tankage of about 80_o, even with the most optimistic assumption. From this

standpoint alone, the regenerative chamber cannot compete on a weight basis.

Another disadvantage of the regenerative chamber is its sensitivity to off-design heat-
transfer conditions. Since the wall is relatively thin, there is little lateral heat transfer.

Conditions within the liquid side which effect flow in one area, or conditions within the

chamber itself which cause high temperature zones, can cause burnouts more readily than
in an ablatively cooled chamber.

Propellant trapped in the cooling passages at shutdown will boil. For the Voyager mission,

the time between starts will be relatively long, allowing time for the vapors to reeondense.
There is some possibility of autoignition of the vapors, but this is not considered to be a
major problem°

For the reasons mentioned above, primarily the weight penalty required to avoid using a
complicated pumped system, the regeneratively cooled system can be rejected.

(2) Heat Sink Chambers

In a heat sink chamber, all heat transferred to the wall remains in the wall. This raises

the temperature of the wall, without a change in phase of the wall material. Since by ctef-
inition, the material cannot melt, firing duration is limited to that time in which wall tem-

perature reaches the melting point. Historicaily, such chambers have been used in appli-

cations with total firing times measured in very few seconds. It is conceivable that space
missions could exist where firing times of very few seconds could be combined with longer

off times, which would allow the chamber to cool down. In effect, this becomes a combin-
ation heat sink/radiative chamber.

A light wall chamber could be pulsed at rates as high as 50 cycles per second with the on/

off ratio adjusted to get maximum cooling without a prohibitive loss in specific impulse.
Except for a possible appIication of this combined system, a heat sink chamber ca,mot be

considered applicable to the Voyager mission°

(3) Film Cooled Chambers

Film cooling is definitely a method of temperature control, but in actual usage is an ad-
jmmt used by many types of chambers. There are varying definitions for the term "film

L
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cooling". It is usedhere to denoteanymethodby whichthe gascomposition at the wall is
controlled to a lower temperature than the rest of the gas.

Liquid film cooling hasbeenextensivelyused. This methodadmits onepropellant, usually
fuel, in sucha mannerthat it coats, or partially coats, the wall. In changingphasefrom
the liquid to gaseousstate, it absorbsheatfrom thewall. As the vapor reacts with other
gases, a cool fuel rich boundaryis formed whichreducesheat transfer to thewall. This
methodof cooling is sometimesusedto cool downhot spots in the chamber. It has a
marked detrimental effect on specific impulse.

Anothermethodof film cooling is often referred to as " gas film cooling" or "barrier cool-
ing". In this method, the injector is designedto provide a lower ratio, andthus lower
temperature gases_at the wall. For someinjectors, this is very straightforward, with
the outer injector holes ona multi-hole injector specifically sized to give apredetermined
ratio. Onother injectors, suchas the swirl-type injector, the ratio at the wall is difficult
or impossible to determine. It is generally concededwithin the industry that a radiative
or regenerativechamberwill not functionwithouta barrier flow, whether inducedpur-
poselyor inadvertently, andthat anablativechamberwithout barrier flow will not be com-
petitive from anoverall systemsweightstandpoint, if it works at all.

Onthe basis of the foregoing, the Voyagerthrust chamberassemblywill incorporate an in-
jector whichprovides somebarrier cooling.

(4) Transpiration Cooled Chambers

In theory, transpiration cooled chambers are almost ideal for buried installations where
low chamber pressure is used. In this type, heat transferred to the wall is absorbed by

phase change of a liquid which is being forced through a porous liner. Its potential adva_-
tage over the ablative chamber is that a large quantity of "matrix" or non-ablating mater-
ial need not be carried. If the cooling material is a propellant, then firing time is essen-

tially unlimited. Considerable development effort is required on this type chamber, and
it is not anticipated that one will be available in time for the Voyager missions.

(5) Radiative Cooled Chambers

In a pure radiative chamber, heat transferred from homogeneous combustion gases is re-
jected by radiation from the outer wall and by radiation out the nozzle exit.

As discussed in Section 5.3.5, an optimum radiative chamber for the Voyager mission would
have a thrust of about 750 pounds contrasted to an optimum ablative chamber thrust of 2200

pounds. From a dry system weight standpoint, the weight advm_tage for the radiative sys-
tem is about 100 pounds for the Mars 1969 mission. This weight breakdown is shown in

Table 5.3.5-4. Payload advantage would be less than this, since specific impulse would

be less when operating at the desired chamber pressure of about 60 psia, and the greater
barrier flow would reduce the specific impulse even more. For the Mars 1969 mission,

the specific impulse could drop 30 seconds and still be competitive from an overall payload
capability standpoint. It is highly improbable that a drop of this magnitude would be re-

quired; therefore, an overall weight advantage would be gained. Associated with this ad-
vantage are the disadvantages which must be considered. A very real disadvantage is the

low development experience available on radiative chambers, and the attendant develop-
ment risks. Development experience with both ablative and radiative chambers is extreme-

ly low compared with the veterm_ regenerative chamber, but the ablative chamber experi-
ence is being accumulated much more rapidly than radiative experience. Projections
indicate that this trend will continue. Radiative chambers transfer more heat to adjacent

areas, necessitating more heat shielding. The prime disadvantage is susceptibility to
burnout due to off-design injector perform:race. Lateral heat transfer in a radiative cham-

ber is very poor, so a high temperature gas zone caused by partial plugging of an injector
could cause burnout. It is true that poor injector performance will cause burnout of an

ablative chamber also, but in a relative sense the ablative chamber will withstand condi-

tions which would be catastrophic to a radiative chamber.
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TABLE 5.3.5-4. SYSTEM WEIGHT COMPARISON-- RADIATIVE
AND ABLATIVE/RADIATIVE SYSTEMS

Pressurization System

Propellant System

Thrust Chamber

Residual

Orbit Adjust System

Total

Tank Pressure

140 psia

Pc = 60

RADIATIVE

750 Pounds Thrust

Remarks Weight

77.0

136.6

31.0

62.2

4.2

311.0

ABLATIVE WITH

RADIATIVE SKIRT

2200 Pounds Thrust

Remarks Weight

99.2Tm_k Pressure

200 psia

Pc = 100

156.8

95.0

62.2

4.2

417.4

Steady-state heat transfer is achieved in a radiative chamber when the heat flux to the walls

is equal to the heat flux radiated from the walls. Figure 5.3.5-8, gives calculated wall

temperatures for arepresentative chamber. These temperatures are subject to wide fluc-
tuations as various operating parameters change.

Temperatures in a radiative chamber can be reduced in a number of ways. As mentioned
earlier, temperature can be greatly reduced by changing barrier flow_ but with a loss in
specific impulse. Since convective heat transfer to the walls is a function of chamber

pressure to the 0.8power (Pc 0"8)_ temperature can be dropped by reducing chamber pres-

sure. At pressures below about 60 psia_ however, combustion efficiency drops appreciably,
so this pressure region is normally considered optimum.

Oxide coatings can be used to advantage. These coatings act as insulation, and the gas
side of the coating rises accordingly_ thus reducing h_at transfer from the combus!ion

gases. Coatings have yet to be developed which will adhere reliably. However, if the
chamber were designed to operate without the coatings, then purely from a statistical stand-

point, the coating would give increased reliability as protection against partially plugged

injectors which would cause hot spots at random locations.

At the t6mperatures encountered, a temperature drop of as little as 100 °F could have a
significant effect. An appreciable drop can be provided by increasing the wall thickness at

the throat thus allowing axial heat transfer to the cooler regions. Although this involves a

weight penalty, it is warranted for most applications.

The emissivity of the outer surface has a great influence on the operating temperature. A

silieide coating is often used, and increases emissivity markedly. It has been proven, how-
ever, that this coating applied on molydenum disappears in a hard vacuum at the tempera-

tures encountered. Other coatings may behave similarly; this is difficult to determine,
since pressures of 10 .8 mm or lower could conceivably be required to simulate actual

flight behaviour. Grit blasting has been used somewhat successfully to increase apparent

emissivity on molydenum, and the addition of "V" grooves have been shown to double or

even quadruple apparent emissivity.

Another technique for reducing wall temperature was mentioned in paragraph (2) above in

reference to heat sink chambers. Modulation of the propellant control valves would result

in less time in which heat is transferred to the inner wall, while keeping the time for
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heat to be radiated from the outer wall constant. On and off times would have to be selected

experimentally in order to keep specific impulse up as high as possible, consistent with the
temperature drop desired. An additional penalty paid in using this method is the increased

unreliability incurred by cycling the control valves.

Historicaily, a large percentage of radiative chamber failures have been caused by oxida-
tion of the wall at the gas side. Although most earth storable systems are designed to pro-
duce an average reducing atmosphere, lack of perfect mixing, especially at the low chamber

pressures, can actually produce both oxidizing and reducing areas in the chambe,'. This
situation can be considerably alleviated by running quite fuel rich, with not a great

specific impulse penalty being paid. This has become more apparent recently as the effect of kinetit
losses at varying mixture ratios has become better m_derstood. This is treated more

fully in Section G.

Diffusion type intermetallic compounds (silicidesand aluminides) have been used with some

success as oxidation protective coatings for anumber of refractory metals. These coat-

ings contain an element which oxidizes to form a thin, stable oxide layer over the inter-

metallic. This thin layer usually is self-healing, i.e., any break will expose the inter-

metallic and the oxide will immediately reform. Failure of the coating probably occurs

when sufficient time has elapsed for the elements to diffuse and form an intermetallic

which has poor oxidation resistance. It is also possible that the coating volatilizes, simi-

lar to the occurrence on the outer surface, due to a low partial pressure within the cham-
ber.

In summary, a radiative chamber represents a potential payload increase for the Voyager

missions, and many techniques exist for increasing the design margin of this type chamber.

Relatively low present development status, and deveiopment pace, coupled with greater
susceptibility to burnout due to injector off-design operation leads to rejection for the Voy-

ager mission except for a skirt extension in the low temperature regions.

(6) Ablatively Cooled Chambers

In a "pure" ablative chamber heat transferred from the homogeneous combustion gases

would be rejected from the chamber by phase change of a solid material to a liquid or gas.

In practice, ablative chambers use a combination of ablative cooling, radiative cooling,
heat sink, and film cooling.

The simplest ablative chamber utilizes neither combustion chamber liner nor throat insert.

The heat transferred to the wall heats the wall, which is a fibrous rei_dorcement material
or "matrix" impregnated with a resinous material. The resinous material sublimes, and

the gases pass through the charred rei_fforcement matrix, picking up more heat. Since the
subliming temperature is relatively low, usually under 1000°F, the At between the wall

and gas is maximum at the start of the firing, and heat transfer is therefore maximum.
As the firing progresses, the char thickness increases, insulating the subliming char/

virgin-material interface. Since this interface temperature is construct, the gas-side wall
temperature rises, reducing heat transfer from the combustion gas. This continuing re-

duction in heat flux results in a decreasing char rate, so that at any point in time, char

depth is approximately proportional to the square root of elapsed time as noted in Section
5.3.5. This predictable trend continues until the surface temperature rises to the point

where the surface melts. This phase change rejects additional heat, and the liquid may be
heated even further before it is rejected from the chamber. Although operation at these

high temperatures results in minimum ablation rates, there are associated detrimental ef-
fects. First, this "glassing" may restrict flow of the ablation gases, somewhat reducing

cooling in the effected area, and may change the throat contour and shift the thrust vector.

Secondly, the throat dimension may increase, reducing the chamber performance due to
changes in geometry and area ratio. The use of a ceramic throat and combustion chamber

liner not only prevents these occurrences, but reduces char rate by acting as a high tem-

perature insulator. In addition, the rei_fforcement matrix material could be reduced, re-
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sulting in a savings in weight. Problems with throats and liners are primarily associated
with controlling the mechanical and thermal bond between the throat/liner and the char ma-

terial. In a plain ablative design, an extra thickness of material can be added to give ad-

ditional margin in the event heat transfer is greater than predicted, whereas in a liner/
insert chamber higher heat flux may result in burnout of the liner. If the over-design heat

flux is confined to a small area, however, the liner/insert may provide lateral heat trmm-

fer to reject the heat to a larger area. There is no unanimity of opinion among the pro-
pulsion companies as to need for or desirability of a liner/insert. The results of this

study indicate a slight preference for the plain configuration, at least until further develop-
ment work shows that the potential advantages of the liner/insert concept are actually being
realized.

A number of resinous materials have been used, the most common being phenolics and
epoxys. New materials are being evaluated constantly, m_d no specific compound stands

out as being preferred for use for a 1969 launch°

Materials used for reilfforcement include high silica glass, asbestos, carbon fiber and

graphite fiber. The latter two have higher temperature resistance but do not appear suit-
able for use with the Voyager propellants, due to the water and carbon dioxide in the ex-

haust products. High silica glass has a greater high temperature resistance than asbestos_

and is preferred for use in the Voyager application. The three most widely used fiber

orientations are the 60-degree, the 90-degree, m_d the random-oriented. The 60-degree
fabric orientation for the phenolic-impregnated, leached-glass ablative material has a de-

sirable expansion coefficient providing a balance of the expansion rate in the longitudinal

and radial directions. Figure 5.3.5-9 drawn from small chamber data, shows a plot of
the expansion coefficient vs. fabric orientation angle. The 60-degree fabric provides a

greater longitudinal strength as compared to the 90-degree orientation. A disadvm_tage of
the 60-degree orientation is that at the forward end of the chamber, as the char proceeds

into the wall, the fibers at this point no longer have an uncharred mmhor to retain them.

A possible solution to this problem is to extend the outer diameter of the ablative material
up past the chamber injector interface, at the 60-degree angle. Thermal conductivity vs

temperature for this material is plotted in Figure 5.3.5-10. This shows that the 60-degree
orientation provides a lower radial thermal conductivity as compared to the 90-degree

orientation. This is especially desirable on a shorter firing duration where surface melt-
ing temperatures are not reached during the run. From all considerations, it is concluded

that the 60-degree orientation is preferable for the Voyager mission mfless excess glassing
can be prevented by 90-degree orientation.
I

Long-duration chambers have a considerable quantity of heat stored in the charred mater-

ial. Depending upon the design of the chamber, this heat could cause additional ablation

due to soak-back after shutdown. Some propulsion companies provide additional ablative
material to counteract soak-back effects, but this results in a heavy weight penalty. On

the Voyager, the vehicle will be designed such that the thrust chamber outer wall tempera-

ture can be quite high. An insulation layer of a thickness sufficient to hold the temperature
to the predetermined maximum should be added between the ablative liner mid the struc-

tural outer wall. No soak-back problems associated with re-starts are expected on the

Voyager missions, since all firings except for the final one will be for only a few seconds.

As mentioned in paragraph (3), an ablative thrust chamber with homogeneous combustion

gas would probably be extremely heavy, or would not function at all. The use of a barrier
flow with a lowcr com!msiiop, teml)erature is considered mat_datorv.

A conical chamber is considered preferable to a cyii_drical chamber, even though per-
formance is slightly degraded, since experience has indicated that the at)rupt gas velocity

changes associated with cylindrical chambers often result in excessive ablation or erosion
of the chamber.
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Figure 5.3.5-10. Thermal Conductivity of Phenolic Impregnated High Silica Glass

Two general techniques are used for confinement of chamber pressure forces. One meth-

od employs glass tape or roving impregnated with resin, helically wound, or hoop wound
in conjunction with longitudinal layups. With this method, a synthetic rubber liner is usu-
ally installed first to seal against gas leakage. The second method utilizes a metal shell.
Both methods provide, in effect, a pressure vessel around the ablative liner and insulation.

The metal shell method is probably more adaptable to gimballing than is the other. In ad-
dition, any possible problems associated with vaporization and deposition of resinous ma-
terial from the external surface due to soak-back would be circumvented.

As indicated in Figure 5.3.5-8, the wall temperature of a radiative chamber is below

2000°F at an area ratio of 5:1. Since metals are available which will successfully with-
stand these temperatures, considerable weight can be saved by using a radiative skirt.
Since the gas temperature at the wall is hotter in an ablative chamber than in a radiative

chamber, m_d since the hot inner ablative surface will radiate to the radiation skirt, tem-
peratures of 2000°F or less are reached at approximately 10:1 rather thm_ at 5:1. Light-
weight metals for use for radiation skirts include columbium and titanium. Use of colum-

bium between 10:1 and 20:1, with titanium for the rest of the nozzle should result in con-

siderable design margin. It is not anticipated that coatings would be required for these
metals. It should be noted that the curves shown in Figure 5.3.5-8 are based on calcula-

tions as modified by test data, and are considered representative of temperatures expected

for the design described herein. One propulsion company predicts that temperatures at an

expansion ratio of 30:1 will still exceed 2000 °F, even with a surface emissivity of . 8,
neglecting radiation from the internal surface of the nozzle. This is representative of the

gross differences in operating conditions measured and predicted by the various propulsion

companies. The interface between the radiative extension and the ablative portion of the
chamber poses a major problem, since the temperature of the skirt is above the ablation

temperature of the ablation material. Programs currently under development are investi-
gating this problem, and optimum means for attachment should be well developed within the
next year.
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(7) ChamberType Selection

A summary comparison of the competitive chamber types is given in Table 5.3.5-5. On

the basis of comparison, with major emphasis placed on tolerance of the chamber to injec-
tor off-design operation, the ablative chamber, with radiative skirt, is selected for the
Voyager mission.

TABLE 5.3.5-5. CHAMBER TYPE SELECTION

Weight Index

Heat Radiation to

Vehicle Index

Duration

Inlet Pressure Penalty

Specific Impulse

Injector Malfunction

Effect Index (Relative)

Complexity Index

Development Experience

Development Risk

ABLATIVE

Poorest

Good

Limited

ABLATIVE/
RADIAT IVE

SKIRT

RADIATIVE

Good

Low

Good

Best

Good

Low

Lowest
Risk

Poor

Inter-

mediate

Limited

Low

Good

Poor

High

Low

Lowest

Good

Good

Low

Low
Risk

Very Poor

Best

Lowe st

High
Risk

REGENERATWE

Best

Good

Unlimited

High

Highest

Poor

Poor

Very High

Medium

Risk

D, Chamber Pressure

Insofar as can be determined analytically, chamber pressure can be changed over an ex-
tremely wide range without effecting overall system weight appreciably. Low chamber
pressure results in lower tank pressure and thus lower pressurant and pressurant tank

weight. Heat transfer rate per unit area is diminished_ since gas film coefficient varies

as the chamber pressure to the 0.8 power (Pc 0.8).

A higher chamber pressure has the advantage of lower chamber weight, since the smaller
chamber wall area overshadows the increased wall thickness required. There is less ion-

ization, and thus less potential kinetic losses, at the higher chamber pressures. Combus-

tion efficiency is greater, which not only increases specific impulse, but also lessens
somewhat the probability of having high temperature oxidizer-rich zones. The heat trans-
fer to the vehicle from the radiative extension is less with higher chamber pressure. The

chamber is shorter, which could effect interstage structure weight, although this investi-

gation is outside the scope of this study.

Calculations showed that for the Voyager mission, total system weight varied less than 10
pounds within the chamber pressure range from 100 psia to 150 psia. Obviously, the se-

lection should be made on factors other thm_ weight. For the Venus 1970 mission, firing

times are long, with high probability of very high i_mer wall temperatures being reached.
This could be reduced by reducing char depth, i.e., by going to a low chamber pressure.
However, the most potent reason for selecting a specific pressure is not analytically shown;

most chambers in this general thrust range, now under development, utilize a chamber
pressure of 100 psia.
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Therefore, basedprimarily on the latter twoconsiderations, a chamberpressure of 100
psia is selectedfor the Voyagermission. The contributing factors mentionedaboveare
summarizedin Table 5.3.5-6°

TABLE 5.3.5-6. CHAMBERPRESSURECOMPARISON

Factor

ChamberWeight

Tamkageweight

Performance (Isp)

Heattransfer rate to
chamberwall per unit
area

Absenceof hot gas
zonesdueto poor
mixing

Heattransfer to
vehicle from
radiative skirt

Potential Interstage
Structure Weight

Inner wall temperature

Development
experience

Low Pc Advantages High Pc Advantages

Lowest weight

Lowest weight

Highest performance

Least heat transfer
rate

Minimum inner wall

temperature

Predominant experience

present and projected is
at 100 psia

Highest probability
of good mixing

Lowest heat transfer

Lowest potential weight

E. Area Ratio

Performance of a chamber increases as the area ratio is increased. Figure 5.3. 5-11

shows this increase based on the expected partial shifting performance. Considering

only the increased weight of the chamber, and the increase in performance, a _ payload
for various area ratios can be calculated for specific missions. Such a plot for the Mars
1969 and Venus i970 missions is shown in Fig-ure 5.3. 5-12. These plots are very depen-
dent upon expansion skirt weights, as shown in Figure 5.3.5-13, which assumes heavier

skirts, but still lighter than the most conservative propulsion company's figures. These

do not consider the possible detrimental effects of increased radiation to the structure,

increased gimballing moment of inertia, and potential interstage structure weight increase.

Figure 5.3.5-12 indicates that payload advantage can still be gained above 109:1, although
very little. A consideration which would effectively shift the curves to the right is the
increase in throat area due to ablation. An increase in throat area causes a decrease in

area ratio with attendant losses. Initially selecting an area ratio higher than otherwise
would be optimum would effectively reduce this loss.

The area ratio has an effect on the pluming angle as shown in Figure 5.3.5-14. This is

not expected to be a determining factor.

Although an optimum area ratio cannot be selected until detailed designs have been com-
pleted, and the effects of heat radiation and interstage structure taken into consideration,
an area ratio of 100 is selected as a basis for further optimization studies.
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Figure 5.3.5-13. Payload Increase Vs. Expansion Ratio-Conservative Skirt Weights
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Figure 5.3.5-14. Exhaust Plumbing Angle
Nozzle Contour

The contour of a bell-shaped nozzle is often expressed as a percentage of the length of a
15 ° conical nozzle. Thus a 80% bell nozzle is one the length of which is 80% of the length

of an equivalent 15 ° conical nozzle of the same throat diameter and expansion ratio. The
advantages and penaities of high percentage nozzles are similar to those of high area ratio

nozzles. Again neglecting all effects except nozzle weight and performance, a A payload

can be plotted. This is shown in Figure 5.3.5- 15. This shows that there is little effect
on payload, with changing % bell, thus other considerations should govern. Based on de-

velopment experience at this percentage, a 80c;_ bell configuration is selected.

G. Mixture Ratio

In selecting a mixture ratio, the general criteria which has been used in the past is maxi-

mum performance, based on theoretical shifting equilibrium. Recent testing of thrust

chambers of 100 psia chamber pressure and large expansion ratios in a vacuum have shown

that chemical equilibrium is not followed during expansion, and performance somewhere
between shifting and frozen is actually attained. This effect is sometimes referred to as a

"kinetic loss" and is more pronounced in small chambers with short stay time. Of more
importmme, however, is the fact that the mixture ratio at which performance is maximum

changes considerably depending upon the degree to which equilibrium is maintained. There
is not a unanimity of opinion among propulsion companies as to the net effect, as noted by

the shaded area in Figure 5.3.5-16, which represents the effect as predicted by different
contractors. The effect as assumed by this study is shown by the heavy curve within the
shaded area.

Another important consideration in the selection of a mixture ratio is the effect of high tem-

perature gases on the chamber. A lower mixture ratio, within the limits which could be

considered feasible, results in a slight decrease in gas temperature.
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Probably the most important consideration, aside from specific impulse, for selecting a
low mixture ratio, is the effect of non-homogeneous combustion gas. Figure 5.3.5-17

shows the composition of exhaust gases at various mixture ratios. It can be seen that,
with a chamber operating at a low average mixture ratio, the probability of having zones

with high ratios and oxidizing gases is much reduced. This can have a significant effect

on radiative expansion skirts.

A further advantage of a low mixture ratio is the feasibility of using equal size tankage, if

the volumetric mixture ratio is close to unity. This can have a modest bearing on overall

program cost.

When using a low ratio barrier flow, the ratio of the combustion gases, or "core", in-
creases in ratio, and thus operates at a higher ratio than optimum. Therefore, the use of

a barrier flow serves to reduce the overall optimum mixture ratio. The amount of reduc-

tion is dependent upon the amount and ratio of the barrier flow, but can be significant.

Mixture ratio has some effect on pluming angle, as shown in Figures 5.3.5-14 and
5.3o 5-18, but the effect is small, and would not have a bearing on the Voyager mission.

There is also an effect on microwave attenuation; however, this is not a factor with the
present Voyager design and mission profile.

On the basis of specific impulse, the ideal ratio, as shown in Figure 5.3.5-16 is between
1.55 and 1.85. This margin of uncertainty will be narrowed within the next year due to

the considerable development effort being carried on in this field. The ratio selected as
a basis for further studies is 1.65. This value is believed to be on the fuel rich side of

the maximum specific impulse value, but gives additional advantages as noted above without

appreciable impulse penalty.

Hi Propellant Supply

In selecting the optimum propellant expulsion system, the unique requirements of the Voy-
ager system must be considered. As in all zero-g startable systems, provisions must be

made to assure that propellants are available at the propellant valves (propellant acquisi-

tion). A total of six starts are required, but for the large impulse missions, more than
90% of the propellants are utilized at the final burn. In addition, C.G. shift would cause

serious attitude control problems. This necessitates the utilization of some means to pre-

vent propellant C. G., lateral movement, or at least to control it. This second require-
ment removes from active consideration a number of systems which would be very attrac-
tive otherwise.

In order to perform functions of propellant acquisition and C.G. control, most expulsion
systems impose, on the propulsion system, certain undesirable characteristics. One of

these, of course, is weight. The use of expulsion mechanisms generally results in residual
propellant which is not expelled; the index of this effect is referred to as expulsion effi-
ciency. Tanks are often made larger to contain the expulsion mechanisms; the index of
this effect is known as volumetric efficiency. Some mechanisms require a large A P across

the face to function properly_ especially as the tank nears the empty condition. Some mech-

anisms permeate, and trap propellants behind the mechanisms.

In the course of a recent NASA contract, Belt Aerosystems Company catalogued a total of
34 distinct types of expulsion mechanisms. Mechanisms which have a potential application

for Voyager, either for propellmlt acquisition or C.G. control, are discussed here.

(1) Surface Effects

Forces acting upon a fluid in space environment include gravitational forces between liquid

mass and vehicle structural mass, aerodynamic drag, forces from heat input, intermolecu-
lar capillary forces, and vehicle control forces or mechanical disturbances.
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Where the sum of this dynamic gravity field is very low and other forces are of even lesser

order, the stabilizing forces of surface tension are expected both to position the fluid in a

predictable location and to prevent fluid oscillations under low disturbances. Figure
5.3.5-19 shows the acceleration values above which fluids will oscillate and below which

no oscillation will occur for the Voyager spherical tanks and propellants. The boundary is
defined by unity Bond No. which equates surface tension and acceleration forces on the

fluid mass. However, this boundary is not an abrupt transition. As a consequence, pre-
dicted attitude control forces are likely to be within the oscillation region.

By utilizing a baffle or series of baffles (capillary tubes) the fluid can be positioned regard-

less of baffle orientation relative to the acceleration field. Much work on such techniques

has been done in recent years and demonstrated in near zero "g" drop tests and by the
Mercury MA-7 experiment. In the latter, a partially filled 300 ml flask with centered ca-

pillary tube was photographed under various "g" conditions of the Mercury flight.

This positioning technique is the simplest method known, has relatively low weight and has
high expulsion and volumetric efficiency. However, it is regarded as still in the experi-
mental stage with inadequate definition of behavior in space environment. Thus, assurance
cannot be given of precise centering of mass within the tank or absence of oscillation of

fluid particularly for nearly full tanks. For the torques expected to be imposed during fir-

ing, using the presently contemplated control system, it is expected that it would be totally
inadequate.

(2) Vehicle Acceleration

Accelerating the vehicle, either axially or in spin, will effectively provide propellant ac-

quisition. Volumetric efficiency is 100%, m_d expulsion efficiency can be made essentially
the same. If small solid rockets are used to accelerate for each start, then reliability
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is very high. Overall weight penalty is low. This system provides no control of the C.G.

of the fluid, however, so cmmot be used for the Voyager mission.

(3) Bladders

Aside from the vehicle acceleration methods, the system with the most development and

flight experience is the bladder. To date, most bladders flown have been non-metallic,
although development work has been done oll metallic and metallic/non-metallic combina-

tions. Volumetric efficiency is high, but expulsion efficiency is only fair to good, depend-
ing upon the material. The Ap across the bladder is high to intermediate, again depending

on the material used. As a general rule, reliability is somewhat low, due to permeation
and failures caused by random foIding. Elastic bladders, such as butyl, are the exception
insofar as reliability is concerned, but they cannot be used for long term storage of nitro-

gen tetroxide due to material incompatibility. Plastic bladders of teflon are widely used,
m_d several types of fold devices have been used to control the fold pattern m_d prevent
sharp creases, but these have been only partially successful. The use of metallic coating

to control permeation has not been well developed. The extent of the permeation problem

is highly dependent upon thermal consicierations. NormaIly, as propellants permeate

through a bladder, the partial pressures equalize, and equilibrium is attained. In the Voy-
ager mission, the side of the tm_k away from the thrust chamber is always cooler than the

bottom. The normal arrargement is to have the propellant located so that it can move to-
ward the outlet as thrust is applied. Therefore, as the liquid permeates through the dia-

phragms, it condenses on the cool side. This pumping action could result in an intolerable
amount of propellant transfer through the bladder.

Most bladders give only an extremely limited amount of control insofar as C.G. is concerned.

Methods attempted to increase this control by concentric metal or plastic rings, or heli-
cally wound wire do not appear to have the potential restraining forces needed.
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(4) Diaphragms

Diaphragms have much more repeatable folding patterns than bladders since they are at-
tached to the tank at the tank equator. The non-metallic diaphragms have the same per-

meation problem, and folding patterns are not too reliable, even with the incorporation of

folding devices. Ability to control C.G. is not appreciably increased.

There is considerable development interest in metallic diaphragms. These devices are,

in general, preformed to control the folding. There are three general types under investi-
gation. In the first, all propellant is stored on one side, and the bladder moves through

the equator as propellant is expelled. In the second type, two hemispherical diaphragms

are utilized, with the fluid stored between them. As the propellant is expelled, the two
diaphragms move toward each other until they come into contact. In the third type, the

preformed diaphragms are stored at the equator, and move outward toward the tank wall

as the propellant is expelled. The latter diaphragm is considered to be the most reliable,
since expanding from a preformed position is more predictable than is a collapse. This

design has the disadvantage of relatively low volumetric efficiency. Expulsion efficiency
is low unless high AP is applied across the diaphragm. Claims have been made for sig-

nificant C.G. control with diaphragms, however, this has not been adequately demonstrated
at the present time. In any event, diaphragms designed for max. C.G. control would have

the highest Ap. This is undesirable if the Ap is unpredictable, since a difference in the

Ap between the diaphragms in the two tanks would result in different pressures in the two

liquids, with attendant mixture ratio error.

(5) Bellows

Bellows have the best C.G. control of all the systems given serious consideration, pro-

vided the bellows is constrained from radial shift. Expulsion efficiency is very low, how-

ever, as is volumetric efficiency. The simplest bellows are cylindrical, and the use of a
cylindrical tank imposes a serious tank weight penalty. The bellows themselves are also

heavy. Reliability is very high. Ap is extremely low, unless the bellows is designed to

yield considerably at the end of expulsion.

(6) Propellant Supply System Chosen

The systems considered are summarized in Table 5.3.5-7. Present system requirements

dictate that precise C.G. control is required at least through the start of the final burn,
and that some constraint is required after that time. At the present time, only the bellows

can be considered as having demonstrated meeting this requirement, although there is a
very strong possibility that present development of diaphragms will yield a design with

this control. On the basis of present availability, the bellows is chosen for the Voyager
mission. In order to achieve a high expulsion efficiency, and to save bellows and tankage

weight, a compromise on C.G. shift is taken midway in the expulsion by using a cylindrical

bellows in a spherical tank, shown conceptually in Figure 5.3.5-20. As the bellows be-
come almost fully extended, the pressurization into the bellows is stopped, and pressuriza-

tion is reinstated directly on the propellant. Because of the low Lp across the bellows,

tmlk pressures will be essentially equal during the first part of the firing, resulting in
minimum mixture ratio shift.

It should be emphasized that a diaphragm could also be utilized with subsequent transfer

of pressurant directly onto the propellant, in order to improve expulsion efficiency. Such
a system is recommended in the event a diaphragm is developed which has C.G. control
with acceptable AP°

In the event it is later determined that no C.G. control is needed after the start of the final

burn, a much smaller bellows could be used. If it is subsequently determined that no C.Go

control is required at any time solid ullage rockets could be used to get adequate propellant
acquisition.
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TABLE 5.3.5-7. PROPELLANTSUPPLYSYSTEMCOMPARISON

Vehicle
Surface Acceler- Plastic Metal Metal Metal Partial
Effects ation Bladders Bladders Diaphragms Bellows Bellows

Permea-

tion Index

Expulsion

Efficiency
Index

Expulsion
Pressure

(AP) Index

Weight
Index

Complexity
Index

Reliability
Index

C.G.

Control
Index

Volumetric

Efficiency
Index

Not Ap- Not Ap- Poor Good Good Good

plicable plicable

Excel- Excel- Good Fair Fair Very
lent lent Poor

Not Ap- Not Ap- Good Fair Poor Excel-
plicable plicable lent to

Poor

Excel- Excel- Good Good Fair Poor
lent lent

Excel- Excel- Good Good Fair
lent lent

Un- Excel- Poor Poor Fair
known lent

Very No Poor Poor Fair
Poor Control

Good

Excel-

lent

Excel-

lent

Poor

Poor Poor

Fair Fair

Excel- Excel-

lent lent

Excel- Not Ap- Good Good Fair Poor Poor
lent plicable to

Poor

I. Control System

The control system selected for the Voyager mission is shown in Figure 5o 3.5-21. This

system was chosen after a comparison of a number of candidate systems.

Prime consideration was given to reliability of operation. Control components were
arranged such that no single failure, other than a structural failure or thrust chamber burn-

out would cause failure to provide transit corrections or injection into orbit. Tank factors

of safety were selected conservatively, and the AP between tank pressure and thrust
chamber pressure was selected at a conservatively high figure in order to assure stable
system operation.

Analyzing the need for the use of redundant components, it was decided that an approach

different from that used on other components was required. A large percentage of the
components in the spacecraft are composed, in whole or in part, of high usage electronic

parts which in general have characteristics which are well known and repeatable. The
components in this subsystem are in contrast, low usage parts, and little information

from other sources can be used to predict future performance with any degree of assurance.

Although statistically, the use of redundancy will increase reliability by a large factor;
this is not, in fact, true. Assume an error is made in determining the enviromnent to

which the component will be subjected, or an error is made in the design and qualification
testing. K two components are manufactured exactly alike, are installed in parallel, and

are subjected to this environment in flight, then if one fails, the other will also. An ex-
ample of this would be the use of a material incompatible with the fluid used. Even if the

design is correct, there is a very real probability of losing the benefit of redundancy due
to manufacturing errors. If a manufacturing error is made in a valve, then the probability

5-50



7SELL©YVS GUI©E F_O

\

\

/

"i'i\ _ I/¸ /

//

/
/

/

f'IECHAKIISM EXTLbdD-

(TAr,l_:_F FULL_OE_?TY]



i ¸¸,

i !
./

/

P

i/

y

\

/

I

=y

, ,,/

/

,(

/

/
/
/
'--MOULITIkIQ TRUNNION

Figure 5.3.5-20. Partial Bellows Tank

5-51/5-52





! /

/

/ 0

Ltm C..P

r--

/
/

/

/
-- i k )

I

t { )
L_
tA_
v+

a

{'_ iL

I
I
I
I

I ....

I
.I

T

i 'i
i

ts_

4
H<

4_e_

OU C)

i

--- "k i -'
r

//

/.

Figure 5.3.5-21. Orbiter Propulsion System
Schematic

5-53/5-54



is high that the other units in the lot, made by the same man at the same time, have the
same error. An example of this would be the misreading of a processing specification
causing omission of an ingredient in a coating operation. To circumvent double failures
caused by such events, the propulsion system utilizes unlike designs in redundant applica-
tions, with no common parts, and diverse methods of operation. For example, the four
pressure regulators all have different seat materials and configurations. Materials of
other moving parts, and coatings, are different. Current studies indicate that "hard"
seat and "soft" seat designs are susceptible to different types of contaminants; possibly
the use of a hard seat in series with a soft seat would yield maximum resistance to fail-
ure of the combination. This concept is used for all redundant controls.

In propulsion systems which are otherwise redundant, the most common mode of failure
is external leakage. In the Voyager, all connections will be hermetically sealed, such
as by brazing or welding. Where failure of a diaphragm or bellows could cause external
leakage, two are used in series. Manual fill and vent ports are double sealed.

The factor of safety chosen for tanks was 2.0, for the ratio of burst stress to working
stress, at ambient conditions. Tank temperature, increased pressure due to increased
temperature, scratches, and flight loads will all reduce this factor. For the Mars 1969
mission, helium tank temperature will reach 175 ° when stabilized after launch. The
factor of safety at that point will be reduced to 1.6. Propellant tank factor of safety will
actually be greater than 2.0, due to extra thickness used for manufacturability, and will
not be appreciably lower than 2.0 when the tank temperature reaches 110 °F and the relief
valves operate. No relief valve is provided for the helium tank. The fill and dump valve
incorporates a burst diaphragm which is capped off prior to launch. Tank protection
during filling is provided in the ground charging equipment.

Consideration was given to using two pressurization tanks, each with a separate pressuriza-
tion syst@m as indicated below.

O
Z

D

]

:2

]

SHUTOFF VALVES E

REGULATORS

PRESSURE
SWITCHES

There were two valid objections to this confignration. First, unless sufficient gas were
carried in each tank to perform at least a degraded mission, then a failure of either
system would result in mission failure. With the eccentric orbits being flown, the amount
of AV for acquisition of any orbit is relatively close to the amount needed for the pre-
selected orbit. Carrying twice the gas needed for planet capture would entail a very
large weight penalty. Second, if this objection were removed by using a valve between
the two tanks, or a single tank, no advantage would be gained by the system unless
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shutoff valves and check valves were used to switch out a failed system. This would
require sensing devices to detect malfunction of the firing system. The advantage of

the system is that fewer re,relators are required, and that external leakage in one of the
legs might not cause failure, depending upon whether or not leakage could be determined

and action taken before too much gas is lost. Additional check valves, continually
operating, and pressure switches and switching circuitry is required.

In the system chosen, repeated below for increase clarity, quad redundancy is utilized

200 PSIA _ A C_

REGULATORS

210 PSIA

190 PSIAI

so that the system can tolerate either a failure-to-open malfunction or a failure-to-close
malfunction. As noted, the center of the quad arrangement is not connected. Calcula-

tions show a tied center is more reliable if the primary mode of failure is failure to open,
and an open center is more reliable if the primary mode of failure is failure to close, or
leakage. Experience indicates that for regulators, leakage past the seat is by far

the predominant failure. The numbers alongside each regulator indicate the output pres-
sure for which the regulator is set. The nominal tank pressure is 200 psia. As the

pressurant tank is filled, pressure flows through all four regulators until the propellant
tank is pressurized to 190 psia, at which time, regulator D closes. The space between

C and D immediately fills to 200 psia, and regulator C closes. Gas continues to flow

through A and B until the tank pressure reaches 200 psia, at which time regulator A
closes, and pressurant flow stops. Re_ulator B remains open. During subsequent opera-

tions, only regulator A operates; regulators B, C, and D are in standby redundancy. If

regxllator A fails in the open position, regulator B will close and regulate tank pressure
to 210 psia. If regulator A fails in the closed position, regulators C and D operate, and

D regulates the tank to 190 psi. Pressures will vary somewhat as inlet pressure changes,
since the regulators are unbalanced for simplicity; however, since both tanks are fed

from the same source, output pressure limits can be relatively quite broad with little
effect on the system.

Main pressurizing valves are utilized for two reasons. First, if a small gas leak develops
downstream of this point, these valves will prevent loss of most of the helium, and unless

the leakage is catastrophic, there will be sufficient helium left for a final burn, although

at a slightly lower pressure. Second, if one bellows develops a slight leak, these valves
will prevent this vapor or liquid from getting into the opposite tank when pressurization
directly on the liquid is started. Parallel redundancy is used to protect against one

valve not opening; series redundancy is not required, since there will be no AP across

the valve unless there is downstream leakage, and since leakage will not be detrimental
unless another failure exists.

A shutoff valve and test connection is mounted downstream of the regulator assembly
to facilitate checkout of the regulators and main pressure valves. In order to prevent
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launching with a valve inadvertently closed, stringent procedures must be set up. The
valve could be designed such that a special "key" part would have to be used to close

it. Procedures would be established such that this "key" would have to be in a specific

location at a launching console prior to launch. Such arrangements, although perhaps
somewhat dramatic, have been shown to be well worth the effort expended. The test

connection is a seK-sealing type, and utilizes a cap as redundant protection against

leakage.

Temperature rise in the propellant tank will cause the propellant to expand, and the

pressurant gas pressure to increase. Sizing the tank to reduce this effect, or increasing
the wall thickness to withstand the pressure would impose a tank weight penalty of approxi-
mately 25%. Instead, quad relief valves are utilized to limit the pressure. It is necessary

to reference the first relief valves to space so that a buildup in differential between the
inlet and outlet will not change the relief setting.

The fill vent is a manually operated self-sealing valve, and utilizes a cap for redundancy.

One fuel tank and one oxidizer tank are utilized. From packaging considerations, four

tanks were considered optimum, but there are attendant disadvantages. Tank weights

increase with four tanks due to minimum wall thickness, mounting provisions and bellows,
and reliability drops. Unless line _P's are matched precisely, one tank would tend to

drain faster than the other, resulting in C.G. shift and premature outage in one tank.

Even if Z_P's were matched precisely, vehicle side accelerations would tend to cause
propellants to shift between tanks. When the bellows are fully extended, the main pres-

surizing valves are closed, and the secondary pressurizing valves opened. Each pro-
pellant system utilizes two valves in parallel to prevent system failure in the event one

fails to open. Series redundancy is not required, since there will be no AP across these
valves prior to opening unless a leak develops in the pressurizing system downstream

of the main pressurizing valve.

Check valves are utilized to prevent propellants from moving upstream and being injected
into the opposite tank. Only parallel redundancy is used, since the secondary pressuriz-

ing valves give protection when closed, and the gas flow provides protection when the

valve is open.

Test connections are provided downstream of the check valves to permit checkout of the
secondary pressurizing valves and the check valves.

A shear diaphragm is incorporated in the bottom of the tank bellows. This prevents

catastrophic fracture of a tank proper, in the event of a chemical reaction in one of the

liquids, by allowing venting through the relief valves.

Outage detectors are located in the line downstream of the propellant tanks to sense when

the tanks are empty and provide a signal to close the main propellant valve. The purpose
of this is to retain gas for a possible subsequent orbit adjustment, and to prevent vapors

from one pressurizing system from crossing over into the other pressurizing system in

the event of leakage of a check valve. Since the probability that ml orbit adjust will be
required is low, no "parallel" system is required. In order to prevent an erroneous

outage signal from shutting down prematurely, the detector is locked out until a time
when it is calculated that a satisfactory, if not perfect, orbit would be obtained if shutoff

were premature.

The orbit adjust maneuver uses helium from the empty tanks as a propellant. Since
helium is trapped in three separate volumes, three jets are provided for control, but

hermetically sealed squib valves isolate the systems until propellants are exhausted. A
connection is provided to supply helium to the attitude control system to possibly increase
orbit life in the event all helium is not desired for orbit adjust.

5-57



Twoparallel sets of series redundantpropellantcontrol valves are used. Oneset is
stored, dry, i.e., shear diaphragmsfractured by movementof the main propellant valves
are installed at the inlets andoutlets of this series set, andthis series is not usedunless
failure of the other set is indicated. Eachmatchedfuel andoxidizer valve is linked to a
commonshaft andcontrolled by a single actuatoroperatedby fuel suppliedthrougha 3-way
solenoidcontrol valve. An isolation solenoidvalve provides control fuel to eachseries
set of valves to prevent loss of fuel in theeventof leakageof one of the solenoidcontrol
valves. The isolation valves andthe upstreampropellant control valve are desigmedsuch
that high downstreampressure, causedbyheatingor chemical reaction of the propellant,
will causethe valve to opento relieve thepressure. A chamberpressure switch signals
the systemto shutdownif pressure hasnotbuilt up in a predeterminedtime, if the ma-
neuver is a transit adjustment. If the maneuveris injection into orbit, the pressure
switch initiates the secondarysystem if pressurehasnot built up in the preset time, or
if pressure drops during the run.

5.4 LANDERPROPULSION

Details of the Lander Propulsion Systemare classified, andare includedin the classified
appendix.

5.5 ATTITUDE CONTROLPROPULSION

There a numer of propulsion systemtypeswith potential applicability to the Voyager
mission° Someare operational; others are still in the research stage. Of the six basic
systemtypes considered, the cold gas - gaseousstored system waschosenonthe basis
of least developmentrisk andhighestreliability with only a small weight penalty.

5.5.1 REQUIREMENTS

In order to evaluate any system the requirements of the system must be stated in terms
of performance, interfaces and cost, both qualitatively and quantitatively. In some in-

stances actual values can be given to the requirements, while in other instances only
relative or general statements can be made. In the following requirements absolute

values have been given where possible; in the other areas it has been attempted to state
the requirement as it relates to the mission and the other requirements. Comparisons

were made on the requirements for 2000 pound-seconds impulse. This has since been

raised to 3000 pound-seconds, but this change will not affect the basic decision on system

type.

A. Total Impulse

The total impulse required over the mission lifeof the spacecraft is 2000 pound-seconds.

Thfs is broken down into the following usages:

Initial Acquisition 331 pound-seconds

Mid-Course Maneuvers 387 pound-seconds

Transit 918 pound-seconds

Orbit, Gravity Gradient 168 pound-seconds

Orbit, Solar Pressure 196 pound- seconds

B. Thrust Level

The thrust levels of the various axes nmst cause accelerations of 0. 25 x 10 -3 radian per

second 2 about the axis. Since the moments of inertia of the vehicle change greatly during

the mission, the thrust levels are based on the average inertias and are:
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• 047 lb. per nozzle about the roll axis

• 043 lb. per nozzle about the pitch axis

• 066 lb. per nozzle about the yaw axis

C. Minimum Pulse Length

In the type of operation that the system will be subjected to, the minimum pulse length is
of prime importance. It is defined as the equivalent pulse length which is obtained by in-
tegrating the thrust-time curve of the minimum repeatable pulse and dividing this number
by the nominal thrust level•

The Voyager requirement is a minimum pulse length of 30 milliseconds• More important
than the actual number itself is its repeatability, for as the deviation varies either way

from 30 milliseconds the total propellant consumption will increase•

D. Response Time

For the Voyager type of operation the response time of the system is relatively unim-
portant. It may be in the order of several hundred milliseconds• By satisfying the
minimum impulse bit requirement, any response time requirement will be met•

E. Degrees of Control

The control system must be capable of rotation of the vehicle in either direction about
all three axis without imparting any lateral motion•

F. Weight

An absolute value has not been placed on the weight of the system• Weight should be
kept to a minimum consistent with performance and reliability.

G. Volume

Only very broad volume limitations are required, since the spacecraft configuration
provides a large total vehicle volume.

H. Power

The penalty for power usage depends upon the power profile for the times power is re-
quired. Selection of an optimum system must take this into consideration, as well as
the weight penalty for providing additional power.

I. Compatible Exhaust Products

Any exhaust products which may be expelled from the system must be chemically com-
patible with the portion of the spacecraft with which it may come in contact. In addition

to chemical compatibility, the exhaust products must also be physically compatible i. e.,
they must not leave a film on sensing surfaces.

J. Environments

The system must be capable of withstanding the following environments which may be
imposed during shipping, launch, transit or orbit life.

Acceleration

5.6 g's longitudinal

1.6 g's lateral
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Vibration (qualification values)

Frequency Sinusoidal Random

5-50 cps 1.25 g rms .015 g2/cps

50-100 cps 2.5 g rms .015 g2/cps

100-200 cps 3.5 g rms .035 g2/cps

200-2000 cps 3.5 g rms .035 g2/cps

Shock

Included in vibration loads.

Acoustic Field

140 db

Temperature

-30°F to 170°F

Vacuum

10 -16

(70°F to 170°F in tank area during mission)

mm of Hg for a period of one year

K. Reliability

Reliability is a prime requirement in the Voyager mission. Comparison of the candidate

systems will be made in qualitative terms based on complexity and state of development.

L. Development Risk

Stated in broad terms, the development risk of the system should be a nlinimum. However,
this minimum must be weighed against weight and performance, since a slight increase

in risk may be well worth a large weight reduction or increase in performance.

M. Operability Assurance

The system and components must be capable of being tested individually or on a sampling

basis. In addition, the system must be capable of being tested in a simulated environ-
ment.

N. Safety

The system must be capable of being tested, stored and operated safely. This does not
exclude any systems that need to be tested in special cells, nor does it exclude any sys-

tem which would require special storage areas.

O. Cost and Availability

The materials, manufacturing processes and assembly should be such that cost and
delivery times may be kept to a minimum. Due to overai1 mission cost, however, any

potential savings in weight or increase hi performance, even if very expensive in time

and money, must be carefully weighed against potential payload improvement.

5-60



P, Scientific Compatibility

Each candidate system must be investigated to determine the effect that it may have on

the overall scientific mission. If there are any detrimental effects, the system in
question cannot be used.

5.5.2 COLD GAS - GASEOUS STORED

Ao Definit io n/Des c r ipt ion

A cold gas propulsion system, as used herein, is defined as one in which heat is not

added to increase the specific impulse. Systems which require heat to change phase are
still considered to be in the cold gas category. The gaseous stored term means that the

media is stored on board prior to use in the gaseous state as opposed to a liquid or solid
state. Because of the low density of most gases and the vehicle volume limitations and

tank mounting considerations, the gas is usually stored at pressures of 2500 psia and above.

A typical system is shown below and consists of the following hardware; the fill valve

which is used to charge the system to its initial pressure, the gas storage tank which is

the reservoir for the activating gas, the filter which removes extraneous particles that
could cause seat leakage, the pressure regulator used to provide a constant pressure to

the nozzles, the solenoid valve which controls the gas flow and finally the nozzle which
produces the thrust.

TANK

[

r-

[_] FILL VALVE

_:_ FILTER

-_ REGULATOR

SOLENOID VALVE

/\ NOZZLE

B. Comparison of Gases as Affected by the Requirements

Of the requirements stated in section 5.5.1 the ones that most affect the choice of gas are:

1. Total Impulse and Weight

2. Volume

3. Cost

4. Safety

5. Compatible exhaust products

6. B eliability
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Since the total impulse requirement is fixed and it is wished to keep the weight to a minimum,
the specific impulse or the ratio of total impulse to gas weight should be a maximum value.

In order to keep the tank weight at a minimum value it is necessary to select a gas which

has maximum density at a given pressure. The two criteria are usually mutually incom-
patible, as indicated in the below formula. Table 5.5.2-1 presents information on candi-
date gases.

The specific impulse (Isp) for an infinite area ratio nozzle is calculated from the formula:

Isp = k-1 mg

= ratio of specific heats

-- lb. m-ft
R = Universal gas constant, 1-B-_V.f__--_R

T = temperature, °R

2
g = gravity, 32.2 ft:sec

m = Molecular weight, Mole

This is the data given in the second column of Table 5.5.2-I. The value of the ratio of

specific heats determines how close by the theoretical Isp for a given area ration nozzle

will approach that of the infinite area nozzle; the higher the _ the less the AI . The
ratio of specific heats is given in the third column, sp

The Isp values of the second column are corrected for the nozzle area ratio of 100 by the
formula:

I = I 1 - (Pe/Pl)
sPe = n sp_ =

where: Pe/P1 is determined from the formula:

At - (K2_l) P(_l-1) //g+l Pe K
A e _2_-- 1 1- _11

Pe exit pressure, psia

Pl = chamber pressure, psia

2
A e exit area, in

2
A t = throat area, in

The reason for choosing an area ratio of 100 is that the nozzle throat diameters will be

fairly small, and thus a nozzle with an area ratio of 100 will not be prohibitively heavy
compared to the increased performance attainable.

The fourth column shows the effect of the 5 and the area ratio on the specific impulse.
The effect of the low__ is shown in the case of Freon 14 and argon where the maximum

specific impulse of Freon is greater than that of argon, but for a nozzle with an < = 100

the argon has a higher I
sp"
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Column five compares the various gas weights for the system without any allowance for

losses due to inefficiencies. It is obvious from the standpoint of gas weight alone that

hydrogen or helium systems would be the best. However, tankage weight becomes a prime
factor• The tankage weight may be determined from the formula:

Wg =

R =

• 0238 ZR Wg

compressibility factor of gas

gas constant, R/°R

W = weight of gas, lb.

This is based on 6AL-4V titanium tanks with a burst to operating pressure ratio of two, a

boss weld and scratch allowance of 25% and a storage temperature of 530°R. Column 6

gives the gas constants while Column 7 gives the compressibility factors and the associated
storage pressure.

The optimum storage pressure from the standpoint of obtaining hardware and keeping

the tankage volume to a reasonable value has been found in the past to be 3000 psi. Higher
pressure storage results in difficulty in obtaining reliable hardware. Reducing the pres-

sure results in large tankage volumes. In the cases of hydrogen, argon andFreon 14 the
lower storage pressures were selected based on a minimum compressibility factor, with

re sultant weight savings in the tankage. In the cases of carbon dioxide, ethane and xenon,
the lower pressures were chosen since the gases change to the liquid phase if stored at
higher pressures.

Cohlmn 9 gives the total tank and gas weights. If no other factors were involved the gas

ehosenwould be the one with the lowest total weight. However, the other requirements of
volume, cost, safety, compatibility and reliability must be considered.

The critical temperatures of carbon dioxide and ethane are 548°R and 509°R, respectively.

Thus from a system reliability standpoint, they are rejected since they may liquify if there

is ,, thermal control failure. Krypton and argon must be eliminated on the basis of cost.
Argon costs about twenty dollars per cubic foot, and krypton is about one hundred dollars

per cubic foot. Methane must be eliminated on the basis of its questionable compatibility
with available hardware. Oxygen is eliminated because of the safety hazards involved.

Hydrogen is also eliminated for this reason along with its weight disadvantage.

Xenon is eliminated on the basis of cost, weight and its high critical temperature. Neon

and helium are both eliminated because of their high weights.

This leaves Freon-14 and nitrogen with respective weights of 50.5 pounds and 62.6 pounds

and tank diameters of 14.9 in. and 18.4 in. Freon 14 has the one disadvantage that it is
more expensive than nitrogen. However, it is not so expensive that it should be eliminated

from a cost standpoint. The cost can be kept to a minimum by using less expensive gas

for the ma3ority of testing and using the Freon only where necessary.

Freon-14 has been used in other successful systems, thus there will be minimum develop-
ment risk. In addition, its characteristics include non-flammability, low level of toxicity,

excellent thermal and chemical stability and low viscosity. Therefore, the choice of cold
gas must be Freon-14.

C. I Aqa!ysis (Pulsing _ode)
sp

Analytical and experimental data have shown that in a nitrogen cold gas system, when
working with small throat diameters and low chamber pressures, the losses become very

large. These losses are in effect caused by the presence of a boundary layer in the diver-
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gentsection of the nozzle. This boundarylayer causesa loss bothby reducingthe area
ratio of the nozzleandby a loss of momentum. It is expectedthat the losses experienced
with Freon-14will beof approximately thesamevalue. The reasonfor this is that the
Reynoldsnumberfor Freon-14 will beslightly higher, thus a thinner boundarylayer, but
the nozzlethroat diameter will be smaller.

The following discussion is basedonnitrogendataon the basis that the efficiencies should
comecloseto representingthe Freon efficiency data.

Shownbelow is a curve of nozzleefficiency versus chamberpressure for a nozzleof . 010
inch throat diameter.

!

>4
CO
Z

97

95

25

PRESSURE

5O

It is seen from the curve that so long as the system operates above 25 psia the losses are

of an acceptable level. At chamber pressures much below 25 psia, the losses become
excessive. Therefore, it is desirable to operate the system at apressure of around 30

psia.

Shown below is a chamber pressure trace of a nozzle when it was directly coupled to the
solenoid valve.

P 0 PSIA

t_

= 10MS

X "J

p = 30 PSIA J

xT=10+

T = 0 T = 10 +X + 86 MS

As can be seen, during the pressure rise and decay there are finite periods of time when

the pressure is below 25 psia. This means that the efficiency for the rise or decay period

is less than that of steady state and in turn will reduce the Isp of the total pulse from that

of a steady state Isp. By eliminating the steady state time "x" for this particular valve
and nozzle combination, the minimum repeatable impulse bit is obtained. Thus this would

represent the worst case.

By integrating the area under the curve, while introducing avariable efficiency, and ad-
justing the pressure curve so that it represents the flow curve, the specific impulse of
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the rise anddecayareas are determined. For this particular combination, they are 69.4
secondsand57secondsrespectively, as compared to 70 seconds for steady state. Com-

bining the rise and decay into one pulse gives and Isp of 61.5 seconds and an equivalent
on time of 22 milliseconds. Therefore, for a minimum impulse bit of 30 milliseconds,
the I will be 63.8 seconds.

sp

Applying this to Freon-14 would mean an Isp of 44 for an equivalent minimum impulse
bit time of 30 milliseconds. The steady state specific impulse would be 48.3 seconds,

D, System Configuration

By the nature of the requirement that there be no lateral motion during rotational correc-

tion, it is possible to incoroporate redundancy in the system without a substantial increase

in weight. This is done by using one system to supply half of each couple and a second
system to supply the other half.

The schematic of the complete system is shown in Figure 5.5.2-1.

Since the two systems are completely divorced from each other, except for a common

fill line, a complete lo3s of gas in one system will not cause any loss in the other. There-
fore, if there were to be a catastrophic leak in one side, the other side could continue to

perform the required functions at half of the thrust level, and thus performance in a de-
graded mode could be obtained. A latch valve between the two tanks provides a means of
using gas from one tank in the event a valve in that half fails closed.

The shut-off valves above each pair of solenoid valves and nozzles perform the function of
redundancy. They operate whenever any of the downstream valves are actuated and serve

as a back-up seal in case a downstream valve fails to open or begins to leak.

The specific impulse of Freon will be 48.6 seconds based on half the gas being used in the

minimum impulse phase of operation and an average mission temperature of 125°F. An

additional 1.05 pounds must be added to the tank weight so that there will be a 1.5 to 1
safety factor at 170VF in flight.

The system weight breakdown is as follows:

Gas (5"' leakage)

Tanks (2)

Check _Zalve

Filters (2)

Pressure Begulators (2 dual)

Shut-Off Valves (6)

Solenoid Valves (4 packages of one, 2 packages of 4)

Nozzles (2)

Tubing

Pressure Transducers (4)

Tem_rature Sensors (4)

I.atch Valve

43.2

14.1

.12

.8

6.18

5.04

5.2

1.2

2.8

1.0

1.0

1.85

82.24 lbs.
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Figure 5.5.2-1. Cold Gas, GASEOUS-STORED SCHEMATIC
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5.5.3 COLD GAS - LIQUID STORED

a. De f init ion/Des c r ipt ion

The cold gas liquid stored system is the same as the cold gas-gaseous stored system, ex-
cept that the propellant is stored in the liquid state. The advantage of this system over the

gaseous stored system is that no heavy high pressure storage tank is required. The system

must, however, have some mechanism to separate the usable gas phase from the liquid
phase. This usually consists of a permeable, heated membrane. The system may be pres-
sure regulated depending on the thrust accuracy required and the temperature variation
of the system during the mission.

B° Comparison and Selection of Optimum Liquid

The liquid system differs greatly in the choice of the propellant as opposed to the choosing
of a gaseous propellant. The difference lies in the fact that the tankage weight of the liquid

system is a very small percentage of the combined propellant-tankage weight. Because of
this, propellant density has very little effect on the selection of the propellant.

The first criterion for the liquid selection is past experience. With this as the primary
criterion, the problems arising from too little knowledge of the materials are eliminated.
It was on this basis that the twelve liquids in Table 5. 5.3-1 were chosen. All have been

used to a large extent and much information has been gathered about them.

The first column shows the liquid temperature ranges of the various materials. Since the

mission temperature range of the system is 70°F to 170°F, the liquid range must extend
safely past this range. This eliminates acetone, ethyl alcohol, n_ethyl alcohol, ammonia,

benzene, carbontetrachloride, chloroform, and ethyl ether. It should be un=terstoodthat
these liquids could be used by containing them under pressure. However, since this would

lead to heavy tankage when other liquids with high I 's were available, they were eliminated.
sp

Using columns 2 and 3, the maximum theoretical I may be calculated by the formula:
sp

_2 RTIsp = k-1 M g

These values are given in column 4.

Column 5 gives the vapor pressure range over the temperature range. Mercury is elim-
inated, both because of its low specific impulse and its vapor pressure, which is too low

to be useful. Hydrogen peroxide is eliminated since its vapor pressure is too low for
efficient performance.

This leaves water andhydrazine. Water has the advantages of being more stable, less

corrosive and offers a weight advantage of 5.3 pounds. The only advantage that the hydra-
zine offers is it has a slightly wider temperature range. Since the water's temperature

range will suffice for the mission, water is chosen as the candidate propulsion media for
the liquid stored-cold gas system

C. System Configuration and Con_patibility with Requirements

The system configuration will be the same as that of the gaseous stored system. A regulator
must be used in the system since the vapor pressure will vary during the mission life. The

pressure will be initially regulated to 0. Tpsia: as the vehicle reaches the planet, the supply

pressures will fall below this due to system cooling, the regulator will open fully and the
system will operate directly on the actual vapor pressure. This will tend to keel) the vehicle

accelerations constant since at this time the moments of inertia have l_een reduced by the
removal of the I_anders.
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Thetank configuration is shownbelow:

OUTLET PORT

HEATINGWlRES----_

LIQUID-----

i
_.\NN N\N \\N\\\ \ \\\\ \N\ \N\\

FILL PORT

SPRING

PERMEABLE
DIAPHRAGM

_-----TANK

_BAG

The water is contained in a nonpermeablebag witha permeable top. The bottom of tile bag

is reinforced with a plate and backedup by a low"k" spring. It is the purpose of this
mechanisn_ to keep the water against the permeable top. It should be noted that theiop is

only permeable to water vapor and not to the liquid itself. The dial)l_ragm is backed up by
heating wires which vaporize the water and allow it to pass through the diapt_ragm. Tlw

whole system is then enclosed in a light-weight aluminum tank.

Care must be taken in the thermal design and installation of the system, for the tempera-

ture of everything below the source must be kept slightly higher than the source, or con-
densation will occur. This would have to be done by proper routing,

of the tubing and hardware.

The following is the system weight breakdown:

Water (95 _ efficiency, 1% leakage) 21.5

Tanks (2) 2.5

Check Valves (1) .12

Pegulators (2 single) 3.09

Shutoff Valves (6) 5.04

Solenoid Valves (4 packages of 1:2 packages of 4) 5.2

_'Tozzles (12) 1. 2

coating or heating
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Tubing 2.8

Pressure Transducers 1.0

Temperature Sensors 1.0

Filters (2) .8

Latch Valve 1.85

46.1 ibs.

The specific impulse of water has been changed from 106.7 seconds to 99 seconds to account
for the fact that the nozzle will be of a 100 to 1 area ratio and not an infinite area ratio.

The system is capable of supplying the required total impulse, at the required thrust level
with an acceptable system weight. Its minimum impulse bit will be comparable to that of

the gaseous stored system, while its volume will be less.

There is no question of its exhaust products being compatible. The cost and availability,

along with safety, offer no problem. The operability assurance requirement is easily met
since each system can be tested before flight.

There will be considerable development risk, however, since little work has been done on

such a system. The greatest problem is that of reliability. For proper operation of the

system, temperature control must be maintained. The reliability of the basic system is
less than that of the gaseous-stored system due to the phase separation mechanism. Thus

any further reduction such as that due to the temperature control problem may reduce the

reliability to an unacceptable value.

The power requirement is also of some concern since nearly 200,000 BTU will be required
to vaporize all of the water. There will be times when no excess power is available, thus

additional power supplies would have to be added to furnish the power. This is not included

in the weight breakdown.

5.5.4 COLD GAS - SOLID STORFD

A, Definition/Description

A cold gas system, solid stored is similar to the ordinary cold gas, gaseous stored cx-

cept that the propellant has the property that it may be stored as a solid at ambient con-
ditions. As a solid it sublimes until it comes into equilibrium with its vapor state. It is

this vapor which is used as the propellant. The advantage of this type of system is that
since the stored state is a solid with a relatively low vapor pressure, the storage tank

weight is very low.

Be Compatibility with Bequirements

Presently there is knowledge of three subliming solids whose properties allow them to be

considered as cold gas propellants. The first has a vapor pressure of 332 psia at 65°F,
the second, 6.5 psia at 70 F, and the third, 0.6 psia at 70°F.

The first material must be eliminated on the basis that it will liquify at temperatures

above 82°F. Sin:'e the system temperatures will certainly be above 82°F during the

mission life it would mean that special equipment would be required to separate the

liquid from the gas.
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The 0. $psia material must beeliminatedbecausethe required thrust levels wouldneces-
sitate relatively large nazzles. In addition, for reasonsthat will beshownlater, it is
desirable to be able to regulate the pressureto a lower value. This wouldnot bepractical
with a 0.6 psia material.

The material with the 6.5 psi vapor pressure seemsto bean acceptablecold gaspropel-
lant. It hasa ratio of specific heatsof 1.31, a molecular weightof 25.6 and a density of

1.5 grams/cc in the solid state. Using the formula for specific impulse of:

[()k::= 2k t_'T 1 - P2 k

Isp g m Pi

the value of 80 seconds is obtained for a nozzle with an efficiency of 95 °zÈand an area ratio
of 100.

The low operating pressure will require nozzles which are somewhat larger than would t)e

needed with higher operatin_ pressures. However, they will n.)t be unduly large.

The minimum impulse bit, response time, degrees of con__rol, volume and power will be

essentially the same as those of the gaseous stored cold gas system.

As of this date. two units have been built by Rocket 1Research Corporation and are presently

being tested. Development work is c:mtinuing on the syslem and it is expected that il will
be fully developed and flight tested by 1969. There is at the presenl lime. however, some

de ve lopment risk.

The requirements of c,'.)st, safety, opt, rabHiiy assurance, scienlific compatibility and com-
patitfle exhaust products will all be Tel b/ the system. The reliability of the syslem hin_es

up:m the temperature environment. Temperature c,)ntrols of tank, lines, anct valves ('ould
be a serious problem. If the control of the temperature has a high reliability, the system

will be as reliable as a gas stored system. But as the temperature contrc_l reliatfililv is
decreased slightly, the solid system's reliability will be greatly reduced.

Two requirements that should be especially considered are the thermal environment and
the thermal environment and the development risk. The solid is greatly affected by its

temperature environment; for as the temperature is increased, say to 150°F, the vapor

pressure increases to 60 psia. This will not present any particular problem since the

tank is designed to withstand 150 psi; however, it will require the pressure to be regu-
lated. This necessity to regulate is increased due to the fact that if the system is at

a constant pressure throughout and the temperature at any point falls below that of

the supply, the gases will solidify. By reg'ulating down to 2 psia, the solidifying tempera-
ture is reduced to 40°F. Therefore, by maintaining the tubing temperatures above 40°F,

by proper location, coating, or heating_ the system may be successfully operated.

C° Design of Candidate System

There is a disadvantage in that the initial 331 pound-seconds can not be supplied at the
rate required due to excessively high heat input rate required. This is overcome by using
an over-sized tank for the propellant and filling the remainder with a gas such as Freon-

14 or nitrogen, which will perform thc ip, itial stabilization. In this case, nitrogen is

the choice, since the tank weight is not based on the gas weight or pressure but on the
minimum tank wall thickness that can be manufactured.

The weight of the subliming solid and the nitrogen will be 25.8 pounds and was calculated
as follows:
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331 lb sec
W =

n 2 72 sec

W = 4.6 pounds
n2

1669
Ws = 80 -20.9 pounds

To account for leakage, 0.1 pounds extra of nitrogen was added for the period from
charging to initial stabilization, 0.2 pound of extra solid was added for the one year
mission. This percentage of solid added is less than that of the nitrogen since it will
be stored at a much lower pressure even though it will be stored longer.

Wtota 1 = 4.6 + o. 1 + 20.9 + 0.2

Wtota 1 = 25.8 pounds

The tank volume is determined by:

RT
Vt= V w + Ws s P-- n2

where V = specific volume of solid lb/ft 3
s

w weight of solid, lbs

R = gas constant, ft/°R

T = gas temperature, OR

p gas pressure, psig

w = weight of gas, lb.
n2

V - 1 x21.1+ 55.13 x530
t 93.8 150 x 144

V t = 6.58 ft 3

therefore if two tanks are used

v t 3.29 ft 3

and the radius is . 925' or 11.1"

x4.7

The tank weight is calculated from the formula:

Wt--4=r 2 tpff

,;;here r = ta!_k radius,

t = tank wall thickness,

P : material density, lb/in 3

f f= 1.25
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W t= 4 g(ll.1) 2 .018 (.16) 1.25

W t = 5.6 pounds

Thus the total weight of the gas, solid and tank is 31.4 pounds.

The system configuration will be the same as the gaseous stored configuration, and thus

the hardware weight will be the same, i.e., 25.19 pounds. This, added to the tank
and propellant weight, gives a system weight of 56.59 pounds.

5.5.5 HOT GAS

Ao Definition/Description

A hot gas system, as used herein, is defined as one in which two propellants (a fuel

and an oxidizer) or a single propellant (monopropellant) liberates thermal energy by

means of a chemical reaction. Due to the chemical liberation of the thermal energy, the
specific impulse of the propellants is usually high.

The operating fluids may be stored in the liquid or gaseous state, the usual being the
liquid state. When stored as a liquid, a gas pressurization system is usually added to
expel the liquid from the tank.

Bo Comparison of Systems by Requirements

The choice of a gas or liquid hot gas system can be made based on three requirements:
weight, reliability, and development risk. The other requirements are secondary, since

in each category there are propellants which will meet the other requirements.

The majority of the impulse needed for the mission is required in pulses of 20 to 30
milliseconds. For these pulse lengths, liquid propellant performance is no better than

cold gas, and probably considerably less. There would be a tank weight advantage, but
the control components required would add additional weight. Positive expulsion devices
would be required. From the standpoint of weight alone, this system would probably

not be competitive. The primary disadvantage is complexity, with attendant decreased
reliability.

The stored gas bi-propellant system has the advantage of higher specific impulse, even

at short pulse lengths, since no energy is required to change the phase of the propellant.

However, for 20 to 30 milliseconds, the improvement over cold gas is not appreciable,
especially considering the additional control valving required. Reliability is low,
compared to cold gas, and little development experience exists.

For these reasons, hot gas systems are not considered applicable to the Voyager
mission.

5.5.6 CAP PISTOL

A. Definition/Des cr iption

The "cap pistol" system, under development by _uz Lt_-,,__-" "':_ uT..;,..,.,,_,,,C_ t_.. ati"'_, i¢._
basically a solid propellant pulse rocket system. Miniature rockets are attached at
reGmlar intervals aloz_ a tape which is driven by a stepping motor. Each small

rocket contains its own nozzle, chamber and ignition system. As it reaches the sprocket

of the stepping motor, the collapsing field of the motor ignites the rocket producing a
small thrust.
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B. Compatibility with Requirements

The system is capableof supplyingthe total impulse at the required thrust levels. It
cansupplythe required minimum impulsebit, but it will not be at optimumweight
condiiions. The weightper impulsebit at suchsmall levels is approximately 0.075
poundper second. At higher impulse levels this figure couldbe reducedby anorder
of magnitude. The system couldbebrokendowninto 4 thrust locationswith two storage
bins for the million rockets required.

Thepower requirements are comparablewith those of a solenoidvalve, andthus present
noproblem. Sincethe propellant formulation canbe readily changed,the exhaustpro-
ducts couldbemadecompatiblewith the rest of the spacecraft, if they were not so
already.

The steppingmotors havebeensubjectedto a series of environmentaltests andhave
successfully passedthem. The rockets themselvesare encapsulatedandhavebeen
subjectedto high vacuumfor prolongedperiods of time without anydegradation. The only
problem that may arise is that of operatingthe motor for a prolongedperiod of time in a
high vacuum. Sincethis problem hasbeenencounteredbefore andsolved, it shouldbe
capableof beingsurmountedfor this application.

The reliability of the rocket portion canbemadeexceptionallyhigh by the addition of a
few extra rockets in eachunit.

Safetyandcost present noproblem, andthe units shouldbe scientifically compatible.
Considerabledevelopmentrisk exists, however, since there is little experiencewith the
unit.

Co Design of System

The system consits primarily of three units; the stepping motor, the rocket tape and

storage bins. Four motors would be used, and two storage bins, to provide the plus
and minus couples about the three principle axes.

Since it is not previously known when the minimum impulse bit will be required, all the

rockets must be sized for the minimum impulse bit. When larger pulses are required, two
or more rockets are fired in series.

The systems weight is high, due to the excessive case weight for the small impulse bit.

Weights are as follows:

Rockets (2000 lbs sec @ . 075 lb sec)

Stepping Motor (4 @ 0.8)

Storage Bin (2 @ 1.2)

- 150.0

- 3.2
= 2.4

155.6 pounds

5.5.7 ELECTRIC PROPULSION

The term electric propulsion as used herein refers to any of the methods wherein elec-

trical energy is used to accelerate the propulsive substance, whether by simply increas-

ing the temperature or by accelerating in a magnetic field. These systems have varying

applicability to the Voyager mission, but do not have sufficient development experience

that they could be considered within the present projected schedule.

5.5.8 CHOICE OF SYSTEM

Table 5.5.8-1 gives a summary of the systems considered and not previously rejected.
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The cap pistol system is eliminated immediately, due to its high weight. The liquid
stored and solid stored systems represent weight savings of 36.1 pounds and 25.6 pounds,
respectively, over the gaseous stored system. However, they both have a major tempera-
ture control problem, offer considerable development risk, and are inherently less
reliable due to their complexity. Because of these three disadvantages, all of which
jeopardize the mission, the liquid and solid stored systems must be rejected. By using
the gaseous stored system, the weight is increased, but reliability has been increased and
development risk greatly lessened.

5.5.9 COMPONENTS

A Nozzles

The nozzles will be of modified bell configuration with an area ratio of 100. This is based
on two considerations. The first is that since Freon-14 has a low ratio of specific heats;
greater efficiency is obtained by going to larger area ratios. Since the thrust levels are
small, the throat areas are small, and in turn, the nozzles will be small and will not
become a weight or size problem for large area ratios. Ideally, it is feasible to go
to an area ratio of over a thousand. The limitation of an area ratio of one hundred is based on
the fact that this ratio will cause a small percentage of the gas to begin to lique .fy at
the exit of the nozzle. The effect of this phase change is to reduce the increase in thrust
obtained by going to a larger area ratio. The area ratio could certainly be increased to
above 100 without any detrimental effect, but how much net increase in specific impulse it
would produce is questionable. A more detailed and intensive effort would need to be made
to determine the advisability of going to the larger area ratio.

The coefficient of thrust of the nozzle is obtained from the formula:

./2k 2 k+X/k-1 1i
Where: Pl = chamber pressure, psia

P2 = exit pressure, psia

P3 = ambient pressure, psia

A2/A t = area ratio

P2 " P3 A2
+

k = ratio of specific heats

P2/PI is determined from

for k = 1.16

At/A2 : 1/1000

p2/p I _ 11200

and Cf = 2.02
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Thethroat areas are obtainedfrom the formula:
FA-

Pc Cf Cd Ce

where: Pc = chamber pressure, psia

Cf = thrust coefficient

Cd = discharge coefficient

C e = efficiency coefficient

for the given thrust levels of . 047, . 043, and . 066 pounds and for:

P = 50 psia
C

Cf = 2.02

Cd = .95

C = .95
e

A roll = 5.16 x 10 -4 inches 2

A pitch = 4.72 x 10 -4 inches 2

A yaw = 7.24 x 10 -4 inches 2

or

d =.0256inch
r

dp .0245 inch

d = .0335 inch
Y

The flow rates are calculated from the formula:

rm=Cd AtPo 8.08 _k__ t 2 )2/k-1
k+l

where: At = throat area, ft 2

Po = chamber pressure, psf

k = ratio of specific heats

lb f-ft
R = gas constant, lbm :°R
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T = gas temp., OR

rm = flow rate, lb/sec

for P
0

= 50 psia

K= 1.16

R = 17.55 lb f-ft/lb m-°R

T = 505 OR

m = 8.84 x 10 -4 lb/sec
r

-4
m = 8.99 x 10 lb/sec

P

m = 12.4 x 10 -4 lb/sec
Y

or
,e

V = 0.231 scfm
r

_r = 0.212 scfm
P

= 0.324 scfm
Y

B. Valves

The performance requirements of the units do not present any problems since the flows
are low and the response time requirement is not strict. The repeatability of the mini-
mum impulse bit does not appear to be any problem since present state-of-the-art hard-
ware will meet this requirement.

The only major problem area is that of the temperature. Many of the soft seat materials
used in current valves are not compatible with the 170OF temperature. Two solutions
are at hand. One is the use of hard seats, and the other is to use new soft seat materials
which are compatible with the temperature. The latter approach is preferred, since the
leakage and self-contamination problems associated with hard seats far out-weigh the
problems that could arise from presently available soft seat materials which will with-
stand the high temperatures.

The question of high vacuum damage to the soft seat material has been answered by
several studies which have shown that permeation of gas through the material, plus its
natural confinement, will protect it from exposure to high vacuum,

C. Tubing and Tanks

All tubing connections are brazed or welded to minimize the leakage. All other potential
leakage points will utilize redundant sealing.

The tank is made of 6AL-4V titanium. It is spherical for minimum weight and is heliarc
welded about its girth. A safety factor of 2.2 at ambient conditions is used. This is
based on a safety factor of 1.5 when the system is at 170°F during transit.
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SECTION 6. POWER SUPPLY

6. 1 SUMMARY

6.1.1 MAJOR CONC LUSIONS

The major conclusions are as follows:

A. The following power supply systems are recommended for the Voyager
missions.

Orbiters

(1) Silicon solar cells and nickel cadmium batteries for all Mars and Venus

missions through 1973.

(2) Silicon solar cells and a silver zinc battery for the Mars 1975 fly-by
mission. (Nickel cadmium batteries might also be used, however, with

only a small weight penalty, about 5 - 10 pounds. )

Landers

(1) A radioisotope thermoelectric generator (fueled with Cm 244) and nickel
cadmium batteries for all Mars Landers.

(2) Silver zinc batteries for both Venus Landers.

g.

Tables 6.1.1-1 and 6. i. I-2 summarize key parameters of these recommended

systems.

Isotope thermoelectric generators, fueled withCm 244, look promising from
the standpoint of weight for all Orbiter missions. However, they are not

recommended for the 1969 Mars mission because of uncertainty in isotope

availability. They are considered to be possible alternate power supplies
for Orbiter missions after Mars 1969.

C.

Do

Isotope thermionic systems are also possible alternates for Orbiter m_d
Lander missions after 1969. Such systems are not expected to be available

for the Mars 1969 opportunity.

Isotope availability may be a serious problem for the Mars 1969 Lander

unless steps are taken immediately to assure production of the necessary

quantities by the time required.

Eo Uncertainty in earth safety _md planet contamination ground rules has a

major effect on performance estimates of isotope generator systems and
should be resolved as soon as possible.

6. 1.2 PROBLEM AREAS

The following problem areas require further resolution:

A. Solar Ceils

(i) Radiation Environment

There is a high degree of uncertainty in the radiation environment to be expected, primarily

that of solar protons due to solar flares, so that degradation estimates for solar ceils clue
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to this factor are open to serious question. Further effort should be made to resolve

this uncertainty.

(2) High Temperature Degradation

There is some experimental evidence to indicate that solar cell performance will degrade

significantly if cells are exposed to temperatures in the vicinity of 250 F or higher for

long periods of time. Since solar cell operating temperatures of the present design for
Venus Orbiters are in this range, this effect must be quantitatively evaluated early in

the development program.

B. Batteries

This study has assumed that itwill be possible to sterilize silver zinc batteries in time

for use on the Venus Landers. Such a technique has not been demonstrated as yet. If

itcannot be done, use of nickel cadmium batteries will probably be required, with a re-

sultant increase in battery weight by approximately 17 and 37 pounds respectively for the
1970 and 1972 missions.

C° Isotope Generators

(I) Earth Safety and Planet Contamination Ground Rules

As previously mentioned, uncertainty in these ground rules has a major effect on per-

formance estimates. This uncertainty should be resolved as soon as possible.

(2) Isotope Availability

There are indications that isotope availability may not be as great as once estimated.

Significant slippage would make it impossible to use the isotope thermoelectric generator
for the Mars 1969 Lander. Every effort should be made t9 establish firm isotope require-

ments as soon as possible and assure production of required quantities by the time they
are needed.

(3) Helium Build-Up in Alpha Emitting Fuels

The amount of gaseous helium released during the decay of alpha emitting isotopes is
uncertain. This amount has a significant effect on isotope generator design. Investiga-

tions, now being made of this phenomenon, should, therefore, be continued and perhaps
accelerated.

6.1.3 ORBITER POWER SUPPLY

A schematic diagram of the Mars 1969 Orbiter power supply, which is typical of the
po_er supply for all of the Orbiter missions, is shown in Figure 6.1.3-1. Efficiencies

assumed for the various power supply components, including harness losses, are indi-
cated on the figure. The solar array, using N/P silicon solar cells, supplies power to

the load and charging power to the batteries when the vehicle is sun oriented. The re-

chargeable nickel cadmium batteries supply power requirements when the vehicle is not
sun oriented.

The battery charge regulator controls the rate at which the batteries are charged. It is

a switching type unit which maintains the required average battery charging current and
operates at a very high efficiency, as indicated. With this arrangement, the battery also

provides coarse voltage regulation on the main bus (the bus voltage varying between battery
charge and discharge values) with an expected variation of approximately +- 15 percent.

Each load provides its own voltage level and regulation.
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The power control unit provides for switching of various components according to com-

mand and/or programmer inputs, contains input connections from ground power, and

may also provide some circuit protection.

More detailed performance parameters of the solar array for each of the Orbiter missions
are given in Table 6. 1.3-1. Values of the solar cell performance factors assumed are

given in Table 6.1.3-2, and the solar array thermal factors used are given in Table 6.1.3-3.

6.1.4 MARS LANDER POWER SUPPLY

A schematic diagram of this system is the same as that shown in Figure 6.1.3-1 for the

Orbiters except that the isotope thermoelectric generator (RTG) replaces the solar array.

For this mission, the batteries handle peak loads only.

Figure 6.1.4-1 is a drawing of the resulting generator design. The unit is cooled either

by convection or radiation or by a combination of the two, depending upon the operating
mode. The circulating coolant is used exclusively until planet impact, rejecting heat

during the operating modes as indicated below:

Mode Circulating Coolant Rejects Heat To

Pre- Launch Ground radiator

Launch Water evaporator

Transit Space radiator

Re-entry and descent Water evaporator

After planet impact, the nose portion of the Lander is removed, exposing the fins of the
generator to the environment. Heat is, thereafter, largely rejected by the fins while the

circulating coolant is used for vehicle thermal control.

The design concept indicated here is aimed toward satisfying the following ground rules:

Isotope must be contained under all conditions for ten half-lives

Sufficient void volume must be provided to contain the theoretical quantity

of helium gas generated in the isotope decay

Isotope temperatures must be below the melting point under normal operating
conditions

The first two ground rules are based on an interpretation of Reference 6-1, given in the

reference paragraph at the end of Section 6.0, and discussions with various NASA personnel.
The last rule occurs because of the nature of the design, wherein the hottest portion of the

isotope is adjacent to a porous inner metallic container. It is not considered prudent to

operate in the molten state under such conditions. At the present time, it is apparently
not clear as to what the proper ground rules should really be as far as earth safety and

phmct contamination are concerned. However, in the absence of firm information, this

sludy has emphasized the above approach.

Consequently, the design shown in Figure 6. 1.4-1 has a large void volume, a thick isotope
capsule wall, and a thick shield of beryllium for re-entry protection. Although the design
shown is believed to be a reasonable approach towards satisfying the ground rules, it has

not been possible to analyze all failure modes in the detail that would be desirable, and

the design can only be considered to be approximate.
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TABLE 6.1.3-2. SOLAR CELL PERFORMANCE FACTORS

Type of cell

Efficiency of bare cell
(Free space, 85°F)

Manufacturing loss factor

Ultra-violet degradation factor
Meteorite loss factor

Packing factor

Temperature degradation

Radiation degradation factor
1969 through 1972

1973 through 1975
Cover glass thickness - mils

(Fused silica)

N/P
11%

0.97

0.95

0.95

0.9

-0.26% per OF above 85°F

0.78

0.86

6

Filter Characteristics

Type

Cut-on wavelength (microns)

Cut-off wavelength (microns)

Solar absorptivity
Transmittance factor

(Relative to bare cell)

Mars Venus

None* Blue-Red

-- 0.51
-- 1.01

0.938 0.57

1.00 0.85

* Final design might use a blue or a blue-red filter. Typical cut-on and cut-off values
for latter are 0.43 and 1.09 microns with slight increase in power output.

TABLE 6.1.3-3. SOLAR ARRAY THERMAL FACTORS

Emissivity
Front of cell
Front of structure

Back of structure

Solar absorptivity
Front of structure

Planetary albedo
Mars

Venus

Effective radiating temperature - OF
Mars

V enu s

0.83
0.80

0.90

0.10

0.15 Sun

0.70 Sun

-47

-47
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Table 6.1.4-1 provides a summary of pertinent performance characteristics of this design.

TABLE 6.1.4-1. ISOTOPE THERMOELECTRIC GENERATOR DESIGN

Power Output of Generator
Power Available at Load

Output Voltage
Weight
Diameter (Excluding fins)

Length
Fin Length
Thermoelectric Efficiency
Generator Efficiency
Thermoelectric Material

Number of Thermocouple Pairs
Number of Series Strings
Isotope
Initial Thermal Output
Thermal Output - 1 year
Isotope Melting Temperture
Isotope Temperature
Capsule Temperature - (Inner)
Hot Junction Temperature
Cold Junction Temperature
Fin Base Temperature
Void Volume

watts 82
watts 70
volts 28
lb. 54
inc he s 10
inches 11
inches 9
% 4.7
% 4.3

GeSi
480
2
Cm 244

watts 1970
watts 1900
OF 4062
OF 3269
OF 1709
OF 1300
OF 575
OF 543

% 465

Helium Buildup 1 year 50 years 100 years

Capsule Temperature - OF

Helium Pressure - psia

6.i.5 ISOTOPE AVAILABILITY

1700 740 150
730 6180 3270

Consideration has been given to isotope availability for the Mars 1969 Lander power sup-
ply in relation to requirements based on the following ground rules.

A full size isotope capsule, with real or dummy generator, is needed by
1 July 1967 for checkout of ground handling equipment. This capsule need
not be flight qualified.

A.

B. All capsules and generators must be available at the launch site by 1 December
1968.

A total of seven flight units is required, consisting of two flight Voyager
systems, a back-up system, and a spare unit. (There are two Landers and
hence two generators per Voyager system. )

C.

D. Two units must pass through qualification.

The two isotope capsules which go through qualification tests can be used
later for flight units. Generators which go through qualification tests cannot
be used later for flight units.

E°

With the above ground rules, a development schedule was prepared which endeavored to
delay isotope delivery as long as possible. This schedule assumed a two months delay
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from the time the isotope was available until it was encapsulated and delivered to the

point of required use. With this schedule, the following key isotope availability dates
resulted:

For checkout of ground support equipment (1 unit) - 1 May 1967

For 1st qualification unit - 1 September 1967

For 2nd qualification unit - 1 October 1967

For flight units - 1 per month starting 1 June 1968, with a total of 5.

A similar procedure was followed for later missions, except that it was assumed that no
units would be required for checkout of ground support equipment or for qualification tests.

The resulting isotope requirements are shown on Figure 6.1.5-1 and compared with the
availability estimates for Cm 244 from Reference 6-2. Also shown on Figure 6.1.5-1 are

the effects of a two-year delay in isotope availability. There are recent indications, for

example, from discussions with the Isotopic Power Branch of the AEC, that there might
be such a delay in availability of Cm 244 and perhaps a similar delay in Pu 238. Figure

6. 1.5-1 shows that, if such a delay indeed occurs, there will not be adequate Cm 244
available for the Mars 1969 Lander mission, although there will be enough for later
missions.

In addition to the ground rules listed at the beginning of this section, it would be highly

desirable, and perhaps necessary, to obtain delivery of the RTG units, without isotope

capsules, beginning 1 July 1967 at the rate of two a month. In order to meet this require-
ment without excessive overlap of development and production and consequent undue risk

of unsatisfactory flight units, it might be necessary to shift the required availability dates
of the qualification unit isotope capsules ahead by several months. This would further

aggravate the isotope availability picture.

As a matter of interest, similar schedules were prepared assuming use of isotope thermo-
electric units for Orbiter power supplies. The required total isotope availability for

Landers and Orbiters is also shown on Figure 6.1.5-1. It indicates that the isotope re-

quirements are dangerously close to the availability estimates, assuming no slippage.
This situation is believed to constitute too great a risk of missing the launch window flight

date and forms a major basis for not recommending isotope thermoelectric generators

as the Orbiter power supply for the Mars 1969 mission.

It is apparent from the foregoing that isotope availability in relation to requirements may

be a serious problem and should receive immediate attention if a long lived Mars 1969
Lander is to be achieved. For, there is no presently conceivable way of obtaining mission

lifetimes on the Martian surface longer than a few hours or days unless a radioisotope

thermoelectric generator is used. Included in such considerations, of course, would be
the possibility that availability of Pu 238 might be such that it should be used for the Mars

1969 Lander rather than Cm 244, even though a weight increase would result.

6.1.6 ISOTOPE THERMIONIC GENERATOR DESIGN STUDIES

Design studies oi an isotope t]_ermionic generator have been carried out for an Orbiter
mission having a power output of about 360 watts. In carrying out this design, the same

ground rules regarding safety, helium build-up, and maximum allowable isotope temp-

erature were used as previously discussed. Again, Curium 244 was selected as the isotope,
rather than Plutonium 238, because of its higher power density which has an extremely

beneficial effect on weight total considerations.
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Twobasic generator designswere made, onewith helium void volume andonewithout.
Theseare shownin Figures 6.1.6-1 and6.1.6-2 respectively. A major distinction in
the designapproach, shownhere, andthat of the isotopethermoelectric unit is that the
ablation shield enclosesthe entire generator, exceptfor fins, whereas it enclosedonly
the fuel capsulefor the thermoelectric unit. The basis for this feature is that the higher
operatingtemperatures of the thermionic unit result in excessivelyhigh capsuleand
isotopetemperatures if the ablation shield is placeddirectly aroundthe fuel capsuleand
the resulting temperature drop is takenthroughit.

Performance information for the generatordesignof Figure 6.1.6-1 is given in Table
6.1.6-1.

TABLE 6.1.6-1. ISOTOPETHERMIONICGENERATORDESIGN

Gross Power Output(watts)
DC-DC Converter Power Output(watts)
Weight (lbs.)
Diameter (inches)

Length (inches)
CathodeTemperature (OF)
AnodeTemperature(OF)

Radiator Temperature (OF(root of fin))

Cesium Reservoir Temperature(OF)
GeneratorEfficiency (%)
Converter Efficiency (%)
Converter PowerOutput(watt/cm2)

CathodeArea per Converter (cm2)

Cathode-AnodeSpacing(inches)
Numberof Converters

Numberof Series Strings
Voltage Outputof Generator (Volts)
Generator Weight (lb/KW)

Isotope
Isotope Half Life (Years)
IsotopePower Density (watts/cm3)

IsotopeOperatingTemp. (OF(maximumat center))
IsotopeMelting Temperature (OF)

Void Volume (%(of radioisotopevolume))

360

320

91.7

13.6

15.08

2872

1432

1160

669

i0.25

11.4

7.16

2.1

O. 005

24

4

5.25

254

Curium 244

19

24.3

< 4062

4062

324
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6. 2 SCOPE OF STUDY

This study considered power supplies which might be applicable to both Orbiters and
Landers for Venus and Mars for the following missions:

Mars 1969, 1971, 1973, 1975

Venus 1967, 1970, 1972

Consideration of the Venus 1967 mission was dropped early in the study as it is not recom-
mended as an opportunity for the Voyager Program.

The following power supplies or components were considered for these missions:

Nuclear Reactor

Thermoelectric
Thermionic

Dynamic (Turboelectric)

Isotope

Thermoelectric
Thermionic

Solar

Thermoelectric
Thermionic

Dynamic (Stirling and Rankine Cycles)
Photovoltaic

Unconcentrated

V-Ridge
Concentrated

Fuel Cells

Batteries

Nickel cadmium
Silver cadmium
Silver zinc

Isotope dynamic systems were briefly considered but not seriously investigated. It was
felt that the power levels were too low for them to be promising from a performance
standpoint and that they were too complex relative to the isotope thermoelectric or
thermionic systems.

Chemical dynamic systems were also discarded rather early in the study because the
mission durations for Orbiters and the Mars Landers made them obviously heavy, while
the low power and energy requirements and their relative complexity made them unsatis-
factory competitors with batteries for the Venus Landers.
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6.3 APPROACH

6.3.1 SELECTION CRITERIA

Comparison of the various power supplies studied and the selection of the recommended

and alternate power supply systems were made using the following major criteria:

Availability

(Including development uncertainty)

• Weight and Size

o Environmental Effects

° Complexity/Reliability

o Modifications Required After Mars 1969 Mission

° Cost

Degree of Uncertainty in Performance Estimates

Tables 6.3-1 and 6.3-2 list all of the systems seriously considered in the study, along

with the major reasons for rejection of the unfavorable ones in light of the above criteria.

A point worth emphasizing, in this connection, is the extremely important influence the

Mars 1969 power supply has on the selection of power supplies for the future missions.
Fc_ obvious reasons of cost, time, and additional interface problems, use of different

types of power supplies in these later missions can only be justified if they promise very

large improvements in performance as viewed from an over-all systems aspect. There-
fore, further investigation of the possible alternate power supplies must include con-

sideration of such systems aspects in much detail.

6.3.2 PRELIMINARY SELECTION

Early phases of the study program* involved initial screening of the various possible

power supplies in order to eliminate those that could readily be shown to lack promise.
Considerations of availability and weight were the major criteria used. Power level

requirements were assumed to be about 1000 watts for the Orbiters and 300 watts for

the Landers. Orbit altitudes and shadow times were not known, but it was generally
assumed that power requirements during shadow, if the latter occurred, would be small.

Hence, comparisons of estimated weight were largely made on the basis of no energy

storage requirements. It was, however, recognized that comparison of solar systems
with nuclear or chemical systems, on this basis, left room for error if energy storage

requirements were later found to be significant. Hence, it was apparent that it would

be necessary to re-evaluate from time to time during the study to see if changing re-
quirements made it necessary to re-introduce a power supply that had previously been

discarded as not being promising.

Following this initial screening process, the following power supplies were considered

to warrant more detailed investigation and comparison.

Photovoltaic-battery - For all Orbiters

Isotope thermionic - For all Orbiters and Landers

*Most of this initial screening was done in pre-proposal studies carried out before re-

ceipt of the Voyager Study Contract, but will nevertheless be outlined in this report for

purposes of completeness.
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Isotope thermoelectric** - For Orbiters and Mars Lander

Solar thermionic - For Orbiters

Primary batteries - For Venus Lander

More detailed discussion of this initial screening process is contained in Section 6.4.

6.3.3 FINAL SELECTION

Final selection of the recommended and possible alternate power supplies was made by

carrying out more detailed basic studies of some of the systems than had been possible

in the preliminary selection process, as well as by utilizing more detailed mission re-

quirements as they became available.

The basic studies, referred to above, were carried out for concentrating photovoltaic

systems, isotope thermionic generators for Orbiters, isotope thermoelectric generators

for Mars Landers, and solar thermionic generators for Orbiters. These studies are
discussed in more detail in Section 6.5.

No design studies were made of isotope thermoelectric generators for Orbiters. Instead,
performance estimates were obtained at various times from the Martin Company, the

last information coming from a classified report (Reference 6-4 as given at the close of
Section 6.0) prepared by them for the Jet Propulsion Laboratory. These data were then

applied to the specific Voyager missions in order to estimate system performance in

comparison with other power supplies.

The end result of the studies, just described, was selection of the recommended and

possible alternate power supplies listed in Section 6.1.1. This is discussed in more
detail in Section 6.6

**This system was initially discarded on the basis of weight in the preliminary selection

process, but information obtained at a later date indicated significantly improved
performance. It was, therefore, re-introduced as a possibility.
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6.4 PRELIMINARYSYSTEMSELECTION

6.4.1 INTRODUCTION

Early in the study, a large numberof potential spacepower systemswere investigated.
Theseare listed in Section6.2 as well as in Tables 6.3-1 and6.3-2. In this section,
eachof thesesystemswill bediscussed, alongwith someof the preliminary conclusions
which eliminated someof them from further serious considerationanddirected the efforts
of the remainder of the study, especially thebasic studies consideredin Section6.5.

Thesepreliminary studies assumedthat theOrbiter solar systemswould beoriented
toward the sun throughoutthe transit phaseof the mission andthat energy storagerequire-
mentswere sufficiently small that they couldbe considerednegligible. Theweight of
orientation system, chargeableto the powersupply, was also neglectedin theseearly
studies. An important aspect in the studyof the Mars Landerswas the necessityfor
thermal control, the requirements for whichhad, therefore, to beconsideredin conjunc-
tion with thepower requirements. The expectedhigh surface temperature onVenus
severely limited both the energyrequirementsfor thesemissions andthe systemswhich
might supply thepower. For VenusLanders, emphasiswas therefore placedon high
temperature systems suchasisotope thermionic systems, andon energystorage systems
suchas batteries andfuel cells.

6.4.2 TABULATIONOF PERFORMANCE DATA

The performance data used in the preliminary tradeoff studies is tabulated in Table 6.4-1
along with an estimate of the "state-of-the-art" for each system and the advantages and

disadvantages. Explanatory notations are given on the page_ following the tables.

6.4.3 SYSTEM TRADEOFFS

A. Venus Orbiter

(i) Introduction

The power supply for the Venus Orbiter was exnpected to provide the power for the vehicle
while in interplanetary flight as well as when it was in orbit around the planet. It was

assumed that the power required for the interplanetary mission would be a relatively
small fraction of the power required while orbiting the planet. This occurred since the

predominm_t load during the orbiting phase of the mission was communications and since
the demand for communicating would be much less during the interplanetary mission.

Similarly, it was assumed that there was no need to communicate during the dark portion
of the orbit and that the electrical load during this portion of the orbit was a fraction of

the daytime load. *

The above assumptions _llowed all of the solar systems to be sized based on the solar
fhLx at Venus (248 w/ft. ), which is a definite advantage to these systems. Furthermore,

these assumptions made it most attractive to utilize the most dependable energy storage
devices and for all practical purposes eliminated the incentive to develop thermal energy

storage systems.

(2) Results

The power supply systems which appeared to be the most attractive for the Venus Orbiter
were:**

*Preliminary evaluation of the view of the earth from a vehicle orbiting Venus confirms

this assumption.

**Isotope thermoelectric systems later re-entered the picture based on new information.
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System

Explanatory Notes for Table 6.4-1

Note

Nuclear Reactor Thermoelectric Based on SNAP 10A performance estimates

Weight includes reactor, shield, thermo-

electric generator, associated pumps and
piping.

Nuclear Reactor Turboelectric Based on SNAP 2 performance estimates.

Weight includes reactor, shield, turbine and

generator, associated pumps and piping.

Radioisotope Thermoelectric Based on early Martin studies using Pu 238
or Sr 90.

Weight includes source, capsule, thermo-
electric elements, radiator and generator

structure, but no shielding.

Radioisotope Thermionic Based on results obtained in GE-MSD study.

(TIS 63SD 253) using Pu 238.

Weight includes source, capsule, thermionic

converters, and generator structure but no
shielding.

Solar Thermoelectric Based on General Atomic's flat paddle system
and Hamilton Standard's parabolic mirror

system.

Estimate includes micrometeorite loss factor

= 0.95, and power control refit and harness
loss factor = 0.95. Harness (13 lb/KW) and

power control unit (8 lb/KW) added to weight

of collector, radiator, thermoelectric ele-

ments and supporting structure for GA design.
Weight of Hamilton-Standard system included

collector, radiator, thermoelements, harness,
switching unit and support structure. Per-

formance of the Hamilton-Standard system
was derated to agree witha hot junction
temperature of l_000°F.

Solar Thermionic Based on General Electric preliminary de-

signs of similar multiple converter systems.

Estimate includes power control and harness

loss factor = 0.90, collector efficiency = 0.66.
Weight includes harness (13 lb/KW), power
control unit (8 lb/tChz), collector (0.4 lb/ft2),

support structure = 0.28 collector weight,

generator (11.5% efficient), radiator (integral

with the converter), but no DC-DC converter.
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Explanatory Notes for Table 6. 4-1 (Cont'd)

System Note

Solar Dynamic (Rankine) Based on Sunflower and the Sundstrand

Rubidium system.

Weig_ht includes collector (80% efficient, 0.4
lb/ft_'), radiator, pumps and associated

piping and controls, turbine, and alternator.

Solar Dynamic (Stirling) Based on information reported by Allison
Div., General Motors Corp.

Weight includes collector (80% efficient, 0.4
lb/ft2), radiator, pumps and associated

piping and controls, Stirling engine, and
alternator.

Unconcentrated Solar Photovoltaic Based on General Electric design.

Estimate includes soldering factor to account

for damage to cells during assembly = 0.95;
meteorite degradation factor = 0.95; diode
and harness loss factor = 0.95; radiation

degradation factor = 0. 915; correction for
blue-red filters (Venus mission) = 0.92: tempo
erature correction factor = -0. 245!!: per OF
rise above 85°F; N on P solar cells: bare

cell efficiency in space at 85°F = 10.5:_' for

the 1967 Venus mission, 11.5_ efficient for
the 1969 Mars mission.

Weight includes solar paddles (with 0. 006"

glass), power control unit (8 lb/KW), and
harness (13 lb/K_¢).

V-Ridge Solar Photovoltaic Based on General Electric design.

Estimate includes same degradation factors

as for unconcentrated photovoltaic and same
components with the addition of the collectors.

Correction for blue-red filter = 0.92 for Mars

and Venus.

Concentrated Solar Photovoltaic Based on General Electric preliminary system

weight estimates.

Estimate includes same degradation factors

as unconcentrated photovoltaic system.

System based on a single mirror, agenmetric
concentration ratio of 6, and a ratio of weight

of collector including frame to the weight of

equivalent paddle including frame of 0.1.
Fraction of solar energy reflected by mirror =
0.51 (mirror uses a filter): bare cell
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ExplanatoryNotesfor Table 6.4-1 (Con't)

System

Concentrated Solar Photovoltaic (Cont'd)

Note

efficiency = 11.5% in space at 85°F; cor-
rection for blue-red filter = 0.90.

Weight includes same components as un-

concentrated photovoltaic system with addi-
tion of concentrator.

Primary H 2 -0 2 Fuel Cells Based on General Electric - DECO design

similar to the one being built for Gemini.
High temperature system based on Texas

Instruments design estimates.

Nickel Cadmium Batteries

Weight includes fuel cell controls, fuel,

tankage, and fuel cell module. Radiator con-

trols included for high temperature system;
radiator weight assumed negligible for this
system. Thermal controls considered sepa-

rately for the low temperature system.

Based on General Electric designs reflecting

experience with Sonotone, Gulton and G E

batteries tested on the Advent program.

Weight includes cells and package, and per-

formance is based on constant current charging,
6 hour maximum current charge rate during

overcharge, 60% maximum depth of discharge,

16 hour minimum charge current rate, average
charge voltage = 1.43, average discharge

voltage = 1.2, 25% excess ampere hours over-

charge required at a 6 hour charge rate vary-
ing linearly to 100% excess ampere hours
for a 16 hour charge rate.

Silver Cadmium Batteries Based on General Electric performance

estimates based on tests of Yardney cells.

Weight includes cells and packaging.

Primaxy Silver-Zinc Batteries

Performance is based on a 3 hour constant

current charging rate, a 50% maximum depth

of discharge, no overcharge, and a charge-
discharge efficiency of 70%.

Based on the battery chosen for the Venus 1972
Lander.

Weight includes cells plus packaging.

Performance assumes that sterilization re-

quirements will not affect the weight or volume

and that cells will be float charged during
transit to compensate for approximately 3_:/

month capacity loss prior to discharge.
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a) A solar thermionic system if it wouldbe available.

b) An unconcentratedphotovoltaicsystem.

c) An isotope thermionic system.

(3) Discussion of Results

The weights of each of the power supplies considered for the Venus Orbiter are shown
in Figure 6.4-1 as a function of electrical power output. Note that the weights are for

systems with no energy storage and should, therefore, favor the solar systems.

At these power levels, however, it was apparent that all nuclear reactor systems would
be relatively heavy, and they were discarded from further consideration. The solar

dynamic systems (Stirling Engine and Solar Rankine) also appeared heavy with respect to

the other solar systems and were discarded for this reason as well as for their relative

complexity and early development status. At this point in the study, even the isotope
thermoelectric system did not look promising and was temporarily discarded. However,
information obtained later showed that its performance might be appreciably improved

over that assumed here. It was, therefore, re-entered as one of the systems for continued
examination.

The solar thermoelectric system on which these estimates are based is the flat panel

system under development by the General Atomics Division of General Dynamics Corpora-
tion. Though it looks interesting from the standpoint of weight, according to Figure 6.4-1,

confidence in these weight estimates is not high. Also, performance of this system is
based on the use of a selective coating on the collector which may be seriously subject

to degradation from various space environment factors, particularly meteorites. Finally,
at Venus the required area of a solar thermoelectric array was estimated to be about

35 percent greater than for a corresponding unconcentrated solar array. This system
was therefore discarded.

Figure 6.4-1 also indicates no apparent advantage from the standpoint of weight of a
V-Ridge photovoltaic system. This, coupled with concern over the effect of meteorites
and other environmental factors on the reflective surfaces, led to its being discarded.

No weight calculations were made of a concentrating photovoltaic system for the Venus

Orbiter; it being felt that because of the relatively high solar intensity already present,
it would not look very attractive relative to an uneoncentrated system. This opinion was

fortified by the results of the V-Ridge weight calculations (having a concentration ratio
of about 2) which indicated no weight advm_tage of that system in a Venus orbit. Coupling
this with concern over the effect of meteorites and other environmental factors on the

reflective surfaces, the concentrating photovoltaic system was discarded for the Venus

Orbiter. Later calculations, in some detail, of a concentrating photovoltaic system for a
Mars Orbiter (Section 6.5.2) lent further support to this decision.

B. Mars Orbiter

(1) hit roduction

The orbit of Mars around the sun is quite elliptic so that it is necessary to know exactly

the time at which the vehicle is to be orbiting the planet in order to evaluate the solar
flux. In these prelin_inary studies, it was assumed that the solar fltLx was 58. 7 w:'ft. 2

which would be the flux 150 days "after an October 6, 1969 arrival. Since the solar flux
at this arrival would be 68.0 w/ft. 2, the analyses were based on a conservative value.

Once again, it was assumed that no communications would be required during the dark

portion of the orbit and that, therefore, the power requirement din'tag the shadow portion
of an orbit would be appreciably less than the power requirement during daylight.
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(2) Results

The power supply systems which appeared to warrant further investigation for the Mars
Orbiter were:*

a) Unconcentrated, V-Ridge, and concentrating photovoltaic

b) Solar thermionic

c) Isotope thermionic

(3) Discussion of Results

Again a comparison of system weights was made to help determine the most attractive

power supply for the Mars Orbiter. The results are presented in Figure 6.4-2.

As with the Venus Orbiter, all nuclear reactor systems were readily discarded on the

basis of weight. In the power range of interest, 1 KW and probably less, it appeared that
the solar dynamic systems (Solar Rankine and Stirling engine) had little to offer in the

way of a weight advantage, compared to the V-Ridge photovoltaic, while being much more

complex, requiring much more development, and being subject to the same concern over
the effects of meteorites on the reflector surfaces. They were therefore discarded.

The weight values shown on Figure 6.4-2 for a solar thermoelectric system are for one
being developed by Hamilton-Standard using parabolic concentrators. This system has

been operated on the ground, but the power output after several cycles was much lower

than the power required to get the weight reported in this analysis, and there seems to
be some uncertainty regarding its future development status. This, coupled with its

larger size relative to photovoltaic, and concern over environmental effects on the reflec-
tive collectors, did not make it appear particularly promising with respect to many of the

other systems. If, on the other hand, a flat panel solar thermoelectric design were to
be used at Mars, the area required would be about 2.6 times that of an unconcentrated

photovoltaic system, and so it too is not of particular interest.

As in the case of the Venus Orbiter, the isotope thermoelectric system did not look

promising at this point and was temporarily discarded, but later re-entered the picture
due to better performance based on new information.

Of the remaining systems, the concentrating photovoltaic system of Figure 6.4-2 assumed
a concentration ratio of six and a ratio of collector weight (including frames) to equivalent

paddle weight of 0.1. However, there was considerable question as to whether this latter

figure could be obtained, and it was therefore decided that a more detailed investigation

of this system would be required.

C. Venus Lander

(1) Introduction

Because of the probability of very high surface temperatures on the planet Venus, it is
believed that the Lander system will not survive for more than ten hours.

(2) Results

The systems which appeared to be most attractive for the power supply for the Venus
Lander were:

*Isotope thermoelectric systems later re-entered the picture based on new information.
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(3)

a) Primary silver zinc batteries if the mission is short.

b) Isotope thermionic power supplies if the mission is long.

Discussion

The reasons for excluding the other systems are listed below.

Solar systems do not appear to be feasible because of the cloud cover which is surrounding
Venus. Nuclear reactor systems are not considered feasible because:

a) They are extremely heavy.

b) The current philosophy is not to contaminate the surface of the planet with
radioactive matter.

There seems to be no incentive to consider isotope thermoelectric systems since they

would require cooling on the surface of the planet. In addition, the heat to be rejected
from an isotope thermoelectric power supply of a given power level could be considerably

greater than for a primary energy storage device such as a battery or a fuel cell, because
the isotope thermoelectric system would be much less efficient.

This leaves primary batteries, isotope thermionics, and primary fuel cells for considera-

tion. Figure 6.4-3 presents weight estimates of these systems along with the thermal

control weight chargeable to them for operation in the expected environment.

Two fuel cells are shown, one being the GE low temperature hydrogen-oxygen fuel cell,
which will require a thermal control system. It is in an advanced state of development,

being slated for the Gemini flights. The other is a high temperature hydrogen-oxygen
cell such as the one under development at Texas Instruments. It operates in the vicinity

of 600°C which might make it possible to operate on the surface of Venus and reject waste
heat through a radiator. At any rate, on Figure 6.4-3 it is assumed that this is possible

and also that the radiator weight is small compared to the rest of the unit. Even with the

benefit of these assumptions, this system is seen to be rather heavy.

Isotope thermionic generator temperatures are high enough that no thermal control

system would be needed except for the cesium reservoir, for which the weight of thermal
control should be small.

Tv_ thermal control systems are considered, both allowing control to aleut 100OF. One
is based on an ice-water expendable coolant for use if surface pressures are greater than

10 earth atmospheres. The other is based on ammonia as an expendable coolant for use

if surface pressures are less than 10 earth atmospheres.

It is apparent from Figure 6.4-3 that the primary battery system is to be preferred for
mission durations of less than about six hours while, for longer missions, the isotope

thermionic system would be more promising.

D. Mars Lander

(1) Introduction

The surface temperature of Mars is expected to vary from + 10°F to - 80°F. Therefore,

some auxiliary heating is required to maintain the experiments and the system within
operating temperature limits. Since this heating may be an additional load on the power

supply, the heating system and the power supply system must be considered together

rather than as independent systems.
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(2) Results

The systems which appeared to be most attractive for the Mars Lander were radioisotope
thermoelectric or thermionic generators.

(3) Discussion of Results

In addition to the criteria of low weight and high reliability, small volume and good shock
resistance also become very important. These criteria will be discussed in detail below.

The relative weight of the power supplies which might be utilized on the Mars Lander are
no different than those considered for the Mars Orbiter in Figure 6.4-2. It is noted that,
if available, the isotope thermionic system is very attractive since it also supplies extra
heat, has a small volume, and should be quite resistant to structural damage. All of
the other low weight systems are solar systems. Thermodynamics analysis had indicated
that during the time in shadow, 2000 w-hrs, of heat would be required to maintain the
system at design temperature. If provided by secondary batteries, the minimum battery
weight to yield this energy would be about 267 pounds for silver-cadmium batteries or
370 pounds for nickel-cadmium batteries. In addition, the power supply would have to be
increased to charge the batteries, and this would add weight.

Comparison of these values with the power supply weights given in Figure 6.4-2 shows
that an isotope thermoelectric system would weigh less than the solar system for any
system up to 800 watts. In addition, the isotope systems require smaller volume and
less area than the solar systems. Also, they do not have the problems of deplnyment
and orientation reliability and effects of clouds that are associated with the solar systems.
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6.5 BASIC STUDIES

6.5.1 PURPOSE

The purpose of the basic studies which are presented in this section is to develop a depth
of understanding of the advanced systems which were found to show promise in the pre-

liminary systems studies. These studies were undertaken to consider such problems as
availability, performance, and integration for the specific missions required on the

Voyager program. The results were then utilized to make the final decisions on power

supplies by means of tradeoff studies with the more common systems.

6.5.2 CONCENTRATED PHOTOVOLTAICS

A. Description

As shown in Section 6.4.3, concentrated photovoltaics were found to have considerable
promise for application on the Mars Orbiter if the concentrator and supporting structure

could be made light enough. Therefore, sufficient design and analysis were undertaken
to estimate more accurately the weights for a system for the Mars Orbiter. This inves-

tigation is reported in this section.

A concentrating photovoltaic system is composed of a photovoltaic array, a reflecting or

transmitting surface which focuses the sun's rays on the array, and the associated supporting

structure and deployment mechanisms for the array and the concentrating surface. In

this study, the following concentrating systems were considered:

1. Conical collector - conical array

2. Spherical collector - cylindrical array
3. Parabolic collector - circular flat array

4. Parabolic cylindrical collector - flat paddle array

5. Inverted flat plate collector - flat paddle array
6. Fresnel lens - flat paddle array

B. Major Assumptions and Ground Rules

(i) System Requirements

The basic requirement for the power supplies considered was to provide power for com-
munications, navigation and control, and scientific experiments for a vehicle orbiting

Mars. At the time of this study, the power level was expected to be about 1000 watts

during daylight and much less ( ~ 300 w) during occultation. It was believed that the Orbiter
power supply would not need to provide power during the interplanetary voyage, since

strong consideration was being given to using the Lander RTG power supplies for that

purpose.

(2> System Constraints

Shroud diameters from 120 to 248 inches are currently being considered as outer limits

for the vehicle. A 150-inch shroud was used to study packaging of the concentrators. If

the larger shroud were to be used in the final vehicle, it would be much easier to package
the concentrators, and a corresponding weight saving would be obtained in the folding

mechanisms and linkages. However, the incentive to use a concentrator would not be so
great since a large area would be available on the vehicle to mount cells.

Provision was made for a planet pointing instrument package called the Planet Horizontal

Package (PHP). The power supply system was designed so that it did not interfere with

the view of the PHP to the planet. This was accomplished if the PHP had the capability to
rotate 360o about an axis parallel to the vehicle major axis and the capability to swing

approxin_tely 50o in a plane perpendicular to the one just described.
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The third constraint was imposed by the earth-pointing antenna. The power supply cannot
shade this antenna or vice versa. Also, provision must be made to rotate the earth-pointing
antenna approximately 50 ° from the Mars-Sun line during the 150 days following an encounter
in 1969.

(3) Evaluation Considerations

After the system constraints were established, the considerations on which the systems
would be evaluated were identified. The following were established:

o Packaging and deployment simplicity. Consideration was made of the number
of hinge joints required and the number of major deployments, since this
would effect reliability.

o Manufacturing ease. It was assumed that flat panels were easier to manu-
facture than simple curves and that simple curved structures were easier
to manufacture than compound curved structures. Furthermore, it was
assumed that rigid systems may more readily be built to the required toler-
ances than semirigid structures.

o Uniform illumination. Non-uniform illumination imposes problems in power
conditioning, cell matching, and filter selection in addition to thermal mal-
distributions and greater degradation with misorientation.

4. Orientation accuracy requirements were considered but primarily in com-
parison with flat paddle and V-Ridge photovoltaics.

. The susceptibility to degradation of the power supply and specifically the
concentrator was considered. It was assumed that foldable plastic con-
centrators were more susceptible to degradation than were rigid concen-
trators. Also, the capability was considered of the power supply to provide
power if the concentrator degrades completely.

o The specific weight of the power supply system in the power level range of
interest was determined. In concentrator systems, this is one of the most
important considerations since it determines the incentive to go to these
advanced systems.

C. Results

In Table 6.5.2-1" are shown the systems considered in some detail. This number was
reduced after varying degrees of investigation to three concentrator systems which passed
all of the qualitative restrictions.

In Table 6.5.2-2 the three chosen systems are compared based on the considerations
given in Paragraph 6.5.2B(3). These comparisons are based on the system designs

*Numerical results in Tables 6.5.2-1, -2, and -3, in addition to representing more de-
tailed mechanical design study, employ somewhat different parameters than were used in
the results reported in Paragraph 6.4, specifically Table 6.4-1 and Figure 6.4-2. For
purposes of clarity, the parameters :,sed for Tables 6.5.2-1, -2, and -3, which are
different are as follows: Bare cell efficiency (air mass zero at 85°F) t_.= I_1o, manufacbaring
loss factor = 0. 97, ultraviolet degradation factor = 0.95, meteorite loss factor = 0.95,
radiation degradation factor = 0.78. Numerical values in Table 6.5.2-1 are also different
from similar values appearing in the 15 April to 15 May, 1963 Monthly Progress Report,
because the latter report used a bare cell efficiency of 11.5% and none of the loss factors
indicated above.
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which are given in Figures 6.5.2-1 through 6.5.2-3. The considerations given in Table

6.5.2-2 have been given a quantitative value by estimating the relative merit of each

system to meet each consideration on a compulsory 10 point system of evaluation. This

rating is of course quite arbitrary, but it appears clear that the inverted flat plate system
is the most attractive concentrator for this application. It pays a penalty in specific

weight, but its simplicity certainly adds to the desirability of the system.

To further evaluate the potential of high concentration ratio photovoltaic systems, the most
desirable concentrated system (the inverted flat plate) was compared with flat paddle and

V-Ridge photovoltaic systems in Table 6.5.2-3. It is noted that the concentrated system
is the heaviest of the three systems, requires the tightest orientation accuracy, requires

the largest number of deployments and yields no power unless the concentrator is deployed.

Even if the lightest concentrator system of the three considered in Table 6.5.2-2 were

compared with the V-Ridge and the flat deployable array, it would be no lighter than the
deployable array and would be considerably heavier than a V-Ridge photovoltaic.

TABLE 6.5.2-3. COMPARISON OF CONCENTRATED, FLAT PADDLE,
AND V-RIDGE PHOTOVOLTAICS

SYSTEM
CONSID_
ERATION _--_.

Orientation

Accuracy

Deployments
Required

Power with no
Concentrator

Specific Weight
lb/KW of array

output

CONCENTRATED
PHOTOVOLTAIC

+I - 2°

14

NO

423

V-RIDGE

PHOTOVOLTAIC

+i0 o

-4

YES (- 60-70%)

286

FLAT PADDLE

PHOTOVOLTAIC

>+10 o

-4

YES

337

D. Discussion of Results

(1) General

The keys to the results of the concentrator study are the designs which were proposed
and evaluated. These designs were not necessarily optimum designs for each system,

but they were typical and they provided the specific configurations necessary to identify

integration and interference problems between the power supply and the rest of the vehicle.

These designs served as the basis for evaluating whether it was possible to package the

various systems.

Intuitively it would seem that concentrator systems could be developed of sufficiently

lightweight structure that they might provide a considerable weight advantage over flat

paddle or V-Ridge photovoltaic designs. The most often considered techniques are to
use: 1) a very lightweight honeycomb reflector, or 2) a plastic material coated with a
reflective material, stretched and deployed to mmke a concentrator somewhat in the
manner of an umbrella or screen wire stretched on a frame. It was found that the weight

of the struts and frames required to preload the plastic materials was sufficient to make

these systems as heavy or heavier than honeycomb systems. Furthermore, it was found
that the weight of the honeycomb concentrator systems was as great or greater than that

of flat paddle or V-Ridge photovoltaic systems of the same power level. In Paragraph

6.5.2D(2) the philosophy used in sizing the components of the concentrator systems is
discussed in detail.
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Obviously the different concentrator systems were evaluated to different degrees of com-
pleteness. This is a result of the amount of analysis and investigation required to make
a decision on the potential of the various systems.

(2) Weight - Mechanical Stud_

In this study, workable concentrated photovoltaic systems were designed in enough detail
to obtain realistic system weights. The different systems were designed to be packaged
into a 150-inch shroud compatible with the vehicle design submitted for the study proposal.
As an overall design philosophy, simple multiple purpose structure and state of the art
erection techniques were adhered to.

The structure was designed to withstand the launch and system qualification test environ-
ments specified. It was further assumed that any subsystem vibration qualification
testing would not be performed at general component qualification levels, but at expected
vehicle transmissibility levels.

The different systems were all designed to withstand the dynamic amplifications expected
during vibration system testing. In addition, the support structure considered was of a
variety which enabled the collector and solar array structures to be preloaded, so that
relative motions and resulting high impact loads at support points would be avoided.

(a) Conical System (See Figure 6.5.2-1)

Two different types of construction were considered for the concentrator: honeycomb,
and semirigid, utilizing a mylar skin as the reflective surface. In each case, the photo-
voltaic array was mounted directly on the primary vehicle structure, necessitating no
deployment or additional mounting structure.

The honeycomb concentrator is packaged by accordian pleating the structure. The width
of the folded panels (and consequently the number of hinge lines) is a function of the
available packaging envelope. The folded structure is held to the vehicle by preloaded
destroyable tension straps and formed bearing structure.

At separation, five spring loaded folded booms deploy and, by adequate stops and latching
devices, bring the collector into position.

An inherent weakness exists in this type of deployment in that rates of erecting to the
desired radius and angle are coupled, and the collector panels can jam if there is a
deviation from the specified deployment rates. A variable which can affect the weight
of the system appreciably is the number of hinge lines. The weight of additional hard-
ware (butterfly torsion spring hinges and local core fill) was found to be -'. 5 lb/hinge
line.

The semirigid collector consisted of 16 panels which formed each conic section. Each
panel was formed by stretching a. 005 inch aluminum coated mylar film over a frame-
work consisting of vertical tubes to take the compressive load and horizontal cabling.
Mylar was chosen as the film because it has a high strength/weight ratio, and its com-
bination of thermal coefficient of expansion and a low modulus of elasticity minimized
thermal stress problems. The film was cut to a parabolic shape to insure a uniform

prestress in the film.

On page 52 of "Investigation of Solar Concentrating Photovoltaic Generators," WADD
Technical Report 60-849, May 1961 by D. H. McClelland, test results are given which
indicate that a prestress of 5,000 psi will give excellent reflectivity, and with the known
reduction in preload due to fabric stretch, this prestress was chosen. This is also the
maximum stress which could be induced in the mylar (20,000 psi allowable) and still
maintain a factor of safety of 4, which is recommended as a minimum for fabrics.
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Theprestress inducescolumn loadsin boththe deploymentlinkage andthe vertical
elements. Additional structure is required to tie the conic sectionstc the structure since
a 360° frustum could notbe incorporatedinto the design.

This systemwas the heaviestof the systemsinvestigated, with the critical loadingcon-
dition beingerection rather than launchaccelerationandvibration loads. While the
designcould havebeenrefined, the analysis indicated that preloading a film in spaceby
erecting a frame is not economical. Also, as the concentrationratio increases, andthe
length of the deploymentlinkageincreases, the weight increases exponentiallybecause
the support structure is designedby the stability considerations.

(b) Inverted Flat Plate System (See Figure 6.5.2-2)

In the flat plate system, an array and four flat panels are supported during launch by a
space framework held by tension straps. At initial deployment, the complete system
folds down, and there is a secondary deployment which orients the four flat panels by
struts so that the solar rays are concentrated onto the photovoltaic array.

Again in this study two different collector panels were designed: a honeycomb panel, and
a mylar skin stretched over a framework. In this arrangement, the mylar skin panels
would be erected prior to launch and folded in the same manner as the honeycomb. In
order to obtain a feel for weights if less than the maximum preload were used, fabric
stresses of 500 psi were used. This is the minimum value at which the reflectivity was
classified as "Fairly Good" by the report mentioned previously.

Comparative weights obtained were:

6.79 lb/Panel For Honeycomb Construction

5.16 lb/Panel Mylar Stretched over Framework

or a total /_W of 13.04 pounds for an 8-panel system. If the optical studies were carried
out to further detail, it is believed that the honeycomb panels would have been recom-
mended over mylar because of the reflective losses in a visibly creased mylar film.

(c) Parabolic Trough (Figure 6.5.2-3)

This was an all-rigid system which packaged an accordian pleated parabolic cylinder and
a folded solar array on a space framework. This system introduced no inherent problems
of its own, and the comments made previously on the available packaging envelope and the
number of hinge lines apply. It was possible to vary many geometrical parameters in this
system changing the system from one with a long thin array to one with a short wide array.
The tradeoff in terms of required hardware reduced to additional collector hinge lines vs.
longer, heavier deployment linkage. The final configuration shown was arrived at by de-
signing the solar cell array for Venus use without a collector, and then making the col-
lector compatible with the array.

E. Conclusions

1. It was concluded that there is no incentive to use concentrated photovoltaic
power supplies for the Mars Orbiter.

.

.

Rigid concentrator systems have specific weights comparable to nonrigid
plastic film concentrator systems when the deployment and support structure
weights are considered in addition to the array and concentrator weight.

An inverted flat plate concentrator system is the most attractive higher
concentration ratio concentrator system.
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6.5.3 RADIOISOTOPE THERMIONICS

A. Description

In the decay of radioisotopes, energy is released in the form of neutrons, alpha particles,
and beta and gamma rays. As these particles are slowed down, their energy is trans-
formed into heat. In a radioisotope thermionic generator, this heat is then converted to
electricity by thermionic converters.

Thermionic converters are static devices that convert heat directly to electricity by utili-
zation of a vacuum or vapor diode. Because of their higher efficiency, vapor diodes are
generally used. In these converters, electrons are boiled off the hot cathode surface,
collected on the cooler anode surface, passed through an external load and returned to
the cathode.

A schematic of a radioisotope thermionic generator is shown in Figure 6.5.3-1.

LOAD CURRENT FLOW

THERMIONIC
CONVERTER \

-_I ANODE ANODE

%

ISOTOPE HEAT SOURCE

/

Figure 6.5.3-1. Schematic of Radioisotope Thermionic Generator

B. Application

In this study, radioisotope thermionics was considered for the Mars and Venus Orbiters.
The decision was made to look at Orbiter applications before considering Lander cases
because there appeared to be a greater incentive. Some of the factors influencing this
decision are listed below.

. Since it is not dependent on solar energy, radioisotope thermionics offers
the possibility of a common power supply for both the Mars and Venus
Orbiters. It does not have such wide application for the Landers because
the short survival time of the Venus Lander favors a primary battery power
supply.

e The Mars and Venus Orbiters have higher power requirements than do the
Landers. As a result, a reduction in the specific weight (lb/kw) of the power
supply offers a greater weight saving in the Orbiter applications.
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After considering radioisotope thermionics for Orbiter applications, it was not deemed
advisable to undertake a study of Lander applications until the ground rules were clarified.

Co Hardware Development Time

(1) State-of-the-Art

To date radioisotope thermionics has not been used in space, and currently no flight sys-
tems are being developed. This means of energy conversion is still in the early develop-
ment phase with the SNAP 13 Program representing the current state-of-the-art. The
SNAP 13 Program has as its objective the development of a demonstration device for
proving the feasibility of radioisotope thermionics.

At present, the limiting component in the development of a radioisotope thermionic gen-
erator for space is the thermionic converter itself. Some of the required converter char-
acteristics that still represent development problems are:

1. Long life
2. No significant degradation of power output with time
3. Reproducibility
4. High performance.

Several companies are, active in the development of thermionic converters, including
EOS, GE, RCA, and TEECO. Significant advances in performance have been reported
over the past year but Considerable work remains before the necessary reliability is
achieved.

(2) Development Schedules

Before an estimate can be made of the time required to develop a radioisotope thermionic
power supply for a Voyager mission, some ground rules must be established and some
thought given to the sequence of events that might be followed.

Considering the importance of the mission, the emphasis that will be placed on vehicle
reliability, and the sizable power levels being considered, it does not seem reasonable
to expect a radioisotope thermionic power supply to be used on a Voyager mission unless
the concept has been previously flight proven.

In addition, it is unlikely that the first radioisotope thermionic power supply to operate in
space will have an output as great as that presently being considered on Voyager. A
generator output of less than 100 watts seems more likely.

There are two ways this prior flight qualification might come about. First, a radioisotope
thermionic power supply might be developed for a small operational vehicle. In such a
case, the radioisotope thermionic power supply could augment or serve to back up a photo-
voltaic power supply like the first radioisotope thermoelectric system did on Transit IVA.
A second approach would be to prove the feasibility of a radioisotope thermionic system
with an experimental flight. In this case, the experiment might be part of a development
effort directed toward Voyager. If this were the case, the experimental flight could prove
the feasibility of a modular unit that could later be expanded or used as a building block to
obtain the higher power levels required for the Voyager missions.

Using the preceding points as guide lines, the availability question was considered in two
parts: (1) Assuming there was sufficient radioisotope, how long would it take to develop
the flight hardware, and (2) when would sufficient radioisotope be available?

In estimating the time required to develop Voyager flight hardware, it was assumed that
radioisotope thermionics would first be flight proven through an experimental development
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program. The radioisotope thermionic power supply developed for this experimental

flight would be designed such that it could be easily expanded to obtain a generator capable

of delivering 300 watts to the load. This approach was chosen because it should represent
the quickest means of developing flight hardware for Voyager. The steps followed in

establishing the minimum development time are outlined below.

Step 1 An estimate was made of the time required to develop the experimental

flight vehicle for proving the feasibility of radioisotope thermionics.

Step 2 The time required to put this vehicle in orbit, evaluate the experiment
and reach a decision on starting development of a radioisotope ther-
mionic power supply for Voyager was estimated.

Step 3 Finally an estimate was made of the time required to develop a radio-

isotope thermionic power supply for Voyager. It was assumed that this
unit would be required to deliver 300 watts to the load.

The sum of the times required to accomplish Steps 1, 2, and 3 gave an estimate of how

long it would take to reach Voyager flight hardware once the development of an experimental

flight vehicle was undertaken.

A schedule for the development of an experimental vehicle for proving the feasibility of a

radioisotope thermionic generator, similar to the one shown in Figure 6.5.3-2, is pre-
sented in Table 6.5.3-1. This schedule is based on the following assumptions.

. The schedule was not laid out on a "crash" basis (everything done in parallel,

overtime, etc. ), but rather an attempt was made to have the work represent

a logical progression. For example, the program is divided into two phases.
Phase I consists of developing the radioisotope thermionic generator. Devel-

opment of the other subsystems (Phase H) is not started until after the first

phase is successfully completed. This approach is believed to be in keeping
with the way such a program would be funded, particularly if the development
were undertaken in the near future.

. The estimates were made assuming the normal degree of development diffi-

culty. No provisions were made for major development problems which

cannot be foreseen. In this respect, the schedule is optimistic.

. In general, provisions were made for manufacturing five units of each sub-

system: two units for subsystem tests, one for system tests, one for the

launch vehicle, and one for backup.

4. No consideration was given to the level of funding required. The assumption

was made that funding was not a limitation.

From Table 6.5.3-1, the minimum time required to develop the experimental vehicle is

approximately two and one-half years. This figure, along with estimates of the time

required to carry out the subsequent steps, is presented in Figure 6.5.3-3.

The estimate of 144 weeks to develop a 300-watt power supply for a Venus or Mars Lander
is based on the schedule presented in Table 6.5.3-2. This schedule was established using

assumptions 2 and 4 outlined above plus the following.

. That the feasibility of radioisotope thermionics had been proven previously
by a successful flight experiment and that the generator used in the flight

experiment could be easily expanded or used as a module to obtain a 300

watt generator.
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TASK

1 - PrelLrnmmry System

Design of Power Supply

2 - Thermionic Converters

a - Evaluation Tests on

Present State of the

Art Converters.

Thermal-Vacuum Test

Vibration Test

Life Test

b - Design Converters

c - Manufacture 18

Converters

d - Repeat Evaluation Tests

on 3 of these Converters

Thermal-Vacuum Test

Vibration Test

Life Test

e - Redesign

I - Mamffaeture 25

Converters

g - Qualify Converters

3 - Generator Structure

a - Preliminary Generator

Design

b - Manufacture 2 Generators

and a few Spare parts

c - Assemble Two Generators

with Converters and Isotopes

d - Evaluation Test of 2

Generators

Thermal-Vacuum Test

Vibration Test

Life Test

e - Redesign

f - Manufacture 3 Generators

g - Assemble 3 Generators

(less Isotope) and Qualify

4 - F_cl Development, Fuel

Production, Capsule Develop-

ment, Ground Handhng, Nuclear

Safety, Etc.

If Results from Generator W,

- are Satisfactory to This Poi_

Then Work ¢m the Other Subs



TABLE 6.5.3-1. SCHEDULE FOR DEVELOPMENT OF AN ORBITAL
ISOTOPE T HERMIONIC EXPERIMENTAL VE HIC LE

WEEKS

COMMENTS

Determine Isotope to be Used,

Cathode Temperature, Siz%

and Number of Converters, Etc.

Subject 3 State Of The Art

Converters to These Tests.

Use Same 3 Converters For

All Tests And Conduct Tests

In Order Indicated.

TVT-1 Wk Install converters,

2 Wk To Test

VT-2 Wks To Design And Build

Fixture, i Wk Install conn.,

1 Wk Test

LT-500 Hrs, 3 Converters tested

At Once.

Can Start Design Calculations

Before FInal Test Under "2a"

Is Completed.

3 Months To Get First Con-

verter and 3 Months To

Manufacture The Remaining 17.

Vibration Test is Cold.

Should Have 3 Converters

For Evaluation Tests By

Week 30.

Do Not Start Until Generator

Has Been OperatIng For 2

Months. Assumes Only MInor

Changes.

Assume 3 Units - 1 For Systems

Test, 1 For Flight And 1 Back

Up With 7 Spares. Total Is 25.

Qualification Includes Mechanical

Electrical, And Vibration Checks.

Must Be Done In Conjunction

With The Converter Design.

Requires Two Isotope Sources

At This Point. Assumes The

Capsules Are Not Flight

Qualified.

Allow These Two Units To

Continue Operation In Order

To Obtain Life Data. May

Want to Let These Units

Continue To Operate Alter

Experimental Vehicle Is

Put In Orbit.

Do Not Start Until Generator

Has Been OperatIng For 2

Months. Assumes Only Minor

Changes.

Manufacture 3 Generators-

1 System Test, 1 Flight,

and 1 Spare

Qualification includes

M _chanical, Electrical,

and Vibration Checks.

The Time Allowed For This

Pt_rtion Is Believed To Be

Sufficient Based On Estimates

Made By Martin Co. In Recent

Isotope Thernmelectric

Proposals.

Require First 2 Isotope Sources

At The Start Of Week 41. Cap-

sules Do Not Have To Be Fhght

Qualified.
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TASK

4 - Fuel Development,

Fuel Production, Cap-

sule Development,

Ground Handling,

Nuclear Safety, Etc.

O St

5 - Develop Vehicle, TT&C

System, Solar Cell

Modules, Battery,

Instrumentation, Etc.

6 - System Test

a - Assemble System

Test Vehicle

b - Evaluation Tests

Mechanical Operation
Electrical

Vibration

T he r mal- Vacuum

c - Modifications to

Vehicle

7 - FINAL VEHICLES

a-Assemble Final Two

Vehicles

b-Checkout And Qualify

c-Deliver Two Vehicles

To Launch Site !!
l

ESTIMATED TIM__ (MINI
TO DEVELOP AN ISOTO]

EXPERIMENTAL VEHIC]



WEEKS

MUM_REQUIRED
?E THERMIONIC

JE-133 WEEKS



i

ABLE 6.5.3-I. SCHEDULE FOR DEVELOPMENT OF AN ORBITAL

ISOTOPE THERMIONIC EXPERIMENTAL VEHICLE (Cont'd)

COMMENTS

Require First Flight Qualified
Isotope Source At The Start
Of Week 97.

R_,quire Final 2 Flight Qualified
Isotope Sources At The Start Of
Week 123.

This Assumes A Very Simple
Spin Stabilized Vehicle With

Body Mounted Solar Cells.

This Includes Some Time For
Minor Modifications.

Thermal-Vacuum Test Would

Be Conducted In A Space
Sire ulator.

Assumes 0nly Minor Changes.

i 11II !!lI I I i

Checks Include, Mechanical,
Electrical And Vibration.
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o

Based on the

development
is on the pad

In general, provisions were made for manufacturing hardware for six

power supplies: one unit for subsystem development, one for systems
test, two launch vehicles, one backup, and except for the radioisotope source,

one complete set of spare parts. It was assumed that at least four separate

radioisotope sources would be required.

preceding assumptions, it will take a minimum of 5.8 years from the time
of the experimental vehicle is undertaken until the Voyager flight hardware

ready for launch.

DEVELOP

EXPERIMENTAL

VEHICLE

133

PUT INTO

ORBIT

4 WKS
ORBIT

EVALUATION

TIME

16 _,KS

REDUCE

DATA

4 WKS

_KEDEC_ION

2 WKS
DEVELOP POWER

T4gWK_
SUPPLY

FOR VOYAGER

303 WKS - 5.8 YEARS

Figure 6.5.3-3. Development Schedule - Isotope Thermionic Generator for Voyager

Do Radioisotope Availability

(1) Radioisotope Selection

In order for a radioisotope to be used as a heat source in a space power system it should:

(1) Be readily available, (2) Be economically competitive, (3) Have a sufficiently long life

so the available power does not decrease appreciably during the mission, (4) Have good

heat transfer properties, (5) Have such a limited amount of high energy radiation that it
may be easily shielded to avoid injury to components or personnel. Of the many radio-

isotopes obtainable, only four loosely meet the above criteria for thermionics applications.
These four radioisotopes are Plutonium 238, Curium 242, Curium 244, and Cerium 144.

This list can be reduced further by considering the following requirements:

. The radioisotope must have a half-life compatible with a total mission life

of approximately 15 months. This number was determined by considering
the Mars mission (worst case - longer trip time than Venus mission). The

specific time estimates were:

3.0 months minimum from encapsulation to launch

9.0 months trip from Earth to Mars

3.0 months in orbit around Mars

15 months total.

. An alpha emitter is desirable since it simplifies the radiation problems and

thereby reduces the shielding weight, simplifies the ground handling procedures,
increases the vehicle reliability, etc.
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TASK

1 - Preliminary Syslem

Design of Power Supply

2 - Thermionic Converters

a - Design Converters

b- Manufacture

60 Converters

c - Evaluation Tests on

3 of these Converters

Thermal-Vacuum Test

Vibration Test Life Test

d- Redesign

e - Manufacture 192

Converters

f - Qualify Converters

3 - Generator Structure

a- Preliminary

Generator Design

b - Manufacture IGeneraior and

a Few Spare Parts

e - Assemble l

Generator with

Converters and Isotope

d - Evaluation Test of

1 Generator.

Thermal Vacuum Test

Vibration Test

Life Test

e- Redesign

f - Manufacture 4

Generators

g - Assemble 3

Generators Less

Isotope and Qualify

4 - Fuel Development,

Fuel Production, Capsule

Development, Groined

Handling, Nuclear

Safety, etc.
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TABLE 6.5.3-2. SCHEDULE FOR DEVELOPMENT OF A 300 WATT ISOTOPE
THERMIONIC POWER SUPPLY FOR VOYAGER

WEEKS

COMMENTS

Determine Isotope to be Used,

Cathode Temperature, Size, and

Number of Converters, etc.

48 Converters for 1 Complete

Generator

3 Converters for Testing

9 Spare Converters

Should have 3 Converters

for Evaluation Tests by

Week 18.

Assumes Only Minor Changes.

Do not start until Generator

Has Operated for 2 Months.

SuIL Nos. of Convtrs. for2 FlghL

Units, 1 Back Up & 100% Spr. Pts.

Qualification Includes Mechanical,

Electrical,and Vibration Checks.

Must Be Done in Conjunction

with the Converter Design.

Require First Isotope Source

at this Point. Assume Capsule

Does Not Have to Be Flight

Qualified.

Allow This Unit to Continue

Operation in Order to Obtain

Life Data.

Do Not Start Until Generator

Has Operated for 2 Months.

Assumes Only Minor Changes.

2 Generators for Flight,

1 Back Up, and 100%

Spare Parts

Qualification Includes

Mechanical, Electrical,

and Vibration Checks.

The Time Allowed for this

Portion Is Believed to Be

Sufficient Based on Esti-

mates made by Martin

in Recent Isotope Thermo-

electric Prooosals.

Require First Isotope

Seurce at the Siart of

Week 42. Assume

Capsule Does Not Have

to Be Flight Qualified.
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TASK

4 - Fuel Development,

Fuel Production,

Capsule Development,

Ground Handling,

Nuclear Safety, etc.

5 - System Test of

Voyager Vehicle

6 - Flight Vehicles

a - Assemble 3

Vehicles.

b - Acceptance Test

c - Field Check Out

d - First Flight

I

i

[

I

i
i !

i

I

I

i

i

I
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TABL

WEEKS

ESTIMATED TIME (MINIMUM) REQUIRED TO DEVELOP

A 300 WATT ISOTOPE THERMIONIC POWER SUPPLY FOR

A VOYAGER MISSION - 144 WKS

J



E 6.5.3-2. SCHEDULE FOR DEVELOPMENT OF A 300 WATT ISOTOPE

THERMIONIC POWER SUPPLY FOR VOYAGER (Cont'd)

II 1:I_I_11

III
I IIILI
I1t111II
Iltl IIJl
]lJ I ]1fP
IJI111IJ

_$_I_$o_ _ 2-_
--'--I-- -- ........

COMMENTS

Require One Flight

Qualified Isotope Source
at the Start of Week 89.

Require Final Two

Flight Qualified Isotope
Sources at the Start of

Week 104.

This Allows Some Time

For Minor Modifications

to the Vehicle.

Have 2 Flight Vehicles, 1 Back

Up, and 100% Spare Parts.
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/

/
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The generator designs presented in this study are based on three major ground rules:

. The radioisotope must be contained under all conditions for a minimum of
ten half lives.

2. A void volume sufficient to contain the theoretical quantity of helium gas

generated in the decay of the radioisotope must be provided.

3. No portion of the radioisotope can be allowed to exceed its melting point
under normal operating conditions.

Since only Orbiter applications were considered, the generator was not designed to with-

stand entry or impact conditions on the planets. Obviously there are failure cases where
the Orbiter po_e r supply could impact the planet, but it was assumed that the probability

of this occurring would be very small and therefore acceptable without special design con-
siderationso This is a reasonable assumption since for sterilization reasons the design

must incorporate a probability of 10 .4 that the Orbiter will not impact the planet in fifty

years.

These ground rules have a pronounced effect on the generator design. This is discussed

in Section 6.5.3F(3).

FI Radioisotope Thermionic Generator Design

(1) Results

The proposed generator designs are shown in Figures 6.1.6-1 and 6.1.6-2, and a detail

drawing of the thermionic converter is in Figure 6.5.3-5. Figure 6.1.6-1 represents
the generator design with provision for helium void volume, and Figure 6.1.6-2 the con-

figuration with no void volume. The important performance parameters are summarized
in Table 6.5.3-4.

TABLE 6.5.3-4. ISOTOPE THERMIONIC GENERATOR PARAMETERS

Cathode Material
Anode Material

Spac ing
Cathode Area Per Converter

Cathode Temperature

Anode Temperature

Cesium Reservoir Temperature
Thermionic Converter Power Density

Thermionic Converter Efficiency
Radioisotope

Power Density of Curium 244

Generator Power Output
Generator

Generator
Generator

Generator

Generator
Generator

Voltage Output

Efficiency
Wt (with void volume)

Wt (without void volume)

Specific Wt (with void volume)
Specific Wt (without void volume)

Molybdenum
Nickel

0. 005 in.
2.1 cm 2
1850 K

1050 K

627 K

7.16 watts/cm 2
11.4%

Curium 244
24.3 watts/cm 3

360 watts

5.25 volts
10.25%

91.40 lb

72.76 lb

254 lb/kw
202 ib/l_,

Table 6.5.3-5 contains performance estimates for applications where this generator is

used as a module to obtain higher power levels.

6-71



Z

Z
0

0

0
00

0

<

0

0

r..)

©

_d
!

C,O

_d

,.-1

•_, _ ,_

'_ _._

r/l

o

_._
_._ v

_ o o

0

o

o
L¢_ 0 0 0
¢_ 0 L¢) 0

0

e_D 0 CO 0

_o

_o_
o

v

_8

o

3

o
e_

0

CO

0

r..)

6-73



to the fact that there appearsto have been no "go ahead" as of this date to prepare for large
quantity production of Curium 244.

(3) Number of Radioisotope Sources Required Per Mission

Based on the Orbiter power levels considered, it appears that any radioisotope thermionie
power supply would be made up of a single generator (not a group of modules). Therefore,

only one encapsulated radioisotope source is assumed per power supply. If the power levels

were increased, a power supply would probably be made up of several generator modules,
and one encapsulated radioisotope would be required per module.

In this study, it was assumed that four radioisotope sources would be required for each

launch opportunity. This estimate was based on having one unit for system tests, two for
the launch vehieIes and one backup. It was assumed that the backup could be used in the

early phases of the program for subsystem development if a radioisotope source were

required. No provisions were made for any radioisotope requirements associated with
flight qualification of the fuel or the fuel eapsuIe.

(4) Results and Conclusions

The development schedules outlined in Section 6.5.3C(2) and the radioisotope availability
estPnates given in Figure 6.5.3-4 were combined to determine the availability picture for

the Mars 1969 mission. Load power levels of 300 and 1000 watts were considered. The
results are presented in Table 6.5.3-3. The conclusions based on these results are out-
lined below.

(a) 300 Watt Generator

. There is sufficient Plutonium 238 for the entire development program.

The requirements represent a small percentage of the available Plutonium

238, so the chances of obtaining the required quantities should be good.

. There is insufficient Curium 244 available for the early development work
on the experimental generator. If this initial lack of Curium 244 could be

compensated for by using Plutonium 238 for the experimental generator

and Curium 244 for the Voyager application, the radioisotope avaiIability
should not be a problem. Another possible approach would be to use

Plutonium 238 for the initial development work on the experimental gen-
erator and introduce Curium 244 in the later development stages, prior

to flight of the experimental vehicle.

(b) 1000 Watt Generator

There is an insufficient quantity of either Plutonium 238 or Curium 244. However, the

shortage of Curium 244 occurs in the early stages, and this problem might be solved

by one of the means discussed in item 2 above.

If the request is made at a sufficiently early date, then radioisotope availability does not

appear to be a major problem for 1969 missions and beyond. This assumes the availability

given in Figure 6.5.3-4 and load power levels less than 1000 watts.

If the availability curves were to shift two years, insufficient Curium 244 would exist for a
Mars 1969 mission, even at a load power level of 300 watts. However, there would be

adequate Plutonium 238 for a 300-watt power level, except for the initial development phases.

For thermionic applications, Curium 244 is preferred over Plutonium 238 for the following
reasons:
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1. Curium 244 has a greater availability after 1966 (See Figure 6.5.3-4).

.

o

Curium 244 has a power density five times that of Plutonium 238. This

results in a higher generator efficiency and lower generator specific weight.

The power density of Plutonium 238 is marginal for radioisotope thermionic

applications. This increases the design problems and reduces design

flexibility.

The detailed radioisotope thermionic generator designs resulting from this study are all
based on Curium 244.

E. Radioisotope Generator Design Ground Rules

The General Electric Company was instructed (see Reference 1 of Paragraph 6) to use the

following safety requirements on all radioisotope power sources. These requirements
are concerned with the Earth only, not other planets.

1. There shall be sufficient containment of the radioisotope to prevent scattering

as a result of fire or explosion on the launch pad.

. There shall be sufficient containment to prevent scattering of the radioisotope

as a result of impact caused by a launch vehicle failure before entering Earth
orbit.

. There shall be sufficient containment of the radioisotope to prevent release

from its capsule by chemical corrosion, especially by sea water. This con-
tainment shall be adequate for a period of time of 10 half-lives.

. For the case of return to Earth from Earth orbit or above, the radioisotope
shall be either burned up above the altitude of 100,000 feet or shall be con-
tained sufficiently to withstand impact under conditions (2) and (3) above. In

the case of burn-up on re-entry, the resulting particle sizes shall be no
greater than one micron for Plutonium 238. For other more active mate-

rials, the particle sizes must be even smaller, although no specific data is
available. (Curium 244 is more active than Plutonium 238. )

5. The radioisotope shall be sufficiently contained during ground handling oper-

ations to prevent danger to personnel from the radiation.

Reference 1 of Paragraph 6 also contained the following instruction:

"There are, of course, no safety requirements as such in the case of planets

other than the Earth. In such cases, however, there is a requirement, based on

scientific reasons, for not contaminating the atmosphere or surface. This

requirement is that the radioisotope unit should land intact."

A study of requirements 2, 3 and 4 results in an interesting conclusion. In any design in
which the radioisotope container is designed to burn and disperse for certain conditions

and re-enter intact for others, there must be a "gray zone" in which a partially burned
capsule could re-enter. If this occurred the safety requirements would be violated. It

may be possible to show, as it has been in other cases, that this "gray zone" is small

and the probability of a partially burned capsule re-entering is very remote. If the
probability is sufficiently small it may be acceptable. This requires a very complete

investigation of the possible failure modes of the space vehicle and such an investigation
was beyond the scope of this study. Until such a study can be conducted the only means

of meeting the safety requirements implicitly is to design the generator so that the radio-
isotope will be contained under all conditions. This philosophy was followed throughout

this study as indicated by ground rule no. 1 in the following list.
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(2) Design Philosophy

(a) Generator Power Output

When the radioisotope thermionic generator study was undertaken, the load power levels

being considered for the Orbiters and Landers were 1000 and 300 watts respectively.

Based on these requirements, the decision was made to design a radioisotope thermionic
generator capable of delivering 300 watts to the load. (Since there are power losses in

going from the generator to the load, a generator output of approximately 360 watts is

required to deliver 300 watts to the load. ) This unit could then be used singularly on the
Lander applications and as a module for obtaining the higher power levels on the Orbiters.

As the Voyager Study progressed, the Orbiter and Lander power requirements decreased,

but because the design was well underway the load power level of 300 watts was never
altered.

(b) Operating Temperature

In general, generator specific weight goes down as thermionic converter cathode temper-

ature goes up. Therefore it is desirable to operate at the highest cathode temperature
achievable. In this case, the ground rule prohibiting melting of the radioisotope deter-

mines the maximum cathode temperature for a given design concept. For the configura-
tion chosen, a cathode temperature of 1850°K was the maximum obtainable without melting

portions of the radioisotope. This cathode temperature value of 1850°K was used through-
out the study.

(c) Thermionic Converter Power Density

It is desirable to operate radioisotope thermionic generators at peak efficiency rather
than peak power for the following reasons.

1. Less radioisotope is required for peak efficiency operation.

2. The converter voltage output is greater at peak efficiency.

In this study, the thermionic converters are designed for peak efficiency operation.

The designs presented assume a thermionic converter power output of 7.16 watts/cm 2,

at a peak efficiency of 11.4 percent and a cathode temperature of 1850°K. These per-
formance estimates are based on the results from similar thermionic converters built

and tested by the General Electric Company as part of the Air Force sponsored STEPS
III Program.

It now appears that the thermionic converter performance used to design this generator
was too conservative. Recent optimization studies using the latest converter data indicate

that considerably improved performance should be possible. Preliminary calculations

indicate that this improved performance would reduce generator specific weight in the
neighborhood of 20 percent from the values determined in this study.

(d) Number of Thermionic Converters

Thermionic converters are basically low voltage devices and as a result dc/dc converters

are generally required (except in very large units) to obtain 28 volts at the bus. The

efficiency of dc/dc converters is very dependent on the input voltage; the higher the input

voltage the higher the efficiency. Therefore, it is desirable to use as many thermionic

converters as possible to obtain a high input voltage. At present 2 cm 2 cathode areas are

considered the lower limit on converter size. For a 360-watt generator output the maxi-
mum number of converters then is
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A small radiation fin, which attachesto the cesiumreservoir heat sink, is locatedon the
endof the generator. By controlling the areaof this fin, the desired temperature of the
cesiumreservoirs is achieved. This canbedoneby trial anderror after the generator is
assembledand operating.

In this configurationthere are four series strings of six thermionic converters each. The
four series strings are connectedin parallel. Four parallel strings are usedto improve
the reliability. With this arrangement, if onethermionic converter fails by opening, only
one-fourth of the total generator power outputis lost. The electrical take-off points are
locatedon oneendof the generator. Theimpact shell is usedas oneof the electrical leads
in order to keepthe penetrationpoints in theshell downto one. Theother leadpasses
throughthe impact shell by meansof a ceramic to metal seal. By having fewer parallel
strings, the voltageoutput canbe increased,but the reliability will be reduced.

(3) Effect of Ground Rules

Since radioisotope thermionics is still in the early development phase, the design ground

rules are not firm. This represents a significant point since the generator specific weight
(lb/kw) is very dependent on the assumed ground rules.

Studies are presently being conducted by Oak Ridge National Laboratories, Mound Labora-

tories, and others to determine the extent of helium gas pressure build-up in a closed
capsule containing an alpha-emitting radioisotope. Until the results of these studies are

available, it is conservative to assume that the theoretical quantity of helium gas is pro-

duced and that a void volume must be provided for its containment. There is the possibility
that all or portions of the gas will be held interstitially in the compound and large void

volumes will not be necessary. If this were the case, it would have a significant effect on
the specific weight of the generator. For example, the generator shown in Figure 6.1.6-1

has provisions for void volume and weighs 254 lb/kw while the configuration shown m

Figure 6.1.6-2 has no void volume and weighs 202 lb/kw.

The generators are designed so that no portion of the radioisotope operates above its melting
point. Although this design criteria is generally used, the arguments for doing so are

seldom stated. In this particular design, there are several reasons for using this criteria.

i. If the radioisotope were allowed to melt, it would leak out of its cylindrical
container into the helium void volume tanks.

2. The reaction rates between the oxide and the container material would be

increased if the oxide were in a liquid rather than a solid state.

. In a liquid state, any gaseous products tend to collect rather than be dispersed

as they are in a solid. This could lead to large gas bubbles which would result
in non-uniformity in the radioisotope.

o In the change of state from solid to liquid, there might be a change in the radio-
isotope volume. An expansion could force some of the radioisotope out into
the void volume tanks. A contraction could reduce the thermal contact area

between the radioisotope and the container wall. Either of these conditions
is undesirable.

These potential problems together with other uncertainties associated with operating all or
part of the radioisotope in a molten state makes it appear beyond the present state-of-the

art. If future developments indicate that the radioisotope can be operated in the molten

state, then improved generator performance could result. For example, melting of the
radioisotope would allow higher cathode temperatures which generally yield lower generator

specific weights.
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be developedin time for a 1967Venusflight. There is sufficient plutonium 238for
developmentof this generator, but it wouldrequire a real "crash" program to develop
the hardware. Attempting to developa powersupply for the 1969Mars Landerappears
to represent a better approach.

6.5.4 ISOTOPE THERMOELECTRIC

A. Introduction

A radioisotope thermoelectric generator (RTG) was investigated as the power source for

the Mars Lander applications. The significant features of the resulting design have pre-

viously been described in Section 6.1.4 and will not be repeated here. This section will,

however, present additional information on the basis for the design concept, ground rules,

and design details.

B. Design Concept

Several concepts were considered for the RTG design, distinguished both by location in

the Lander vehicle and means of heat rejection during various mission phases. Major
factors resulting in selection of the suggested design concept include the following:

1. Since the generator is a relatively heavy component, it is desirable to place
it along the Lander spin axis and near the nose.

. High operating temperatures and the radiation emanating from the generator
make it desirable to isolate the generator from the payload insofar as is

practicable.

o It is desirable to delay installation of the isotope capsule into the Lander

as long as possible while on the launch pad, due to the radiation emanating
from it. A location near the nose of the vehicle facilitates such installation.

4. Use of a circulating coolant:

a. Facilitates thermal control of the payload, a vital requirement

b. Simplifies heat rejection during pre-launch, launch, and planet entry

Co Facilitates protection of the generator at planet impact by making it

possible to place it in the interior of the Lander without requiring re-
traction mechanisms

d. Permits greater flexibility in generator location.

Additional discussion of the basis for the design concept may be found in Volume IV, Sec-
tion 1.0.

Although this design concept is a promising approach, it will be apparent from later
discussion that it is premature at this time to claim that it is the best approach. Much

additional study of this concept, particularly under various failure modes, is required in

order to adequately evaluate it.

C. Ground Rules

These ground rules involve earth safety and planet contamination considerations and are
the same as those used in the isotope thermionic studies as previously discussed in Section

6.5.3E. They are summarized below for convenience.
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Figure 6.5.5-1. Solar Thermionic System Schematic

t3. Application

Solar thermionics was considered for use on the Mars and Venus Orbiters. Because of its

dependence on solar energy, the orientation requirements, packaging and deployment prob-

lems, etc., solar thermionics was not considered for Lander applications.

CB Hardware Development Time

(1) State of the Art

To date solar thermionics has not been used in space, and no flight systems are presently

under development. The present state of the art is represented by the STEPS and SET
programs being sponsored by the Air Force and NASA respectively. Systems consisting

of a thermionic generator, a solar collector, and an orientation system have been developed
and ground tested on both of the programs. Development of an experimental flight system

has not been undertaken because numerous problems remain to be solved in the areas of

thermionic converter life, reliability, reproducibility, power degradation with time, etc.

(2) Development Schedules

The time required to develop a solar thermionic power supply for a Voyager mission was
considered in detail. In attempting to establish the availability of solar therlnionics, the

6-86



¢i ,.,4 - r,..i _ _

w

/

o

C

}
0

_t

J £
/

/
/

N

U
I

6
f_

Z

©

f

o

\

o

Z

Q_

©
._-_

0

0
k*-.4

:::::1

0

,-]

;>

6 98
,c



DEVELOP EXPERIMENTAL SOLAR

THERMIONIC VEHICLE AND DELIVER

TO LAUNCH SITE
.J

116 WK "]PUT']
INTO

4w_]
ORBIT EVALUATION

TIME

16 WK

REDUCE

DATA

4 WK

MAKE

i DECISION

2 WK

272 WKSOR 5.23 YEARS

DEVELOP POWER

SUPPLY FOR

VOYAGER VEHIC LE

130 WK _i

1
Figure 6.5.5-3. Development Schedule - Solar Thermionic Generator

for Voyager

to do so in the immediate future. Those working in solar thermionics at NASA-JPL have

been considering the development of an experimental vehicle and hope to be in a position

by late 1964 to propose such an experiment. If they obtained NASA approval in late 1964,
they feel that the vehicle could be ready for launch by late 1966. Integrating this late 1964
starting date with the estimates made in Figure 6.5.5-3, it appears that solar thermionic

power supplies could not be available for space applications before 1970. This is obviously

too late for consideration on the early phases of the Voyager program.

The estimate of 5.23 years to develop Voyager flight hardware once development of the

experimental vehicle is undertaken, is considered an absolute minimum for the following
reasons:

,

.

The development schedule assumes that the first experimental flight attempted
will be successful. Considering the potential difficulties, this seems like a
very optimistic assumption.

No provision is made for major development problems which cannot be
foreseen now, but which invariably arise.

. The time allowed for putting the experimental vehicle in orbit, reducing the

data, and making a decision to go ahead with thermionics for Voyager is a
very mininmm.

Taking these factors into account, it seems unlikely that a solar thermionic system could

be developed for Voyager before the 1971-73 period.

D, Estimated Performance

Solar thermionics was not emphasized in the Voyager study because it is believed that it
could not be developed in time for the early Voyager missions. However, some preliminary

performance estimates were made and these are indicated as follows:
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6.6 FINAL SELECTION - RECOMMENDED AND ALTERNATE SYSTEMS

6.6.1 ORr_ITERS

The power supplies surviving the initial screening process described ill Paragraph 6.4 are
tal)ulated below for convenience.

Mars

1. Unconcentrated, V-Ridge, and concentrating photovoltaic system

2. Solar thermionic system if available

3. Isotope thermionic system if available

4. Isotope thermoelectric system*

Venus

i. Unconcentrated photovoltaic system

2. Solar thermionic system if available

3. Isotope thermionic system if available

4. Isotope thermoelectric system*

From the basic studies of Paragraph 6.5.2, it was concluded that the concentrating photo-

voltaic system for the Mars Orbiter should be discarded on the basis of weight and concern
over environmental effects on the collectors. In the final selection process, it was also

concluded that the possible weight saving of a V-Ridge system for a Mars Orbiter was too

small to justify its use in view of concern over environmental effects on the reflective
surfaces. The fact that ?Cars is near the asteroid belts with the possibility of a fairly high
lnetcorite flux contributed to this decision.

The studies in Paragraph 6.5.3 and 6.5.5 indicated that neither the isotope thermionic nor

the solar thermionic systems could reasonal)ly be expected to be available for the Mars

1969 Orbiter. Thus, the choice for the Mars 1969 Orbiter was narrowed down to an
unconcentrating photovoltaic system or an isotope thermoelectric system. In making a

decision between these two, the question of isotope availability played an important role,
and as previously discussed in Parag-raph 6.1.5, was a nmjor reason for rejection of the

isotope thermoelectric system for the Mars 1969 mission.

As a consequence of the preceding, the unconcentrated photovoltaic system was selected
for the Mars 1969 Orbiter. It therefore automatically became aprime contender for all

succeedin_ Orbiter missions for both Mars and Venus in view of the general desirability

of maintaining the same type of power supply for all missions unless prohibitive penalties
result.

Investigation of the remaining systems (isotope thermionic, isotope thermoelectric, and
solar thermionic) therefore concentrated on their performance, relative to the unconcen-

tratedphotovoltaic, for Orbiter missions after Mars 1969.

*Isotope thermoelectric systems were initially discarded on the basis of weight, but later

information indicated performance improven_ents such that they re-entered the picture.
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From Table 6.6-1, the solar thermionic system does not appear to be very promising
relative to the others, particularly keeping in mind the desirability of using a single type
of system to handle most or all of the missions. No really significant weight reduction is
indicated over a wide variety of missions, particularly noting that the weights shown do
not include collector support structure, a possibly heavy item. Also, the effect of micro-
meteorites on the collector performance is of concern, and orientation requirements are
rather stringent.

Two sets of values are shown for the isotope thermionic systems, to indicate the significant
effect of ground rules and the attractiveness of this system if they are relaxed. The bene-
ficial effects of the improved converter performance estimates pointed out in Paragraph
6.5.3F(6) (b) should also be considered in evaluating the thermionic systems.

From the preceding, it is concluded that both isotope thermionic and isotope thermoelectric
systems are possible alternates to the photovoltaic system for missions after Mars 1969.

6.6.2 MARS LANDER

The power supplies surviving the initial screening process described in Paragraph 6.4
were:

1. Isotope thermoelectric

2. Isotope thermionic

Since it is concluded in Paragraph 6.5.3 that it is not reasonable to expect an isotope
thermionic system to be available for the Mars 1969 mission, the recommended power
supply for the Mars Lander is the isotope thermoelectric system, with isotope thermionics
as a possible alternate for later missions. However, it was not possible during this study
to make a detailed investigation of an isotope thermionic system for the Landers, so its
merit for such an application must be determined by a future study.

6.6.3 VENUS LANDER

The power supplies surviving the initial screening process described in Section 6.4 were:

1. Primary batteries

2. Isotope thermionic

From Table 6.1.1-2, the surface lifetimes of the 1970 and 1972 Landers are estimated at
about 30 minutes and 6.4 hours respectively. Reference to Figure 6.4-3 provides a pre-
liminary indication that there may be little incentive to go to the added complexity of an
isotope thermionic system. Additional considerations follow.

Although no detailed investigations were made in this study of an isotope thermionic system
for a Venus Lander, it seems reasonable to assume that such a system is not likely to weigh
less than one for an Orbiter, and it will probably weigh more because of more difficult
design requirements° Now studies in Paragraph 6.5.3 indicate that an isotope thermionic
generator for an Orbiter at a power level of a few hundred watts would weigh in the neigh-
borhood of 254 lb/Kw, with a possible reduction to about 127 lb/KW if some of the ground
rules were relaxed. (See Paragraph 6.5.3F(3)). From Table 6.1.1-2, peak load power for
the Venus Landers is about 200 watts. If an isotope thermionic system were to be sized
to handle the peak loads and thus eliminate batteries entirely, this would mean a generator
weight of about 50 pounds with a possibility of a reduction to perhaps 25 pmnds or so.
These weights are not attractive with respect to the 8.5 and 18o 5 pounds of battery weight
given in Table 6.1.1-2 for the 1970 and 1972 missions respectively.
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6.7 PERFORMANCE OF RECOMMENDED POWER SUPPLIES

6.7. I INTRODUCTION

The purpose of this section is to discuss, in those cases where it appears desirable, the

performance parameters used for making estimates of the recommended power supplies.

6.7.2 SOLAR ARRAY PARAMETERS

A. Efficiency

An air mass zero efficiency of 11% was assumed for a bare cell at 85°F. This is con-

sidered to be a reasonable assumption for the delivery period involved. MSD has meas-

ured the efficiencies of severaIN/P cells from one vendor at i0.5%, and these cells were

mechanical rejects with no particular attention paid to trying to select high efficiency. The
same vendor has submitted price and delivery estimates to MSD within the past few months

covering a range of air mass zero efficiencies from 9% to 11% in quantities up to several
hundred thousand. They indicate deliveries in the tens of thousands per month are ob-

tainable for the 11% cells beginning about six months after receipt of an order. An indi-

cation of the yield of these higher efficiency cells is provided by the fact that the estimated

price for an llC{ cell is about 50% greater than that for a 9% cell. As an additional item,
recent performance estimates of the Nimbus photovoltaic panel indicate they are based on
a cell efficiency of about 11%.

B. Manufacturing Loss Factor and Ultraviolet Degradation Factors

Values of 0.97 and 0.95 respectively have been assumed. These are based on past ex-
perience by MSD. The former covers losses incurred in soldering, etc., during manu-

facture. The latter covers an observed decrease in output shortly after exposing the cell
cover-glass combination to sunlight. This has been attributed to a decrease in the trans-

mission properties of the filter due to exposure to ultraviolet. It has been found that the

bulk of this effect occurs during the first 20 hours in sunlight, either in vacuum or m the
atmosphere. No significant further deterioration is experienced after the first 20 hours.

Testing has confirmed this conclusion for periods up to a simulated 4.3 years of sunlight
exposure. Investigation into the detailed mechanisnl of this effect indicates there is a

possibility of eliminating it by proper treatment of the filter. If this proves to be the case,
this loss factor can be eliminated.

C. Meteorite Loss Factor

Measurements made at MSD indicate the maximum degradation from micrometeorites

to be five percent. Solar cell-filter composites were prepared, their output measured,
and then they were thoroughly sandblasted using a fine abrasive. Measured output after
sandblasting showed a 4.5 percent reduction in short circuit current and a five percent

reduction in current at the maximum power w_ltage.

D. Packing Factor

A ratio of active cell area (1.9 cm 2 for a 1 x 2 cm cell) to panel area of 0.9 has been

assumed. This is reasonable for this type of design based on past experience.

E. TemL)erature Degradation

A degradation factor of -0.26q, pet" degree F temperature rise above 85°F has been as-
sumed. This is based on measured data of the aforementioned 10.5¢7 efficient N/'P ceils.

6-108



1011 '

!

(9

Z
@

!

A

'-O-

1010

109

108

10 7

106

_I ASSUMED ENVIRONMENT

] __ (1956-61) :

1959 ENVIRONMENT -----_\ _

b

1960 ENVIRONMENT _ _ _.".3_!'"_\ 'i k,_ -_

NOT E'

1) VALUESSHOWNARE FOR YEARLY
INTEGRAL FLUX OF SOLAR FLARE
PROTONS AT EARTH

2) _ (> E) DENOTES ISOTROPIC FLUX OF
ENERGY GREATER THAN "E", DIVIDE

ISOTROPIC FLUX BY _I NO TO GET

FLUX IMPINGING ON BOTH SIDES OF A
FLAT SURFACE,

3) POINTS SHOWN ARE DATA POINTS

10 100

PROTON ENERGY - MEV

1000

Figure 6.7-1. Solar Flare Proton Environment

6-110



©
o
<

(.-)

<

<

_O
[E

1o20

1.10

1.00

• 9O

.8O

.7O

.60

.50

.40

.3O

.2O

• 10

f

/

/--- AVERAGE(1956_61)ENVIRONMENT

\
10 x AVERAGE ENVIRONMENT

(lO56-61)

I
ASSUMED ENVIRONMENT

(1969-72

NOTE: RADIATION PROTECTI,,N ON BACK OF CELLS,
INCLUDING INACTIVE PORTId;N OF CELLS,
ASSUMED TO BE EQUIVALENT TO 30 MILS ;..)F
FUSED SILICA

0 10 20 30 40

CELL COVER GLASS I'HICKNESS (FUSED SILICA) -- MILS

Figqare 6.7-2. Solar Cell 1Radiatitm Degu'adation

Factors Due Io Solar Flare Proton

6-112



/

/

_D "_ c'q O cO ¢.D ,_ ¢'M

O

c;

5¢]

I

©
7,

_5

.<

cD
O

C)
<

A DN_;IIDIaIaI a ONIO_IVHD

L_

O

(.9

Z

_>_

_9

(D

¢9

q9

¢4

_5

6-114



A solar array sized to deliver 155 watts to the load at Mars, and a battery capable of re-

peatedly delivering 122 watt-hours at its terminals satisfy the power requirements for this

mission. Energy requirements during and shortly after the ejection of each Lander deter-

mine battery size. The battery is charged at a 6-hour rate (40.5 watts input) following these
two discharge periods, with a discharge efficiency at this rate of 67c_. Batlery depth of dis-

charge is 60(/, yielding a useful capacity of 5.4 watt-hours/lb and a battery weight of 22.7
pounds.

This power supply does not need power from the Lander RTG units, and use of such power

offers negligible incentive ;is a means of reducing Orbiter power supply weight.

6.8.5 MARS 1975 BUS

This mission consists of a fly-by of the planet, ejecting two Landers ill the process. Power

levels during the bulk of the transit phase are 78 watts, with occasional peak loads, chief

of which are 130 watt peaks for 1/2-hour periods following maneuvers and 282 watt peaks

for 1/2-hour periods for communications.

The power supply selected uses both the Lander RTG units (41 watts available to the
Orbiter from each during transit) and the Lander batteries during the transit period.

These units, plus a solar array capable of delivering 130 watts to the load in the vicinity

of Mars, eliminate the need for an Orbiter battery up to the point of ejection of the last
Lander. (Lander 1oatteries are in a fully charged condition at the time they leave the
Orbiter. )

However, a battery is needed to supply energy requirements during ejection of the second

lander and subsequent peak power levels in excess of the array capacity. These total re-

quireinents are about 215 watt-hours at the battery terminals. Assuming use of aprimary
silver zinc battery with a useful capacity of 25 watt-hours/lb, the resulting battery weight

is 8.6 pounds.

This value of battery weight is conservative, since the power profile after ejection of the
second Lander is such that there is time and power available for recharging the battery

once, and perhaps twice, thereby cutting energy requirements to about 135 watt-hours and
perhaps as low as 80 watt-hours from the battery. This could be accomplished by a silver

zinc battery.

If a nickel cadmium battery were to be used for the Orbiter, rather than a silver zinc
battery, it would be expected to weigh about 15 pounds and would thus be in the neighborhood

of 5-10 pounds heavier than the silver zinc.

6.8.6 MARS 1969 LANDER

The power profile for the Mars 1969 Lander is shown in Figure 3.3.5-4 of Vol. II. The
RTG unit is capable of deliverh_g 70 watts to the load, and with this power profile the

battery size is determined by the energy requirements during peak power operation at 360

watts in the direct mode. This energy requirement is 153 watt-hours from the battery.
A nickel cadmium battery is used because of the large number of discharge-charge cycles

required. Battery depth of discharge is 60';, after each of these peak loads, yielding a
useful energy of 5.4 watt-hours/lb and a battery weight of 28 pounds. From the power

profile, 14.6 hours are available to charge the battery before the next, but lower, peak

load. It is assumed that only 12 hours will be used. At this charge rate, battery charge
efficiency is estimated at about 50%, yielding a required charging power input at the bat-
tery terminals of about 26 watts. More than 30 watts are available from the RTG unit.

Using this size battery, charging rate, and charging efficiency, analysis shows that the
battery satisfies all of the other operational requirements with depth of discharge always
less than 60(_ '.
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6.9.3 ALTERNATIVE RTGDESIGNCONCEPTSFORMARSLANDER

As anaccompanyingstudyto that recommendedin the previous section, it is recommended
that other desigll conceptsbe investigatedin detail in order that the most suitable concept
canbe determined. Of tmrticular interest wouldbe to see if a satisfactory conceptcall be
foundwhicheliminates a circulating coolant. Again, the preferred pro('edurt' would be to

establish firm ground rules first.

6.9.4 ISOTOPE THERMIONIC AND THERMOELECTRIC STUDIES

Since both of these systems are possible alternate power supplies after 1969, it is recom-
mended that additional studies be made once ground rules are established in order to deter-

mine their suitability. This is particularly desirable for tile isotope thermionic systems,
since less work has been done in this area.

6.9.5 ISOTOPE AVAILABILITY

Tile need fur clarification of isotope availability as soon as possible has been sufficiently

indicated in Paragraphs 6. 1.1 and 6.1.2.
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o A man-made radioisotope, rather than a naturally occurring one, is highly

desirable since it simplifies the problem of detectin_ natural radiation on

the planet.

Based on these requirements, Cerium 144 can be rejected because of its short half-life

(285 days) and the fact that it is a beta emitter. Curium 242 is not suitable because c_!
its short half-life (162 days). This leaves Plutonium 238 and Curium 244, neither of which

is naturally occurring. These radioisotopes look very attractive for Voyager applications

since they have sufficiently long half-iives (89.6 and 19 years respectively) and are alpha
emitters.

The preceding conclusions are substantiated in Reference 2 of Section 6. which recom-
mended Plutonium 238 and Curium 244 for radioisotope power supply applications for

Venus and Mars missions. This Reference pointed to the length of tile mission and the fact

that radiation detection experiments would be invoh'ed as tile major reasons for this recom-

mendation.

For the reasons outlined above, Plutonium 238 and Curium 244 were tile only two radio-

isotopes considered in this study.

The dioxide form of these radioisotopes is l)referred because they are chemically tile most

stable of the compounds and have the highest melting points. Tile properties of PuO2 and

CmO2 are presented in the appendix to Volume III.

(2) Availability of Plutonium 238 and Curium 244

The AEC has recently estimated (see Reference 2 of Section 6) the availabilily of Plutonium
238 and Curium 244 through 1972. These results are presented,_raphicaily in FiKure

6.5.3-4. In April, NASA instructed the General Electric Company to use these estimates

in carrying out the Voyager radioisotope l)ower supply studies. These estimates are based

on the capacity of the AEC and private industry to produce these radioisotopes if the de-
mand exists, and it is our understanding that the estimates assulne a "go ahead" ill the

summer of 1963 for the Curium 244 production.

These estimates still represent the latest official AEC information on this subject. !tow-
ever, recent discussions with tile Isotopic Power F_ranch of tile AEC have indicated that
Plutonium 238 and Curium 244 may not be a\'ailable in the quantities shown ill FiKure

6.5.3-4. They suggest that a more realistic picture would result from a delav in the

original estimate of about two years. This delay would appear tol)e due in l)art, at least,

Figure 6. 5.3-4. AEC Avzdl_d_ilitv Estimates fl)r Cm 244 ktlld Pu 238
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TABLE 6.5.3-3. RADIOISOTOPE REQUIREMENTS
FOR MARS 1969 MISSION
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Number of converters
360 watts

2 cm2x7.16 watt________s
2

am

= 25.2

Twenty-four thermionic converters were used because this number is easily divided into
2, 3 or 4 series strings and fits well with the preferred design configuration. The use of
twenty-four converters results in a cathode area per converter of 2.1 cm 2.

(e) Generator Design Concept

The criteria outlined in the preceding sections were integrated into the generator design
concept shown in Figure 6.1.6-1.In this configuration, the radioisotope is located in a
cylinder in the center of me generator. Thermionic converters are located around this
cylinder, and the thermal energy is transferred from the cylinder walls to the converter
cathodes by radiation. Thermal radiation shields are located between the thermionic
converters and on the ends of the radioisotope container to minimize the thermal losses.

Helium void volume tanks are located in each end of the generator to accommodate the
helium produced in the decay of the radioisotope. By locating the helium void volume
outside the cylinder containing the radioisotope, the gas can be contained at a lower tem-
perature and therefore lower pressure. Heat leakage from the radioisotope capsule is
also reduced by this means. The helium void volume tanks are designed to contain the
helium for a period greater than thedesired one year operating life. At some time after
one year, the tanks will be designed to rupture in a localized area and the helium will fill
all the void space within the impact shell. This increases the available void volume by
approximately 85 percent and reduces the pressure significantly. This approach allows
the helium gas generated to be contained over the period of ten half-lives with a minimum
weight penalty.

Compared to other gases helium is a good thermal conductor, and for this reason it is
desirable to confine it to prescribed areas of the generator during the operating life. If
during the generator operating life the helium were allowed to fill all of the volume inside
the impact shell, it would result in ever changing thermal conditions and a varying power
output from the generator. In addition, the external surfaces of the thermionic converters
would be exposed to a continually changing pressure rather than a vacuum. This could lead
to varying converter performance or converter failure.

The cesium reservoirs for all twenty-four converters are located in a heat sink on one end
of the generator. This approach is taken in an attempt to obtain uniform cesium reservoir
temperatures and to allow the desired cesium reservoir temperature to be achieved while
maintaining a significantly higher temperature at the attachment point between the ther-
mionic converters and the impact shell. A high temperature at the attachment point is
very desirable since this is basically the root temperature of the radiating fins and the
higher the temperature the smaller the fins.

The main generator components: thermionic converters, radioisotope and its container,
he!_um void volume tanks, thermal insulation, etc., are housed inside an impact shell.
The primary function of this impact shell is to completely contain the radioisotope under
al__llconditions for a period at least equal to ten half-lives of the radioisotope. The com-
ponents inside the impact shell operate in a vacuum which protects them from oxidation at
the elevated operating temperatures.

The impact shell is enclosed in an ablation material for protection in case of Earth re-entry.
The outside surface area of the ablation material plus six radiation fins are used to dissi-
pate the waste energy.
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The ground rule requiring containment of the radioisotope under all conditions represents

a severe penalty. For example, the thickness of the impact shell is 0. 62 inches and is
determined by the pressure at the maximum ocean depth. The maximum ocean depth is

37,800 feet and occurs in the Mariana Trench south of Guam. The average ocean depth is

considerable less than this figure and since there are few of these trenches, and they are
generally quite narrow, (the Mariana Trench is one-half mile wide and twenty miles long),

the chances of the generator falling into one are very remote. By proper selection of the
launch site and trajectory, these chances could be further minimized. For a specific

case, it seems likely that a detailed failure analysis would substantiate that the probability

of the generator falling into a maximum depth area were sufficiently small to allow the
generator impact shell to be sized for a depth lessthan 37,800 feet. For example, the

radioisotope containers on some thermoelectric generators have been sized for 6000 feet.

If the impact shell on the generator shown in Figure 6. i. 6-2 were sized for 6000 feet rather
than 37,800 feet, the generator specific weight would be reduced from 202 Ib/kw to 127
ib/kw.

There is also the possibility that the dilution of the radioisotope below certain ocean depths
is sufficient so that containment is unnecessary.

Until some of the design ground rules can be clarified, it will be difficult to evaluate

radioisotope thermionics as a space power system. Potentially, it could represent a very

attractive power supply. For this reason, emphasis should be placed on clarifying the

design ground rules as soon as possible.

G_ Results and Conclusions

Integrating the results from sections 6.5.3C and 6.5.3D, some general impressions as

well as some specific conclusions can be drawn with regard to radioisotope thermionics
for the Voyager missions.

(1) Impressions

Radioisotope thermionics will not be seriously considered for a Voyager mission until it

is flight proven. It is conceivable that this could be altered if radioisotope thermionics
were shown to offer some overwhelming advantages. Based on the findh_gs in this study,

this seems unlikely without some significant changes in the design ground rules employed.

(2) Conclusions

1. Radioisotope thermionics could not be developed in time for a 1967 Voyager
mission.

o The status of radioisotope thermionics for the 1969 Voyager mission is
questionable. If the assumptions made in this study are accepted, then in our

judgment radioisotope thermionics will not be available for the 1969 Voyager
missions. This conclusion is based on the lengthy hardware development

time and not the availability of radioisotopes.

3. From both the radioisotope availability and hardware development standpoints,

radioisotope thermionics definitely appears feasible after 1969.

Although there are numerous assumptions on which this study was based, there is one key

assumption which contributes substantially to the conclusions presented above. That is
the requirement that radioisotope thermionics be proven by at least one successful space

flight before it would be considered for use on a Voyager mission. It is primarily this
prior flight that does not allow the development of radioisotope thermionics in time for a
1967 or 1969 Voyager mission. If those responsible were willing to fly the first radioiso-

tope thermionic power supply on Voyager, then it is conceivable that a 300-watt unit could
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. The radioisotope must be contained under all conditions for a minimum of
ten half-lives.

2. A void volume sufficient to contain the theoretical quantity of helium gas

generated in the decay of the radioisotope must be provided.

3. No portion of the radioisotope can be allowed to exceed its melting point under

normal operating conditions.

The first two of the above ground rules form the most significant restrictions on design

and require careful consideration not only of normal modes of operation but also of all

possible failure modes. In all cases, the condition to be avoided is rupture of the isotope

capsule under conditions which would release radioactivity on either the Earth or the target
planet. Table 6.5.4-1 provides a summary of both normal and failure modes of operation.

It lists the various conditions under which capsule failure might occur, the failure mechanism,
and various methods of avoiding capsule failure and/or radioactive contamination of the Earth

or target planet. This table is specifically prepared for the design concept used in this re-

port, but most of the failure modes and resulting problems are generally applicable to any

isotope thermoelectric design concept for a Lander.

A careful review of this table will reveal that prevention of capsule failure and planet con-

tamination under all possible conditions imposes some extremely difficult design require-
ments. Among other things, this suggests that it would be pertinent to investigate the

probability of occurrence of some failure modes to assist in determining whether it is
reasonable to require protection against them. An example of a failure mode that might be

of this kind would be earth re-entry at approximately escape velocity and a very steep angle_
as might occur in a trajectory that didn't quite achieve escape conditions. Another failure

mode of this type might be failure of the Lander to protect the RTG during planet entry.

The scope of this study was such that it was not possible to investigate all of the failure

modes indicated in Table 6.5.4-1, but the problem areas were identified, and considera-

tion was given to those with the greatest probability of occurring. Investigations were
carried out on the requirements for the isotope capsule to survive for ten half-lives after

a successful mission (i. e., with maximum theoretical helium decay) (Mode 1) and for sur-
vival of the capsule if it should land at the deepest depth of the ocean (Mode 7). These in-

vestigations indicated that sizing the capsule to survive exposure to the pressure at the

deepest depth of the ocean would allow survival of the capsule on impact at terminal velocity
during Earth re-entry (Mode 3). Such a design could probably also be expected to survive

Mode 2, though no specific calculations were carried out for this mode. Ablation material
thickness was based on information contained in Reference 4 of Section 6 and is believed

to be a reasonable approach towards satisfying Mode 4, but additional study is definitely
in order. This is discussed in more detail in the appendix to Volume Ill. The method of

handling Mode 10 as indicated in Table 6.5.4-1 should be satisfactory.

Recommendations for consideration of the remaining modes of Table 6.5.4-1 are made in

Section 6.9. Some of those of most concern, for example, are Modes 6, 8, 11, 12, i3,
and 16.

D. Design Requirements

The basic requirements for the radioisotope thermoelectric generator were that it have high
reliability, aid the thermal control system, and meet the Earth safety and planet contamina-
tion ground rules. Specifically, the requirement was to provide a generator to meet the

unique needs of the Mars Lander. At the beginning of the RTG design study, it was known

that the Lander power profile was composed of a base load with fairly regular peaks asso-
ciated with those times when the Lander would be communicating with either the Orbiter

or directly to Earth. An analysis was made to determine at what relative levels of peak
to base load and charge to discharge times it would be desirable to supplement the RTG
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with rechargeable batteries. The results of this analysis are shown in Figure 6.5.4-1 for

the specific weight of the generator finally designed. From this curve and the Lander power

profile, it was deemed advantageous to supplement the RTG with nickel cadmium batteries.

A power output of 82 watts at the generator was found to be sufficient to meet the base load
requirement and charge the batteries. In fact, this output is approximately ten percent

greater than that which would give a minimum weight for the battery - RTG system, but
it was considered more convenient to oversize the RTG initially and make minor modi-

fications in the battery size than to have to redesign the RTG if minor changes were to

occur in the power requirements. The power output of 82 watts at the generator yields 70
watts at the load.

E_ Design Decisions

The first design decision was to provide for containment of the helium inside the isotope
capsule and to surround the capsule with a material which would serve both as a re-entry

heat shield and as a fuel block. The fuel block serves as a transfer medium to spread the
concentrated heat generated by the isotopic source to an area compatible with the thermal

requirements of the thermoelements. Since this fuel block is a requirement of all radio-

isotope thermoelectric generators, it was deemed prudent to make it serve two functions.
Based on the studies of the Martin Company, beryllium was chosen to serve as the fuel

block heat shield. It should be noted that the alternative to using the fuel block as the heat
shield and the fuel capsule to contain the helium is to allow the helium to fill the entire

thermoelectric generator and to place the heat shield around the generator. It is believed

that the chosen system gives the lightest generator as well as the smallest generator.

The second major design decision was to use Curium 244 as the radioisotope. The higher

specific activity and resulting higher power density of Curium 244 when compared with

Plutonium 238 yields a lighter (by about 37 pounds in this case), _maller, and more ef-
ficient generator. The disadvantages of Curium 244 are that it may not be available in

large quantities as early as Plutonium 238 and that the radiation dose rates are considerably

higher. However, in the long run it is believed that Curium 244 will be more available,
and investigations of radiation dose levels indicate that they pose no problems with regard to

mission scientific experiments.

Germanium silicon was chosen as the thermoelectric material because its high temperature
capability assisted in reducing radiating surface area requirements and because of its re-

portedly good material structural properties and ease of fabrication including hot junction
bonds.

Using this thermoelectric material, hot junction temperatures of 1500°F were considered

based on systems studies made by the Martin Nuclear Division and upon recommendations

of RCA, manufacturers of germanium silicon alloy. RCA has, for example, considerable
experience with this material at temperatures equal to or greater than 1500°F.

However, with these hot junction temperatures, it was found that the isotope capsule would
have difficulty in surviving creep to rupture under normal operating conditions assuming

helium build-up. In order to avoid this problem, the hot junction temperature was therefore
reduced to 1300°F.

F. Results

The resulting RTG design is shown in Figure 6.1-2, while pertinent performance parameters
are given in Table 6.1-6. Dose rates from the radioisotope are given in the appendix to
Volume HI.

G. Discussion

Along with the 1300°F hot junction temperature, a 465 percent void volume was chosen to
reduce the problem of creep to rupture in the isotope capsule as the helium pressure builds
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up. A cold junction temperature of 575°F yields a minimum weight system. With the
beryllium heat shield wrapped around the isotope capsule and radiating to the hot junction
of the thermoelectric elements, the maximum capsule temperature is 1709°F when the

isotope is first loaded in the generator. The analysis used to evaluate this condition was
very conservative, and it is believed that with the chosen void volume and hot junction
temperature no stress problems will result under normal operation.

The radioisotopic source is held in position by an inner support structure. This structure
would be made of a refractory metal and, if needed, would have numerous pin holes to
allow the helium to escape from the isotope into the void volume.

The length of the thermoelectric elements was chosen at. 375 inches since this yielded a
diameter of approximately . 125 inches which can be readily manufactured and handled.
The thermoelectric elements are arranged in a series-parallel configuration such that
there are two strings of 240 thermocouple pairs each producing 28 volts. This system
provides a reliability estimated to be greater than . 999 of completing the mission and
eliminates the need for a dc to dc converter. The dc to dc converter would lower the

system reliability, lower the system efficiency by approximately ten percent, and add
approximately two pounds to the system weight. The advantages of a single string would
be lower thermal losses which would yield a higher generator efficiency and greater manu-
facturing ease.

The germanium silicon thermoelements are cantilivered from the cold junction to add struc-
trual rigidity and to provide a completely brazed assembly. The brazed assembly greatly
reduces contact resistances, thereby improving the performance of the generator.

Uniform temperatures are maintained at the cold junction independent of the Lander capsule
attitude by circulating the thermal control coolant at all times. If the coolant system fails
after the mission is completed, local temperature non-uniformities should not be a severe
problem. These temperature and pressure considerations would be fully investigated during
the development of the generator. If it were found that the stress conditions were much less
severe than anticipated, the hot junction temperature would be raised and the accompanying
improvements in generator efficiency would be incorporated into the design, thereby re-
ducing the isotope inventory required.

It is not believed that variation in the ground rules will have as significant an effect on the
radioisotope thermoelectric generator as it had on the radioisotope thermionic generator.
However, studies by the Martin Company show that a saving of approximately 45 percent
in the specific weight can be made if intact re-entry is not required. On the other hand,
the requirements for intact entry on the planet may be more stringent than the requirements
for earth intact re-entry and therefore may cause the specific weight to increase. A further
study of this will be required.

6.5.5 SOLAR THERMIONICS

A. Description

Solar thermionics differs from radioisotope thermionics primarily in the source of ther-
mal energy. A schematic of a solar thermionic system is shown in Figure 6.5.5-1. Solar
energy is collected by a parabolic solar collector and concentrated through an aperture
opening into a cavity absorber. Thermionic converters are mounted in the walls of the
cavity absorber. The concentrated solar energy is used to heat the cathodes of the ther-
mionic converters. Electrons are boiled off the hot cathode surfaces, collected on the

cooler anode surfaces, passed through an external load and returned to the cathode. An
orientation system is required to keep the solar collector oriented to the sun.

Because of its dependence on solar energy, a solar thermionic system must be augmented
by an energy storage system for portions of the mission where the Sun is not available, or
the solar collector cannot be Sun oriented.
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assumption was made that it would not be selected for use on Voyager unless it was first
proven by at least one successful ext)erimental flight. This ground rule is generally

accepted by those involved in solar thermionics and has been stressed on several occasions

by JPLpersonnel associated with the NASA solar thermionics program. With this basic

premise as a guide, the approach used to answer the availability question is outlined
below.

STEP 1 - A schedule was prepared for the development of an orbital solar ther-

mionic experimentaI vehicle. This schedule included the time required

to develop the vehicle, put it in orbit, carry out the space experiment,
and reduce the data.

STEP 2 - It was assumed that the experiment was successful and the decision

made to use solar thermionics on Voyager. All estimate was made of

the time required to develop Voyager flight hardware.

The sum of the times requn'ed to accomplish Steps 1 and 2 gave an estimate of how long it
would take to reach Voyager flight hardware once the development of all experimental flight

vehicle was undertaken. This estimate, cout)led with inputs from NASA and the Air Force

as to when they plan to start development on an experimental solar thermionic vehicle,
allowed an estimate to be made of the year Voyager flight hardware could be available_

A detailed schedule for tile development of a solar thermionic flight experiment is l)resented

ill Table 6o5.5-1. This schedule is based on the development of an experimental vehicle

similar tothe one shown in Figure 6.5.5-2. The major assumptions made ill establishing
the development schedule are:

. Tile schedule was not laid out on a "crash" basis (everything done in parallel,

overtilne, etc.), 1)ut rather an attempt was made to have the work represent

a logical progression. For example, the program is divided into two phases.
Phase I consists of developing the thermionic generator. Developnwnt of tile

other sut)systems (Phase II) is not started until after this first phase is suc-

cessfully completed. This approach is believed to l)e more in keeping with

the way such a tn'ogram would be funded.

, The estimates were made assuming the normal degree of development diffi-

culty. No provisiol_s were made for major development problems which

cannot t)e foreseen. Ill this respect the schedule is optimistic,

. Ill general provisions were made for manufacturing four units of each sub-

system: one unit for subsystem tests, one for system tests, one for
the launch vehicle, and one backup.

4. No consideration was given to the level of funding required. The assumption

was made that funding was not a limitation.

Under Step 2, a detailed schedule was not established for the development of Voyager

flight hardware. Based on the schedule developed under Step 1 and a study of the time
required to develop photovoltaic power sut)plies for projects such as Nin_l)us and Advent,

it was concluded that a solar thermionic power supply for a Voyager vehicle could not be

developed ill less than 30 months (130 weeks).

The results from Steps 1 and 2 are summarized in Fig-ure 6.5.5-3. This schedule repre-
sents tile minimum time it would take to obtain Voyager flight hardware once development

of the experimental solar thermionic vehicle was started.

At present neither tile Air Force nor NASA has started to fund the development of an
experimental solar thermionic flight vehicle. In addition, they do not h,/ve official plaas
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TASK

9 - HOUSING

a-Design

b-Manufacture 1 Unit

c-Evaluation Testing

Vibration Test

Thermal Test

d-Modifications

e-Manufacture 3 Units

f- Qualify
i

10 - INSTRUMENTATION

a-Design

b-Manufacture And Obtain

From Vendors

c-lnstall

d-Checkout, Modify
And Calibrate

II - SYSTEM TEST

a-Assemble System
Test Vehicle

b-Evaluation Tests

Mechanical Operation
Electrical

Vibration

Thermal Vacuum

c-Modifications To Vehicle

12 - FINAL VEHICLES

a-Assemble Final Two

Vehicles

b-Checkout and Qualify

c-Deliver Too Vehicles

To Launch Site

65 66 67 68 69 70 71 72 73 74

v

75 76 77 78 79 8C!81 82 83 84 85 86 87 88

v

w

miD,.

mlp.

II I
ESTIMATED TIME REQUIRED
EXPERIMENTAL VEHIC LE --



TABLE 6.5.5-i. SCHEDULE FOR DEVELOPMENT OF AN ORBITAL SOLAR

THERMIONIC EXPERIMENTAL VEHICLE (Cont'd)

WE EKS

_9 90 91 92 93 94 95 96 97 98 99 t00 101102103[04105!106107108 109110 II 112 113 114 115 116
COMMENTS

Should Be Tested With The

Components It Houses In Place

Quantities To Measure Include

Temperatures, Voltages, Orien-

tation Error, Collector Reflec-

tivity, etc.

May Require Long Lead Time

To Obtain Reflectivity Measuring
Device

This Includes Some Time For

Minor Modifications

v

m_

roD.

v

v

Thermal Vacuum Test Would Be

Conducted In Space Simulator

Assumes Only Minor Modifications

Checks Include, Mechanical,
Electrical and Vibration

v

TO DEVELOP A SOLAR THERMIONIC

116 WEEKS

m4D.
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TASK

4 - SOLAR COLLECTOR

a-Design and Fabricate Spin

Cast Back Up Structure

b-Spin Cast Master And

Optically Check

c-Electroform Male

d-Evaluate Optical Coatings

e-Electroform Skin

f-Attach Back Up Structure

(Torus)

g-Apply Optical Coating

h-Optical Inspection

i-Evaluation Tests And Optical

Checks After Each Test.

Vibration

Acceleration

Thermal

tlumidity

j-Modificatioas

k-Manufacture and Qualify

Three Collectors

5 - ORIENTATION

a-System Design

})-Write Ctm_ponent Spec

c-Obtain Components And

Assemble Two Prototype

Units

d-Checkout In 3 Axis Simulator

e-Environmental Testing

Thermal Vacuum

Vibration

Accek ration

f-Modificati<ms

g-Assemble Two Final Systems

h-Qualify Two Units

6 - TT&C

a-S}+stelll Dt'si_It

b-Develop t_rt adb//ard

c- Buikt Prototype

d-Electrical Evaluation Tests



TABLE 6.5.5-i. SCHEDULE FOR DEVELOPMENT OF AN ORBITAL SOLAR

THERMIONIC EXPERIMENTAL VEHICLE (Cont'd)

WEEKS

47 48 49 50 51 52] 53 54 55 56 57 58 59 50 _1 62 63 64 65 36 67 5e

I
!

1

m,,l_

m_

minD,

n_,iD

59 70 71

mD

i

'2 T3 T4 75 76 r7 _'8 79 _0181 82 93 84

I

I
i
!

I

i

i

!
i

r--

i

i
L

I I

I i

B5

COMMENTS

By This Point Should

Have Sufficient Thermal

Information On Tile Con-

verters And Generator

Structure To Size The

Collector

Need Highly Reflective

Coating That Will Stand Up

In Space Environment

This Assumes Work Is

Done At Liberty Mirror Co.

Assumes I Week Is Required

After Each Test For Optical

Inspection.

Assumes Only Minor Changes

Assumes 12 Weeks To Build

3 Collectors And 8 Weeks To

Qualify

Assumes Can Make Use Of

Some Of The Hardware

Develnped For Nimbus And

OAO

One Unit For Environmental

And One For 3-Axis Simulator

Tests, This Allows Tests To

Be Run In Parallel

P_ckaged But Not Potted

/
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TASK

1 - THERMIONIC CONVERTERS

a-Develop Cesium Reservoir

Temperature Control

b-Ev_uation Tests Of Present

State Of Art Converters.

Thermal Vacuum Test

Vibration Test

Life Test

c-Design Converters.

d-Manufacture 6 Converters

e-Repeat Evaluation Tests On

These 6 Converters.

Thermal Vacuum Test

Vibration Test

Life Test

f-Redesi_1

g-Manufacture 16 Converters

h-Qualify Converters

2 - THERMIONIC GENERATOR

STRUCTURE

a-Evaluation Tests Of Present

State Of Art Generator Structures.

Thermal Vacuum Test

Vibration Test

Life Test

b-Design Generator

c-Manufacture i Generator

(Include A Few Spare Parts)

d-Repeat Evaluation Tests

Thermal Vacuum Test

Vibration Test

Life Test

e-Redesign

f-Manufacture 3 Generators

g-Assemble Two Generators

(With Cunverters) And Qualify

3 - GENERATOR SUPPORT ARMS

a-Design

b-Obtain Material

e-Manufacture 9 Arms



TABLE 6.5.5-1. SCHEDULE FOR DEVELOPMENT OF AN ORBITAL SOLAR

THERMIONIC EXPERIMENTAL VEHICLE (Cont'd)

WEEKS
COMMENTS

This Assumes A Fixed Point

Control.

Life Test 10 Converters For

500 Hours. This Schedule

Assumes We Can Test 5 At

A Time.

Use Information Gained From '_b".

8 Weeks First Converter and Then

5 Per Month.

Four Weeks Of Thermal Vacuum

Testing In Solar Testing Facility

Life Test Four Converters Mounted

In Generator For 500 Hours.

Assumes Only Minor Changes

Three Weeks For First Converter

And Then 5 Per Month.

Vibration Electrical And Thermal

Cheeks.

This Testing Is Done In Connection

With The Thermionic Converter

Testing Outlined In '_b"

Use hlformation Gained From "a"

This Assumes A Structure Simular

To That Used In The CVG And STEPS

HI Generators

This Testing Is Done In Connection

With The Thermionic Converter Testing

Outlined In "e" Above

Assumes Only Minor Changes

One For Systems Test, One

Flight, and One Spare.

Qualification Tests-Consist Of

Electrical And Vibration Checks

Two Of Generator Support Arms

Also Serve As Electrical Leads From

The Generator To The Load.

Assume Material Is Berylllum.
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Mars Venus

SpecificWto 252 104
lb/KW

These specific weight fig-ures include only the generator, solar collector, and the support
structure connecting the generator to the collector.
following assumed performance parameters.

Cathode Temperature

Converter Power Density

The estimates are based on the

195 0°K

, 2
9.2 watts/cm

Converter Voltage Output 0.6 volts

Converter Efficiency 11.4 <

Generator Efficiency 10. ff

Solar Collector Efficiency

Solar Intensity - Mars

Solar Intensity - Venus

G _

58.7 ',vatt._ ft 2

248 watts, ft 2

The specific weight values used for the various components are discussed below.

(1) Ther mionic Generator

A generator specific weight of 50 lb, KWwas used. This figure was based on results from

solar thermionic generators desigl_ed, built, and tested by GE-MSD as part of the Air
Force sponsored STEPS Program. A typical solar thermionic generator is shown in

Figure 6.5.5-4.

(2) Solar Collector

A specific weight of 0.6 lb/ft 2 was assumed for the solar collector. This figure is based

on results from five-foot diameter collectors which have been built and flight qualified by
EOS.

(3) Generator Support Arms

As part of their solar collector efforts, EOS has developed and flight qualified generator

_upport arms for a five-foot diameter collector. These arms allow the generator to be
folded in near the apex of the collector, for ease of packaging, and are deployed once the

vehicle is in space. The tripod arrangement weighs 5.2 pounds, and this weight was used

in these performance estimates. The weight of the generator support arms was assumed

to be proportional to collector diameter.

The weight of the structure required to mount, and deploy if necessary, the solar collectors
from the spacecraft is not included in the specific weight fig-ures given here. An estimate

of this weight penalty was not included because it is difficult to generalize in this area.
The support structure weight is very dependent on the vehicle size and shape, the diameter

of the launch shroud, the size of the power supply, etc. Depending on the particular cir-
cumstances, the generator support structure weight could represent a significant penalty.

Since the specific weight estimates are based on present state of the art, they are con-

sidered very conservative for 1970 and beyond launch dates. For example, in the short
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period since theseestimateswere made, significantly better thermionic converter per-
formancehasbeenmeasured.

E, Conclusions and Recommendations

Solar thermionics do not appear attractive for the Voyager Pro,,'ram primarily from the

availability standpoint. It is unlikely that flight hardware for a Voyager mission could be

developed before 1971-73. If the present time-table is adhered to, several Voyager
flights will have been made by this time period. Considerable experience will have been

gained with the power supplies used on these early missions (probably photovottaics and
secondary batteries), and assuming they perform satisfactorily some very significant

advantages would have to be realizable to warrant a power supply change. It seems
unlikely at this point that solar thermionics could offer sufficient incentive to warrant its

development as a replacement for a photovoltaic power supply. Some of the ar,_-uments
supporting this opinion are outlined below:

1 Compared to photovoltaics, solar thermionics represents an unproven space

power system. It is doubtful that this position will have changed significantly
even by 1970.

m Solar thermionics is a relatively sensitive system compared to photovoltaics.

For example, solar thermionics requires orientation accuracy on the order

of 6-10 minutes compared to 5-10 degrees for photovoltaics.

In addition, the solar thermionic system requires close control of the con-

verter anode and cesium reservoir temperatures if maximum power output
is to be maintained.

3. The high geometric and orientation accuracy requirements on solar ther-
mionics complicates the packaging and deployment problems.

4. The use of common hardware I)etween the Venus and Mars vehicles would be
even more difficult in the case of solar thermionics.

Pott'ntially solar thermionics may offer a lower weight power supply compared to pholo-
voltaics, but it is doubtful in the time period considered, that this will be sufficient lo
offsel the disadvanlaKes listed above.
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Weight estimates for these systems were made using the detailed power profiles applicable
to each mission and results of the basic studies in Section 6.5. Results, in comparison

with the unconcentrated photovoltaic system, are shown in Table 6.6-1. The isotope

thermoelectric system weights are not included in this table because they are based in

part on information from a classified report (Reference 4 of Section 6). They will be

found, instead, in the appendix to Volume III of this report and indicate that these

systems may be lighter in weight than the unconcentrated photovoltaic systems for most
of the missions.

TABLE 6.6-1. PERFORMANCE COMPARISON OF ORBITER
POWER SUPPLIES I)

Planet Mar s ._ Venus --_.
Year 69 71 73 75 70 72

Peak Load Power - watts 440 446 334 334 609 365

Generator Power at Load-watts

(Solar Systems) 440 446

(Isotope Systems) 440 446

155 130 589 300

155 130 609 365

Photovoltaic - lb.
As is 2) 217.7 252.1

For comparison 3) 197.7 232.1

106.8 87.1 202.7 131o2
86.8 67.1 182.7 111.2

Isotope Thermionic - lb. 165.3 92.3 72.5 214 132.6

Solar Thermionic 4) - lb. 222.6 102.6 81.3 158.8 91o4

Isotope Thermionic - lb.
(6000 Feet Depth)

(No Helium P,uildup)

97 65.1 49.8 119.6 75.5

Two sets of weights are shown for the photovoltaic system in Table 6° 6-1. The heavier

set is for the weights reported in tabulations elsewhere in this study and includes
all of the panel structure on which the cells are mounted. However, studies indicate that if
the solar cells were to be removed and another type of power supply used, about 20 pounds

of this panel structure would still be required for structural reasons° Therefore, in com-

paring the photovoltaic system with other systems, it is more realistic to subtract this 20
pounds from the photovoltaic structure weight. This has been done for the second set of

figmres.

1) All weights include battery, battery charge control, harness, power control

unit, and inflight disconnects when applicable. Thermionic systems also
include DC/DC converter.

2) This is the weight as reported in the weight tabulations elsewhere and in-
cludes all of the panel structure on which the cells are mounted.

3) This is the photovoltaic system weight which should be used for comparison

purposes with other systems. It subtracts 20 pounds of panel structure
which would be required even if the solar cells were replaced by another

power supply system.

4) Does not include weight of support structure between collector and vehicle.

6-105



Perhaps the thermionic system weight could be reduced by sizing the generator for lower
power levels and handling peak loads with rechargeable batteries, but in so doing the
specific weight of the generator would increase and tend to cut down the savings. All in
all, in viewing the added complexity of such a system compared to primary batteries, the
high development cost that would be incurred, and the relatively small saving in absolute
weight that would occur even under the most favorable conditions, isotope thermionic
generators are not considered to be at all promising for Venus Landers for the mission
requirements investigated here.

Primary batteries therefore constitute the only recommended power supply for the Venus
Lander.

6.6.4 RECHARGEABLE BATTERIES

In all cases where a large number of discharge-charge cycles are required, sealed nickel
cadmium secondary batteries are recommended because they are expected to provide the
greatest assurance of achieving the required life and of giving reliable performance. There
is some data to indicate that sealed silver cadmium batteries may also be capable of ful-
filling these requirements with a saving in battery weight in the neighborhood of 30-50%,
but the assurance of their so doing is not considered to be sufficient to warrant recom-
mending them at this time.
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F. Radiation Degradation Factors

The radiation degradation factors assumed in this study are given in Table 6. i. 3-2. The

primary source of damage is expected to be protons due to solar flares. The effect of the
unknown trapped radiation environment, if any, in the vicinity of Mars or Venus is assumed

to be negligible with respect to these solar protons. The damage due to the latter may be

quite severe, inasmuch as the 1969 Mars mission occurs close to the time of the next ex-

pected peak of solar sunspot activity, these peaks occurring about every II years.

For purposes of estimating radiation damage for the 1969 through 1972 missions, the

solar proton integral flux per year at Earth was assumed to be as indicated in Figure
6.7-1. This total dose and spectrum corresponds approximately to the occurrence during

the vehicle lifetime of approximately two flares like that which occurred in May of 1959.
This is the same environment that was specified by NASA Ames for use by those contractors

who recently submitted studies of a 1967 Solar Probe. Since the solar sunspot maximum

year is expected to be about 1968, it was felt that the difference in launch dates for the
Solar Probe mission and the 1969-1972 Voyager missions would not seriously affect the

basis for using this environment. Inasmuch as the 1973 and 1975 missions are very near

the minimum sunspot activity, the flux during those years was arbitrarily assumed to be

1/3 as great. (See Reference 5 for some discussion along this line.)

For purposes of comparison, four additional radiation environment curves are shown on

Figure 6.7-1, based on data taken during 1956-61. (Reference 6) This period covers the
last maximum in solar flare activity. These curves are as follows:

i. Average yearly dose rate over the six year period

2. Total dose rate in each of the years 1959 and 1960, which had the greatest total

doses during the period

3. An assumed curve equal to ten times the average yearly dose rate.

For these last four curves, the straight line variation with proton energy is an assumption,
but one which is believed to be conservative. Actually, data are only available for the 30
Mev and the I00 Mev values and are so indicated.

In comparing the various curves of Figure 6.7-I_ the following points are useful to keep in
mind:

i. A cover glass thickness of 6 mils will stop all protons below about 4 Mev, so

the portions of the curves less than this energy have little significance.

1 The damage to solar cells from protons decreases continuously as energy level
increases. This, in combination with the reduced flux at the higher energy

levels, makes the proton flux above a few hundred Mev, for the levels indicated

on these curves, a minor factor in the damage.

3. There is some reason to believe that the solar flare activity during the next

peak period will not be as great as during the last one (see Reference 7).

From the foregoing, it is believed that the proton environment assumed for this study is a

fairly reasonable one and possibly may be somewhat conservative.

In order to convert the radiation environment at Earth to that expected for vehicles having

varying distance from the sun, one procedure is to assume that proton flux varies inversely
as the square of the distance from the Sun and to time-average this effect over the mission

ignoring its discrete nature. This was done for the Mars 1969 and the Venus 1970 mis-

6-109



sions, but it was foundthat the resulting degradationfactors were sufficiently close to
thoseobtainedusingthe total flux for oneyear at Earth that the latter value wasusedfor
simplicity and is conservative in bothcases.

Damagecalculations were carried out usinga computer program which hasbeendeveloped
for this purposeby this Company.

Values of the resulting degradation factors as a function of thickness of fused silica cover
glass are shown in Figure 6.7-2. These are given for the assumed 1969-72 environment

as well as for the average yearly dose rate during the 1956-61 period and ten times that

average. Using the assumed environment, a weight optimization study indicated minimum
solar array weight would occur with about 6 mils of cover glass, and this is the value used

in this study, with a resulting degradation factor for the 1969-72 period of 0.78. However,
for ease of handling, an actual design might well use a somewhat thicker glass, possibly 10
mils, with little weight penalty.

Using the same glass thickness (6 mils) and a solar proton flux 1/3 as great as that assumed

for the 1969-72 period, a degradation factor of 0.86 results for the assumed 1973-75 envir-
onment.

G. Filter Characteristics

Studies carried out in Reference 8 indicate that maximum array output for a solar paddle

in the vicinity of Mars is obtained using no filter. Since early studies of the Mars orbiter

assumed paddles, initial array output calculations were based on this assumption, with
the resultant characteristics indicated in Table 6.1.3-2. As the design evolved to body

mounted cells, these characteristics were not changed. However, a final desi,_n might

very well use a blue or blue-red filter for two reasons. First, output for body mounted
cells would be increased somewhat, perhaps as much as 8%. Second, at least ablue

filter might be required to prevent deterioration of the glass-to-cell bond due to ultra-
violet.

The filter characteristics assumed for the Venus Orbiter are predicted values, based on
characteristics of similar filters. These characteristics were integrated over the solar

spectrum (and cell response characteristics) to produce the absorptivity and transmissivity
values indicated in Table 6.1.3-2.

6.7.3 NICKEL CADMIUM BATTERIES

The following assumptions were made in estimating performance of sealed, rechargeable
nickel cadmium batteries:

°

.

Battery capacity, including the case but not including thermal control, is
assumed to be 9 watt-hour/lb for 10if7 depth of discharge.

Constant current charging is assumed throughout the charge and overcharge
period.

. The maximum allowable current during the overcharge condition is assumed
to be that which will supply 10if; ampere hour capacity in a period of six hours.

(This value is based on past experience. Charging currents in excess of this

are considered to run too high a risk of battery failure c!ue to exccsbive gen-
eration of ,ms and build-up of internal pressure. There is also a heating

problem. )
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4. The maximum allowable depth of discharge for repeated cycling is assumed

to be 6_, (.

(For charging times less than 4.5 hours, the maximum allowable current

during the overcharge condition as noted in 3) will determine battery size,
and the depth of discharge will be less than 60(/, varying linearly with charge

time up to a charge time of 4_5 hours. For charge times greater than 4.5

hours, the charging rate is cut back from the 6-hour rate in order to hold
depth of discharge at 6ff_. )

. The excess ampere-hours of overcharge required to maintain continuous

cycling is assumed to be 25ff for a six-hour charging rate, increasing linearly
with charging rate to a value of 100% for a 16-hour charging rate. It is further

assumed that the charging current cannot be reduced to less than the 16-hour

rate if continuous cycling is maintained.

(The assumption of a linear variation of excess ampere hours with charging
rate is arbitrary. The other assumptions are based on strong, but not neces-

sarily conclusive, indications from past testing experience, principally on the

Advent program. )

, For purposes of calculating charging efficiency of the battery, defined as the

ratio of the watt-hours delivered during discharge to the watt-hours put back
into the battery during the charge plus overcharge periods, it is assumed that

the average discharge and charge voltages are 1.2 and 1.43 volts per cell re-

spectively. This assumption, together with the assumptions of 5, results in
a variation of charging efficiency with actual charging time as indicated in
Figure 6.7-3. (Test data indicates that these voltage assumptions are rea-

sonable. )

Although it is believed from past experience that battery performance based on the pre-

ceding assumptions is fairly reasonable, extensive testing for the duty cycles of the Voyager

missions would be required to determine obtainable performance.

6.7.4 SILVER ZINC BATTERIES

The specific capacity of the primary silver zinc batteries used for the Venus Landers is
estimated to be in the vicinity of 25-30 watt-hour/lb. Specifically, the values used are

27 and 32.5 watt-hours/lb respectively for the Venus 1970 and 1972 missions. These

values are considered to be reasonable based on past experience and take into account the

long transit time prior to use.
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6.8 MISSIONANALYSIS

6.8. 1 INTRODUCTION

Thepurposeof this section is to discuss someof tile aspects involvedin the performance
estimatesof tile recommendedsystems for all of theVoyager missions.

6.8.2 MARS1969ORBITER

The power profile for this mission is indicated in Figure 3.3.5-2 of Vol. II. The Orbiter
is completely in the Sun for the first 80-90 days, after which periods of darkness occur

in each orbit. However, prime mission objectives are expected to be achieved during the
first 80-90 days. Therefore, the mission profile after this time was not considered in

sizing the power supply. It did, however, influence the choice of batteries in that it was

felt desirable to have batteries capable of a large number of discharge-charge cycles in
order to be capable of some operation in this latter period. Thus, nickel cadmium bat-
teries were selected. However, if this period of partial shadow in each orbit were

completely ignored, Figure 3.3.5-2 of Vol. II shows that only 7 discharge-charge cycles

are required, and so silver zinc batteries capable of a few discharge-,qmrge cycles could

be used instead, with an appreciable weight saving.

Peak load power for this mission occurs in Mars Orbit and is 440 wails for periods of

23-25 hours. The solar array, therefore, was sized to handle this l()ad, lcavin_l)alteries

to be required only during tile times tile vehicle is not Sun oriented and they w()uld not t_('
required at all in tile all-sunlight Mars re'bit.

Battery size is determined by the energy requirements during orbit injecti_m. A lmltery
having a useful capacity of 115 watt-hours will satisfy these requirements. Usin_ a 60(, '
depth of discharge (yielding 5.4 watt-hours/lb of useful energy), the battery weight is es-

timated at 21.3 poullds. Tile Lander RTG units can handle :Ill launch and parking (_rbit
requiremenls, since approxinmtely 82 watts are available from them.

The battery will be charged at a 6-hour rate, corresponding to ab_mt 38 watts input. At
this rate, it will be fully charged before Earth c_mlmunication begins in the orbitin;_ m_ele

on lhe planet clark side, assuming a 6T, charging efficiency at the 6-h_ur rate. Thus, the

batlery will be fully available for emergency t)peration at Ihis time if necessary.

6.8.3 MARS 1971 ORBITER AND 1973 BACK-UP ORBITER

Tile power profiles for these missions are identi('al and inst)far as p_)wer supply sizing is
concerned, differ from the Mars 1969 Orbiter pl'c)file only in that a l)oak h):ld of 446 watts

t)ccurs for periods of 23-25 hours in Mars Orbit, rather than 440 watts. Therefore, the

solar array for these missions is slightly larger than for the Mars 1969 missi_m, trot tile
battery size and operating conditions are the same.

6.8.4 MARS 1973 AND 1975 BACK-UP ORBITER

The power profiles for these missions are identical, and primary mission _bjectives are

achieved while in an all-sunlight orbit. As before, lherei_n'e, power sizin!_ (t_)es n;_I c_m-

sider orbits involving shadow periods, but nickel cadmium lmlleries were s_qcct('d t_ pr_-
vide for some operation under these conditions.

The bulk of the power requirements during transit to tile planet are at a load leve _, o! a!_.)ut
100 watts, with levels of 155 waits for 1 2-hour periods after maneuvers and occasional

peak loads of about 282 watts for 1 '2-hour periods for comnmnication. When m all all-

sunlight orbit around Mars, the load consists of a base load of 120 watts with a 1 2 hour.
324 watt peak every 12.9 hours.
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6.8.7 MARSLANDERSAFTER 1969

Power profiles, insofar as they affect RTG and battery size, are the same for these

systems as for the Mars 1969 Lander, and therefore the same size battery and RTG units
are used.

6.8.8 VENUS LANDERS

Energy requirements at the load are 219 and 570 watt-hours respectively for the Venus 1970

and 1972 landers, resulting in 231 and 600 watt-hours required respectively from the bat-

teries. Peak load power levels are 207 and 232 watts. Silver sinc batteries required to
fill these requirements are estimated to weigh 8.5 and 18.5 pounds respectively. This
assumes that sterilization will not affect battery capacity and that the batteries will be
float charged during the transit period to decrease stand losses.

If nickel cadmium batteries were used instead of silver zinc, as might occur if the latter

could not be sterilized, the batteries would be estimated to weigh about 26 and 67 pounds
respectively for the 1970 and 1972 missions. This assumes a capacity of 9 watt-hours/Ib

for full discharge.

6.9 RECOMMENDATIONS FOR FUTURE EFFORT

Section 6.1.2 summarizes problem areas requiring further resolution. Amplification of

some of these and recommendation of additional studies is in order for those relating to
isotope systems.

6.9.1 EARTH SAFETY AND PLANET CONTAMINATION GROUND RULES

This is a major problem area. Immediate steps should be taken to resolve it. The Mars
lander mission is vitally dependent upon use of an isotope power supply. As has previously

been pointed out, the ground rules used have a major effect on the design approach and
performance of such a power supply, and a rational design cannot be carried out until these

ground rules are established.

In establishing these ground rules, the entire spectrum of possibilities must be considered,

such as whether intact or burn-up re-entry is allowable and the conditions for each, whether
helium pressure build-up should or should not be allowed for, whether survival in the deepest

depth of the ocean is or is not required, whether it is necessary to design for survival when

buried in soft soil, and so on.

6.9.2 RTG FAILURE MODE ANALYSIS - MARS LANDER

As indicated in Paragraph 6.5.4A, additional study of the effects of various failure modes
on the design of the RTG unit is necessary in order to make a full evaluation of the design

concept used here. Of major importance is investigation of the worst possible entry and

re-entry conditions, both as regards aerodynamic heating and ground impact conditions.
Of considerable importance is the depth to which the capsule might be buried in soft ground,

since a deep burial would almost certainly lead to overheating and melting of the capsule

and source. Other failure modes which should be investigated are indicated in Paragraph
6.5.4C and Table 6.5.4-1.

The preferred procedure would be to await establishment of firm ground rules before con-

tinuing this analysis. However, if establishment of these ground rules should be delayed,
much useful work could still be done by assuming the present ground rules and investigating
the effect of variations in them.
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